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Abstract 

Environmental factors, such as noise and emissions have begun to play a significant 
role in the design of new aircraft. Although advances in propulsion technology have 
reduced source noise levels significantly over the past few decades, it is becoming 
increasingly difficult to project similar advances for the next few decades. It is likely 
however that some noise benefits may come from improvements in aircraft 
performance and from changes in operational procedures. In order for such 
developments to be analysed at the conceptual design stage, an integrated conceptual 
aircraft design and aircraft noise model is required that enables the designer to rapidly 
assess the effect of key design parameters on reference noise levels and noise contour 
area. 

The thesis describes the development of a conceptual design model and integration 
with the NASA Aircraft Noise Prediction Program (ANOPP). The completed model is 
applicable to civil transport aircraft with high bypass ratio turbofan engines and is 
validated using the Boeing 747-400 and Boeing 757-200 aircraft at the certification 
reference points. Model agreement is shown to be good, particularly in terms of 
aircraft design and performance characteristics. 

Finally, the thesis describes how the integrated model is applied to three aircraft 
design scenarios. The first study shows the effect of changing the aircraft thrust
weight ratio on take-off flyover noise levels. Although increased thrust will increase 
source noise levels, improved climb performance will increase the distance between 
the noise source and populated areas. The second study investigates the effect of 
approach speed on aircraft noise levels. Higher speeds may allow different flap 
settings to be used, reducing aircraft drag and hence thrust levels. The final study 
investigates the sensitivity of approach angle to approach noise levels. Increasing the 
approach angle increases the distance between the noise source and the surrounding 
community, thereby reducing noise levels. 
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1. Introduction 

1. Introduction 

For a given aircraft size, noise levels produced by aircraft have decreased steadily 

since the introduction of civil jet transport aircraft in the late 1950's. However, the 

rapid expansion of air travel has led to increased numbers of flights from larger and 

larger airports. As airports have expanded towards populated areas, public awareness 

to aircraft noise has increased, even with the operation of advanced and quieter 

aircraft. The demands on airport slots and the rapid expansion of night time 

freight/mail services has also significantly increased the number of night time 

operations during which noise disturbance is most unwanted. In response to the rising 

number of complaints, airports have responded by introducing restrictions on how 

aircraft are operated. In some cases this has simply meant that the airport has actively 

encouraged the phasing out of noisier aircraft in favour of quieter types. In other 

cases, the airports have implemented fining systems, most of which simply add a 

penalty to the landing fees, where as in other cases airports have developed strict 

noise penalty systems based on routine monitoring of noise levels around the airport 

vicinity. Additionally, some airports have actively capped aircraft capacity by limiting 

movements to certain types of aircraft and in some cases banned night flying 

altogether. Such measures if continued will have a significant economic effect on the 

air transport industry and thus it is essential that a compromise is found to the aircraft 

noise problem, that results in acceptable economic penalty to airlines and airports 

whilst appeasing the public who live in the noise affected communities around 

airports. 

Stephens (1996) noted that the overall aims of the NASA Advanced Subsonic 

Transport (AST) Program are a reduction in airport community noise levels of some 

10dB relative to 1992 levels. Although aircraft noise levels for a given aircraft size 

have reduced by around 25dB since the introduction of the jet transport aircraft 

(Smith 1994, Stephens 1996), it is likely that a further reduction in noise levels may 

only be achievable by accepting an economic penalty in the design of new aircraft, 

either through additional unit cost or higher operating costs associated with increased 

fuel burn. Engine technology is now maturing and further reductions in source noise 

levels are only likely with significant cost and weight penalties. Additionally, it is 

now clear that any reduction of source noise levels may lead to airframe noise 
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becoming the dominant noise source during the approach phase (Willshire et al 1992). 

Stephens (1996) suggests that of the IOdB reduction, it is likely that only 6dB will be 

possible due to reductions in noise levels at source, the remaining 4dB must be 

obtained through improved design and operation of civil aircraft. 

In order to assess possible methods by which aircraft noise around airports may be 

reduced it is essential to analyse the global system that results in aircraft noise 

generation. In its simplest form, aircraft noise is dependent on noise levels at source 

and on the distance between the source and the surrounding community. Thus noise 

levels may be reduced by either reducing the source levels or increasing the distance 

between the noise source and the community. In terms of aircraft noise, these two 

parameters are inextricably linked making the problem a complex task. In order to 

determine source noise levels detailed information is required describing the aircraft 

powerplant. To determine the distance between noise source and the community 

during the critical flight phases (takeoff and landing) a detailed understanding is 

required of the performance of the aircraft. This requires knowledge of the aircraft 

geometry, capability and how the aircraft is operated during these flight phases. 

1.1 Research Aims 

This research aims to investigate and identify potential reductions in community noise 

levels through changes to operational procedures and aircraft design parameters. 

Changes of operational procedures can be implemented directly using aircraft already 

in existence. Options include adapting departure noise abatement procedures to more 

closely match individual aircraft type characteristics and alternative arrivals 

procedures such as low powerllow drag descent or steeper approaches. 

Simple changes to aircraft operating procedures may be assessed using currently 

available noise models such as the F AA's Integrated Noise Model (INM) (F AA 

1995). The model, however, does not differentiate between different noise sources 

and thus is unsuitable for analysis at the low power settings typically associated with 

alternative approach procedures. Additionally, it is difficult to add new aircraft to the 

INM database and assess potential noise benefits of aircraft design changes. 
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To fully analyse the potential noise benefits it is necessary to develop an integrated 

conceptual aircraft design and noise prediction model. Published methods are widely 

available for both conceptual aircraft design and source noise prediction. By 

integrating the two methods it is possible to identify changes in noise levels resulting 

from changes to the aircraft configuration or operating procedures. Ultimately design 

optimisation may be expanded to include aircraft noise effects. 

As well as including a conceptual design model, the integrated model must also 

generate flight profiles to provide the ability to vary operating procedures during both 

the takeoff and landing phases. Finally the global model must have the ability to 

compute both airframe and propulsion noise component levels so that an accurate 

assessment may be made of the preferred strategies to reduce aircraft noise levels. 

1.2 Thesis Structure 

In order to include all desired parameters in the global model, a review of current 

aircraft design, noise prediction methods and noise reduction technologies is given in 

chapter 2, together with an historical review of aircraft noise in the community 

outlining the introduction of noise regulations and the current trend for stricter noise 

regulations being imposed at airports world-wide. 

Model components are described in three chapters. Chapter 4 describes the aircraft 

design model which includes the prediction of aircraft mass, lift/drag characteristics 

and aircraft performance. Chapter 5 then describes methods for the prediction of 

departure and arrival flight profiles using aircraft characteristic data predicted in 

chapter 4. Chapter 6 presents methods for the prediction of aircraft noise levels using 

flight profile data from chapter 5 to define aircraft position and power settings. 

Throughout these three chapters example calculations are provided for a single 

aircraft to demonstrate the methods as they are introduced. 

Model validation is described in chapter 7 illustrating the construction of certification 

flight profiles and the prediction of certification noise levels. In chapter 8 the global 

model is applied to three scenarios that offer the potential to reduce aircraft noise 

levels. Additionally, it will be demonstrated that the converse is also true, that an 

aircraft can be operated in such a manner to make it significantly noisier than was 
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demonstrated during its design and certification. Chapter 9 then discusses the results 

presented in chapter 8 in further detail, assessing whether alternative operating 

procedures or new design options are economically viable and achievable in practice. 

Finally, the thesis identifies how the model may be developed to increase its 

flexibility and range of application in chapter 10 before concluding in chapter 11 with 

a discussion of the benefits provided by the global aircraft conceptual design and 

noise prediction model. 
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2. Literature Review 

2.1 Introduction 

Aircraft noise control is a complex multi-disciplinary subject. In its simplest terms 

aircraft noise levels are dependent on source noise levels and the distance between the 

noise source and surrounding community. Source noise is dependent on the size and 

the type of jet powerplant used. Analysis requires a detailed description of the 

powerplant characteristics in terms of its geometry and performance. The distance 

between the noise source and the community during the takeoff and landing phases is 

dependent on the aircraft configuration and the operating procedures used. For the 

takeoff phase, an aircraft with good climb performance will climb rapidly and thus 

maximise the distance of the noise source from the community. For the landing phase, 

the distance between the aircraft noise source and a noise measuring point is directly 

related to the approach angle flown. Thus, in order to predict aircraft noise levels it is 

essential to predict the aircraft flight profile during the takeoff and landing phases. 

This requires that detailed performance characteristics of the aircraft are known. Such 

characteristics may be predicted from the known geometry and configuration of the 

aircraft. This chapter discusses current trends in aircraft configuration and design, 

basic acoustic theory in relation to aircraft noise prediction methods and means to 

reduce noise levels at source. Finally the chapter will introduce the historical 

development of aircraft noise regulations, from airport regulations to aircraft 

certification regulations. 

2.2 Trends in Aircraft Design 

Design methods have been continuously developed to provide rapid and relatively 

accurate answers for the assessment of new aircraft layouts and the assessment of new 

aircraft technologies. From the earliest days (Judge 1916) these methods have been 

based on a mixture of fundamental principles and empirical data. One of the first 

illustrations of the mechanisation of the design process was reported by Driggs 

(1950). He described how previously adopted graphical techniques had been 

incorporated into specially designed slide-rules with overlay graphical methods to 

provide rapid systematic analysis of aircraft designs for the US Navy Bureau of 

Aeronautics. Although regarded as crude by modem methods these ingenious 
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mechanisms allowed the designers to develop a feel for the sensitivity of individual 

design parameters on the overall configuration. This facility has since been recognised 

as an essential part of the development of subsequent design methods. At about the 

same time as the slide rule techniques were used, many researchers, of whom 

Kuchemann (1968) is the most significant, were attempting to determine 

mathematical procedures for the design of aircraft. With good fortune, the need to 

develop these more complex and powerful analytical methods coincided with the 

introduction of modem electronic computers and associated numerical methods. At 

first, such computers were employed to analyse specialist problems but this created a 

demand to interchange design information between different departments. The 

problem of such integration and the increasing complexity of the aircraft design 

specialisation were reported by Heldenfelds (1973). This led to the development of 

automated design systems which allowed participants to share a common database of 

the current aircraft configuration with the advantage of reduced data transcription 

errors. Later generations of these computer systems are now widely used and fully 

integrated into the design and management structure of all major airframe and engine 

manufacturers. Although these systems are expensive and complex, they are essential 

in a commercially competitive manufacturing enviromnent. 

The aircraft design process may be considered in three different parts: 

• Conceptual design studies 

• Project design studies 

• Detail design studies 

There is often little distinction between the first two parts. They are often linked 

together and termed the 'preliminary design phase'. It is here where decisions 

regarding the aircraft configuration are made that will have over-riding implications 

for the rest of the design process. Typical decisions made will include the fuselage 

cross-section and length, number and type of engines. As the configuration develops 

more data will become available, enabling design methods to be refined and improve 

the likelihood of the design meeting the specification defined at the start of the 

conceptual design process. As described earlier, Driggs' slide rule enabled designers 
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to determine the design sensitivity of key parameters. This was the beginning of what 

is now termed design optimisation. During the 1960' s and early 1970' s the primary 

goal was weight reduction and to this end designs were effectively optimised for 

minimum structural or gross weight. This aim improved aircraft performance which 

was often limited due to the unavailability of powerful engines. Additionally, 

minimising structural weight reduced unit cost thus benefiting airlines. During this 

period little data was available from operators regarding operating costs and since fuel 

prices were low operating costs were deemed too insignificant to be considered during 

the conceptual design phase. During the 1970's, however, fuel prices more than 

tripled and suddenly operating costs escalated. Manufacturers began to use airline 

data to develop operating cost prediction models. The models enabled designers to 

optimise the aircraft, not just for minimum weight but for minimum operating cost. 

This trend has continued through the 1980's and 1990's where design optimisation 

has become fully integrated within the conceptual design process. Examples of highly 

optimised aircraft include the Airbus A340 aircraft illustrated in Figure 2.1. 

\.'-~iJ""'~~=.' ...... DJl....;J.()'~ 0 

I 

Figure 2.1: Airbus A340 (source: Jane's All the World's Aircraft) 

The aircraft features a relatively small, high aspect ratio wing to reduce drag on long 

range flights. This is coupled with an advanced high lift system allowing small 

engines to be used whilst meeting takeoff specifications. Here, though the designers 
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have taken advantage of the long runways now common at major international 

airports, the Airbus A340 being desigoed with a takeoff field length of the nearly 

3,000m (SIL ISA conditions). This enables the aircraft to meet takeoff and cruise 

performance requirements with an extremely low thrust-weight ratio. This, however 

results in poor climb performance after takeoff, thus maintaining the aircraft close the 

ground and surrounding communities. Figure 2.2 places the A340 design point in 

context with other aircraft. With the exception of developed versions of the Boeing 

707 it has the lowest thrust-weight ratios of current civil transport aircraft and 

significantly below the group average for four engined aircraft. 
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Figure 2.2: Aircraft thrust-weight ratios 

Despite this the certificated noise levels are significantly below Stage 3 levels. This is 

mainly due to the advanced nature of the high-bypass ratio turbofan engines which 

include integrated exhaust mixers. 

The project design phase ends when the configuration is frozen and a decision is taken 

to proceed to the 'detail design phase'. During the project design phase, the 

component geometries are selected and the manufacturing processes planned. 

Finally, the detail desigo phase is entered. During this phase all significant technical 

decisions are finalised and the aircraft is committed to production. Throughout this 
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phase, drawings are progressively released for production. During the detail design 

phase, the manufacturing phase begins and some components are manufactured for 

test purposes and the first complete aircraft is used for the initial flight tests. After all 

the tests have been completed the aircraft type will be granted a Certificate of 

Airworthiness by the national (or federal) aviation authority. The aircraft type is then 

ready for introduction in airline service. Figure 2.3 illustrates the design process 

illustrating the conceptual phase described in detail in chapter 4 and shows how the 

design and manufacturing phases are scheduled and the bulk of the program cost. 

Project Design Detail Design 

I' 
I Conceptual Phase I ~ 

Project studies begin 

Preliminary Design Phase 

[.~'.~":~~~~~::'~~'J ~ D::;~g~::~;:;~ase I / 
! Drawings released for manufacture 

r::::::::] Manufacturing Phase ./ -t::::::::J 
~ "........., j" ................. . 

• .... Testing & Certification . .--f········i 
Cost escalation 

Figure 2.3: The aircraft design process 

Once the initial design has been introduced into service, the conceptual design phase 

may be restarted to analyse developments of the basic design. In this manner, the 

basic design may be developed into a family of aircraft covering a wide variety of 

payload/range characteristics. 
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2.3 Aircraft Noise 

2.3.1 Introduction 

Smith (1989) describes aircraft noise as: 'Noise, or unwanted sound is generated 

whenever the passage of air over the aircraft structure or through its powerplants 

causes fluctuating pressure disturbances that propagate to an observer in the aircraft or 

on the ground'. 

Since the airflow over an aircraft or through its powerplants is extremely complex it is 

appropriate to note that aircraft noise prediction is also a highly complex subject. As a 

result, many of the noise prediction methods are semi-empirical in nature. The 

fundamental parameters used in these models, however, have been derived from an 

understanding of aircraft source noise mechanisms which are described in the 

following section. Before this is done it is useful to recount the development of the 

theoretical analysis of aircraft noise. 

The development of the pure turbojet engine in the late 1940's immediately illustrated 

that turbojet powered aircraft were substantially more noisy than their propeller 

driven predecessors. The high noise was attributed to the high jet velocity from the 

exhaust flow of these turbojet engines. Analysis of the fundamental mechanisms 

associated with this jet noise was published by Lighthill in two papers (Lighthill 1952, 

1954). The first paper concentrated on developing a theory for the prediction of the 

sound radiated from a fluid flow, i.e. sound generated 'as a by-product of airflow, as 

distinct from sound produced by the vibration of solids'. The second paper makes a 

more quantitive analysis of turbulence as a source of jet noise and compares 

theoretical results from his first paper with emerging experimental results. 

2.3.2 Source mechanisms 

Before discussing Lighthill' s theory in more detail it is important to note that this 

requires an understanding of fundamental acoustic sources such as monopoles, 

dipoles and quadrupoles. These acoustic sources are described in detail in Appendix 

A. 
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Lighthill (1952) demonstrated using the equations of fluid motion that it was possible 

to describe the sound field generated aerodynamically using a static distribution of 

quadrupoles. The fact that the sound field can be modelled as a quadrupole 

distribution can be seen from the assumptions used that i) the sound field is in an 

unbounded medium and ii) that apart from the fluctuating fluid the medium is at rest. 

The first assumption implies that there are no external forces applied to the fluid and 

together with the assumption that the medium is at rest this shows that the sound 

generators must be of higher order, i.e. quadrupoles. Lighthill continued to show that 

the amplitude of sound generated by a fluctuating flow is proportional to V4 and 

hence the intensity will increase proportional to Vs. A fuller description of his theory 

is also given in Appendix A. 

This law is a generalisation and several authors have shown for high speed flows that 

the effect of reducing turbulence level is to reduce the exponent. Figure 2.4 from 

Richards and Mead (1968) illustrates this effect. For high speed rockets and other 

supersonic jet flows, the intensity is proportional to V4 
• 
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Figure 2.4: OASPL as function of the Lighthill jet parameter (from Richards 

and Mead (1968» 
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As well as applying Lighthill's theory to the problem of jet noise it is also possible to 

apply the theory to other aircraft noise sources. The original theory considered the 

case of aerodynamic noise generated in an unbounded flow. The introduction of solid 

boundaries implies that the sound generated by quadrupoles according to Lighthill' s 

theory will be reflected and diffracted at solid boundaries (Curie 1955). Instead of the 

quadrupoles being distributed over the whole volume, they will be distributed over the 

volume external to the solid boundaries. Returning to the physical characteristics of 

acoustic sources it can be seen that aerodynamic noise in an bounded medium is due 

to quadrupoles, dipoles and monopoles. In this case the dipole sources account for the 

force exerted on the fluid by the boundaries and monopoles account for movement of 

the solid boundaries. 

A specific example of the effects of solid boundaries is that of the sound generated by 

a turbulent boundary layer on a rigid flat plate. In this case the velocity normal to the 

plate is zero and thus the sound is generated by quadrupoles and dipoles, the latter 

representing the externally applied force on the fluid. The intensity from the 

quadrupole distribution varies according to VS as for an unbounded flow. Using 

similar analysis it can be shown that the intensity resulting from the dipole 

distribution is proportional to V6
• At low Mach numbers the intensity is dominated by 

the distributed dipoles and hence the V6 law applies. In practice experimental results 

indicate the intensity is proportional to VS (Sharland 1962). 

Using an extension of Lighthill's theory, Ffowcs-Williams and Hawkings (1969) 

showed that it is possible to model the noise generated by several powerplant 

components. It is therefore useful to describe the source mechanisms of the separate 

powerplant components, i.e. fan/compressor noise, combustor noise, turbine noise and 

jet noise. 

The fan/compressor is a rotating system and exhibits sound that has both broadband 

and tonal content. Broadband noise results from fluctuating pressure distributions 

over the surface of the blade associated with turbulence near the blade. The turbulence 

may be generated upstream of the blade from preceding stages or may be due to 

wakes shed from each blade which cause random fluctuations in the lift pressure or 

force over the blade surface. Lighthill showed that a varying point force acts like a 
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dipole with a strength proportional to the magnitude of the force. For the first stage, 

i.e. fan, the movement of the blade tip close to the inlet duct wall where the blade tip 

speed is a high, produces high levels of turbulence. The associated broadband noise is 

heavily dependent on fan tip speed. Smith (1989) reported that early experimental 

work by Sharland (1962) demonstrated the fifth-power variation of acoustic energy 

with the velocity of airflow over the blade surface. It also showed that the mean 

velocity through the fan/compressor dictated the amount of radiated energy from the 

fan inlet and exhaust. 

Rotating fan blades also produce discrete frequency tones. These tones can be 

generated from the interaction between airflow fluctuations, e.g. wake-turbulence in 

the path of the rotating blade or simply from the pressure field associated with 

individual blades. Thus the simplest mechanism for the generation of discrete tones is 

the propagation to the far-field of the pressure fields associated with each blade. In 

practice at subsonic fan tip speeds the energy involved is low and thus the tones are 

typically masked by other effects. The situation changes for a fan operating with 

supersonic tip speeds where a shock wave is produced by each rotating blade. These 

propagate to the far-field as discrete frequency tones. Since no two blades on a fan are 

identical the pressure pattern for each blade is different and thus each blade shock will 

vary resulting in tones over a wide range of frequencies from the shaft-speed to the 

blade passing frequency. The higher frequency tones will tend to be absorbed by the 

atmosphere over long distances and thus the lower frequency tones will appear most 

audible. The associated sound heard is often referred to as 'buzzsaw' noise. 

At subsonic speeds, discrete tones are also generated due to the interaction between 

rotating and stationary blade rows. To avoid such tones and the blade stresses 

associated with the pressure field interactions, the distance between rotors and stators 

is increased such that the intensity of the pressure-field is reduced. Experimental work 

by Sharland (1962) confirmed that the noise generated by the interactions is critically 

dependent on the distance between rotor and stator rows. Once separated sufficiently 

the intensity of the discrete tones becomes dependent on the wake of the preceding 

blade row. The frequency of the discrete tone produced is dependent on the number of 

rotating blades on a given blade row and the speed of rotation. Propagation effects are 

extremely complex, depending on the number of rotor and stator blades and duct 
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propagation criteria. It is widely understood, however, for certain ratios of stators to 

rotors that it is possible to prevent propagation of tones beyond the confines of the 

duct. This case is known as the 'cut-off' condition. Using this knowledge it is possible 

through rotor-stator spacing and choice of blade numbers to all but eliminate subsonic 

discrete tones at certain blade speeds. Smith (1989) notes that rotor-stator interaction 

tones are all but eliminated on the RR RB211 turbofan engine by the careful spacing 

of blade rows and use of appropriate blade numbers. 

Moving through the engine, the combustor is the next major component following the 

fan/compressor. Combustion or core noise is associated with the combustion process, 

flow mixing in the combustion chamber and also from any bleed valves that offload 

air from the compressor during 'off-design' conditions. Smith (1989) reports that, 'the 

origin [of combustion noise 1 has been the subject of considerable debate'. It has been 

viewed to be generated from the highly turbulent flow within the combustion chamber 

or from the fluctuations in the temperature of the flow leaving the combustion 

chamber. Fortunately no powerplant has been designed with significant combustion 

noise. 

Turbine noise is generated by similar mechanisms to compressor noise since it is also 

a system of rotating and stationary blade rows. Turbine stages tend to be more closely 

spaced than for compressors and thus rotor-stator interaction tones dominate. Since 

these tones are generated by identical mechanisms as for the fan/compressor, it is 

possible to reduce the magnitude of these tones by increasing rotor-stator spacing. 

Smith (1989), however, noted three main differences in the propagation of these 

tones. Firstly, since the nozzle guide vanes ahead of the turbine generally run 

'choked' it is not possible for turbine noise to propagate upstream. Thus, all the 

energy is radiated downstream and through the exhaust nozzle. Secondly as the sound 

waves propagate through the shear layer associated with jet mixing they are refracted. 

Both these factors combine so that turbine noise radiates through a relative narrow 

range of angles. Thirdly, the propagation through the shear layer diffuses the discrete 

tones and the spectrum is sometimes mistaken as broadband noise. 

Jet noise has already been discussed in some detail with reference to Lighthill' s VS 

law for turbulent jet noise. It is important to note that supersonic jets also include 
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additional broadband noise and discrete tones. Broadband shock noise is of concern 

since it radiates strongly ahead of the aircraft as well as behind it. For subsonic jets, 

however, turbulent jet mixing noise is the only noise generating componet. It covers a 

wide frequency spectrum with small scale eddies associated with high frequency 

sound and large scale eddies associated with low frequency sound. Reductions of jet 

velocity have been achieved through the development of bypass or turbofan engines. 

These reduce j et velocity whilst increasing mass flow to produce similar thrust levels. 

The bypass engine results in two exhaust flows, a cold bypass flow with a relatively 

low velocity and a hotter core flow with higher velocity. This two-stream exhaust 

results in a rather different mixing process to that of a single stream jet, particular 

when the colder bypass stream is exhausted from a short fan duct some distance ahead 

of the core exhaust. In this case the fan stream will mix rapidly with the atmosphere 

and further downstream the hotter core flow will mix with essentially with the free

stream flow with a high relative velocity difference. To assist with the mixing of 

bypass and core flows longer fan ducts are used and sometimes full length ducts with 

internal mixers are used to mix the two streams resulting in a single low velocity 

exhaust stream. Early bypass engines such as fitted to the Boeing 707 used short fan 

ducts. Later longer fan ducts were used. More recently aircraft such as the Boeing 747 

and Boeing 757 have full length fan ducts with internal mixers producing a single 

exhaust stream with low velocity. 

In addition to powerplant noise, airframe noise can also be significant, particularly 

during approach flight. As described earlier Curie (1955) noted that the noise 

generated by boundary layers may be assumed to be due to distributed dipoles 

resulting in a V6 dependence for acoustic intensity. In practice it is found that the 

sound generated by the wing and tail surfaces is proportional to VS due to variability 

in Strouhal number. The V6 law, however, holds for sound generated from the 

undercarriage components. For the 'clean' airframe, i.e. with flaps and undercarriage 

retracted Paterson et al (1973) noted that airframe noise is dominated by the wing. 

The noise generated is generally broadband, although discontinuties in smooth 

surfaces may generate pure tones. Helier et al (1976) noted that undercarriage wheel 

bays and slotted high-lift systems are often responsible for discrete tones with the 

airframe in the landing configuration. 
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2.3.3 Propagation of sound in the atmosphere 

The propagation of sound in the atmosphere is dependent on the fundamental wave 

properties and additional atmospheric effects. The basic theory introduced in 

Appendix A for simple acoustic sources illustrates that the mean square acoustic 

pressure is inversely proportional to radial distance. This is often termed 'spherical 

spreading', since the it is the surface area of the spherical wave front (4nC) that is 

inversely proportional to intensity. In decibel terms spherical spreading equates to a 

decay rate of 6d8 per doubling of distance (6d8/dd). 

In addition to spherical spreading, the following affects are also present in the 

atmosphere: 

• Losses due internal energy exchange, e.g. relaxation processes, viscosity and heat 

conduction. 

• Winds and other effective mean flows due to large scale atmospheric turbulence. 

• Temperature gradients 

With respect to the prediction of aircraft noise levels in a homogeneous atmosphere, 

as stipulated by leAO Annex 16 (leAO 1985) losses due to internal energy changes 

are the most important and are normally grouped under the heading of atmospheric 

attenuation or atmospheric absorption. The amount of attenuation depends on the 

molecular composition of the fluid and is strongly affected by impurities, temperature 

and humidity. It is for this reason that the location of an aircraft noise certification test 

is highly controlled and results are corrected to standard conditions of ISA + 1 ooe and 

70 percent relative humidity. The American National Standards Institute (ANSI) 

prepared S126 (ANSI 1976), a standard method for the determination of attenuation 

rates as a function of third octave band centre frequency, temperature and humidity. 

The method has been adopted in the NASA ANOPP model and by IeAO; coefficients 

for ISA+ 1 ooe and 70 percent relative humidity are presented in leAO Annex 16. Due 

to the standard conditions used this method typically results in positive increments 

being added to measured noise levels during the certification test, the intention being 

to produce worst case certification noise levels. For general airport noise modelling 

work SAE-AIR-1845 (SAE 1986) provides attenuation rates that are based on average 
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airport attenuation rates. These values result in greater attenuation compared with 

ANSI S126. 

Analysis of UK measured noise data suggests that the overall attenuation rate in the 

atmosphere is approximately 8dB/dd (26.610g d2/d1) for instantaneous noise metrics, 

e.g. Lmax and 5dB/dd (16.610g d2/dl) for exposure based metrics, e.g. SEL, EPNL. The 

8dB/dd attenuation rate is currently used in the official UK aircraft noise contour 

model (ANCON) (Ollerhead 1992). Accounting for the 6dB/dd associated with 

spherical spreading this implies that atmospheric absorption can be approximated to 

2dB/dd. 

When estimating or measuring certification noise levels according to ICAO Annex 16 

it is not necessary to include the effects of wind and temperature gradients, the 

intention being to conduct tests under calm wind conditions in a homogenous 

atmosphere. To this end ICAO Annex 16 provides guidance on suitable weather 

conditions in terms of wind speed, temperature and relative humidity. It is, none the 

less appropriate to qualitatively discuss the effects of wind and temperature gradients 

on sound propagation. The general effect is to reflect and refract sound waves. In the 

Troposphere temperature decreases with altitude and thus initially horizontal sound 

rays are refracted upwards and so the overall effect is to reduce the sound heard along 

the horizontal. If there are temperature inversion layers where the temperature 

increases sound rays are refracted downwards increasing the sound heard. 

The effect of wind is similar to that produced by temperature gradients. The 

mechanism of reflection and refraction is, however, different in that it depends on the 

convection of the wave by the wind and thus the refraction is dependent on the speed 

of the wave and on the angle the incident wave makes with the wind direction. 

Downwind transmission is reinforced by rays that were initially inclined upwards as 

they are now refracted downwards. It is by this mechanism that sound can propagate 

around obstacles. Upwind transmission is diminished as horizontal rays are refracted 

upwards and away from an observer in the horizontal plane. 
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2.3.4 Noise Prediction 

Noise prediction methods were developed in parallel with ground based 

measurements of aircraft noise, both of stationary aircraft/engines and of aircraft 

flights during takeoff and landing. Because of the reliance on measured data, the 

models are traditionally empirically based, the significant parameters being 

determined from theoretical analysis of the source mechanisms described in section 

2.3.2. As a result their widespread use is often limited, many manufacturers producing 

proprietary models for their own use due to the commercial sensitivity of the engine 

performance data used to develop such models. Additionally, aircraft noise is a 

combination of several source noise components adding to the complexity of the 

prediction process. Both powerplant and airframe source noise much be considered 

since either can be significant, depending on the flight condition,. Many of the 

published noise models have been developed by NASA and SAE. They form part of 

an ICAO standard for aircraft noise prediction. Table 2.1 shows the models used by 

many manufacturers for aircraft prediction (from Zorumski, 1982). 

More recently, computational aerodynamics codes have been developed (Stephens 

1996). These codes predict flow fields around the aircraft and inside the powerplant 

depending on the noise component under consideration. The fluctuating pressure 

fields are then used to estimate noise levels. Since such codes are still in development, 

only empirically based noise prediction methods will be discussed in this chapter. 
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Participant 
Source of prediction method 

Jet Shock Combustor Fan, forward Fan,aft Turbine Alrframe 

NASA-ANOPP SAE-ARP-876, plus SAE draft ARP 876, NASA TM 7-71627 NASA TM X-71763 NASA TM X-71763 No approved method FM PD-77-29 by 

own modified; Hoch proposal by Tanna, M. P. Fink 

SAE flight exponent Fisher & Harper-

Borne. 

SNECMA SAE-ARP-876, plus OWn method; YKA SAE draft by Matta; NASA TM X71763, NASA TM X71763, Matta; FM-PD-77-4 None 

own modified; Hoch 5982176 FM PD-76-125 with first stage only first stage only 

SAE flight exponent envelope spectrum 

British Aerospace SAE-ARP-786 (pre- SNECMA method SAE draft method Smith and House None ratified GE method (Smfth FM PD-77-29 by 

publication) plus SAE with tones and Bushell for M. P. Fink 

Hoch proposal backup) 

The Boeing Company SAE-ARP-876 plus Not included Own, but similar to Similar to NASA Similar to NASA Pratt & Whitney JT3D None 

own flight exponent SAE draft CP-114649; based CP-114649; based and JT9D based 

on Pratt & Whftney on Pratt & Whitney 

JT3D and JT9D JT3D and JT9D 

McDonnell Douglas Own method Not included Not included Modified Smith and Modified Smith and Modified Smfth and None 

House with tones House with tones Bushel! with tones 

Lockheed Corp. Modified SAE draft SAE draft Own method OWn method GEmethod OWn unpublished 

SAE-ARP-876 method 

Pratt & Whitney SAE-ARP-876 plus SAE draft Assumed low in SST JT3D method and no Proprietary on tip OWn, Matthews None 

near average Hoch in-flight speed 'clean-up' modified 

General Electric SAE-ARP-876 plus SAE draft SAE draft Estimated from Estimated from Estimated from Not considered 

1 dB plus Bushell measured spectra measured spectra measured spectra 

flight experiment 

Rolls Royce Limited SAE-ARP-876 plus SAE draft SAE draft with Own method based Own method based Own method FM PD-77-29 by 

modified Hoch flight modified spectra and on high bypass ratio on high bypass ratio M. P. Fink 

experiment directivity fans fans 

Table 2.1: Engine source noise prediction methods (source: Zorumski, 1982) 
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2.3.5 Airframe Noise Prediction 

Much of the research on airframe noise was spurred by the expectation of more 

stringent noise certification rules. With the introduction of quieter engines and 

improved noise suppression techniques in the early 1970's it was envisaged that 

certification noise levels may be reduced at IOdB per decade (US DoT 1971). It was 

quickly realised, however, that noise reductions may be constrained, particularly for 

the approach phase, by airframe noise. Blumenthal et al (1973) reported that recent 

flight tests had identified that airframe noise levels for the Boeing 747 and 727 were 

approximately 8EPNdB below the current FAR 36 standards, and also stated that 

flaps and landing gear can contribute 10 to 12 EPNdB to the total approach airframe 

noise levels. Blumenthal noted that airframe noise was predominantly dependent on 

aircraft velocity and concluded by questioning whether reduced approach speeds with 

more powerful flaps would actually reduce noise levels. He also stated that the effect 

of aspect ratio or wing loading changes were unknown. 

Since airframe noise is noise generated aerodynamically, the origin of the prediction 

methods can be traced back to Lighthill (1952) and Curie (1955). From this work 

estimates were made of the basic levels associated with airframe components. As 

these methods developed, they were expanded to also predict spectrum shape. One of 

the first complete airframe noise models to be published was presented by Revell et a1 

(1975). This model predicted third octave band sound pressure levels for discrete 

airframe components. For each component a consistent method is employed with 

different input data and constants used for each component. Many of the constants 

and functions are empirically derived from flight test data. This data was expanded 

and Fink (1977) presented an improved model using test data obtained from the first 

generation of wide-body civil transports introduced in the early 1970's. This model 

was later adopted as the standard procedure for airframe noise prediction in the 

NASA ANOPP model presented by Zorumski (1982). However, by this time the 

threat of new certification rules being introduced each decade had diminished and 

together with it the interest in airframe noise. Discussion in the 1990's regarding more 

stringent noise certification rules has sparked new interest in airframe noise levels and 

prediction methods. Using the model presented by Fink and Zorumski, ESDU (1992) 

expanded the flight test data used to develop key empirical relationships. The 
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improved model predicts more accurately flap component noise, which is particularly 

dominant during the final approach. 

Willshire (1992) demonstrated the significance of airframe noise by using the NASA 

ANOPP model to predict noise levels for the Douglas DC-IO aircraft with its existing 

engines and then for the same aircraft with high bypass ratio turbofan engines and an 

additional 5dB of source noise suppression. He showed that for the original aircraft 

airframe noise levels during the approach were approximately 10EPNdB below total 

noise levels. With the new engine the margin reduced to 2EPNdB but contour analysis 

demonstrated that fan noise still dominated during the approach phase. 

Further work was undertaken by Yamamoto et al (1995) who presented a comparison 

of the Fink model with airframe noise data recorded in the mid 1970's during flight 

tests ofDC9-30 and DCIO-IO aircraft. The report also includes a comparison of the 

McDonnell Douglas airframe noise empirical model developed by Munson (1976). 

The report highlighted discrepancies between measured data and predictions made 

using both Fink's and Munson's models in the areas of directivity and spectrum level, 

particularly for the clean airframe configuration. However, the Fink and ESDU 

methods are still universally accepted as the standard methods for airframe noise 

prediction. 

2.3.6 Propulsion Noise Prediction 

Propulsion noise prediction is based on the estimation of noise levels from major 

engine components. The complexity of a modern turbojet or turbofan engine has 

resulted in four dominant noise components. These are: 

• Fan noise 

• Core/Combustion noise 

• Turbine noise 

• Jet noise 

Each noise component requires detailed information describing its geometry and 

performance aspects. Aerospace manufacturers will typically obtain this data from the 

engine supplier when producing noise predictions. The engine manufacturer will use 
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engine 'deck' computer programs based on a mixture of theoretical methods and 

empirical data gathered from their own engine designs to produce engine performance 

data. Attempts to synthesise stand-alone theoretical methods have been made but 

suffer from poor accuracy when attempting to predict engine off-design performance 

at very low power settings. All the noise components must be considered as no single 

component is dominant during all flight regimes. The dominant component at any 

given power setting is dependent on the type of powerplant. 

Early jet powerplants with high exhaust velocities resulted injet noise being the 

dominant powerplant noise source. Thus, research work (Blumenthal et al 1973, Rolls 

Royce 1986) was directed at reducing the exhaust velocities using elaborate mixing 

systems to slow the exhaust velocity. This work has been developed quite 

successfully and Benito (1986) identified that in some cases the addition of exhaust 

flow mixing can increase engine thrust and improve engine efficiency for a modest 

weight penalty. Greater reductions in jet noise have been made, however, through the 

development of high-bypass ratio turbofans with dramatically reduced jet velocities. 

These reductions have been at the cost of large fans and higher tip speeds have 

increasing the noise contribution from the fan. In some flight regimes fan noise has 

become the dominant powerplant noise source. Thus, more recently considerable 

effort has been expended in an attempt to reduce fan noise (Stephens et al 1996). 

Much of the research work is undertaken by engine manufacturers to improve their 

own products. Most of this research is empirically based using data from engine tests 

leading to high costs. Thus, a great deal of the research work is not published and 

remains proprietary information of the respective company. However, important work 

has been published by NASA and SAE. Zorumski (1982) collected a significant 

amount of this work together and published the NASA Aircraft Noise Prediction 

Program (ANOPP) in 1982. The work describes a collection of papers detailing 

mathematical models to predict engine and airframe component noise levels. The 

engine component noise models are empirically based from the results of many years 

of testing and relate primary engine characteristics to component source noise levels. 

Some of the engine parameters are simply geometric and can be obtained relatively 

easily. However, to successfully use ANOPP, a substantial amount of data is required, 

associated with internal engine performance. The data required may be predicted with 
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reasonable accuracy at the engine design condition, which is suitable for takeoff and 

initial climb purposes when the engine is operating near full power. However, it is 

difficult to predict this data at the low power settings associated with the landing 

phase. What is desired is a mathematical model describing the internal engine 

performance from maximum power to idle. 

As well as particular noise components having overall dominance at a given power 

setting, the different components also have different directivity patterns. Ahead of the 

aircraft, fan inlet noise is exclusively dominant. As an aircraft reaches the overhead 

position fan inlet noise typically decays and fan discharge noise often becomes 

dominant. Behind the aircraft jet noise is dominant. The certification process attempts 

to include the entire annoyance of an aircraft over-flight by considering not just the 

peak noise level but also the duration of the noise. This is typically done through the 

use of specialist noise metrics such as SEL and EPNL which are discussed in more 

detail in chapter 6. 

2.3.7 Noise Suppression 

Together with the work onjet noise suppression using mixers, research has also been 

undertaken to reduce noise levels for other engine noise components through the use 

of suppression materials. A overview of this technology is given by Rolls Royce 

(1986). Structures comprising several distinct layers of different materials are used to 

absorb sound energy within the nacelle structure, effectively reducing source noise 

levels. Such technology is now used to suppress fan, combustion, turbine and jet 

noise. To suppress fan noise suppression material is used to line the nacelle inlet and 

bypass discharge duct. The main difficulties in this approach are associated with 

extending the nacelle ahead of the fan to provide sufficient area for suppression 

material without disturbing inlet flow aerodynamics and the resulting nacelle mass 

penalty. For the McDonnell Douglas MD-90 aircraft the nacelle was extended ahead 

of the fan to increase the area for suppression material. The resulting mass penalty 

was offset by structural improvements from the extended nacelle length, allowing an 

increase in nacelle support strut length and hence thickness (Aviation Week & Space 

Technology 1993). This positive benefit, however, is directly related to the rear

engined configuration of the MD-90. It is unlikely other aircraft would benefit in a 

similar manner. With the exception of data produced using simplistic suppression 
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prediction methods, few details are reported of how much noise suppression such 

technologies provide. In 1974 the British Noise Advisory Council (1974) stated that 

the Rolls Royce RB211 engine developed for the Lockheed TriStar contained some 

21m2 of acoustic lining which reduced overall engine noise levels by 10dB. 

To complement the standardised noise prediction methods being developed, the ICAO 

noise prediction subcommittee provided a set of recommended techniques for noise 

suppression which were reported by Zorumski (1982). The methods relate noise 

suppression in decibels to the amount of suppression material used in the engine. 

Since that account more detailed methods have been developed. These identify the 

changes in suppression effectiveness with engine power setting and directivity 

patterns resulting from the use of suppression materials. Examples of such work 

include Zorumski et al (1976), Lowson (1975) and Stimpert et al (1975) who 

investigated sound attenuation in lined ducts. Most of the research is, however, 

complex and aimed more at improving suppression technology and is not readily 

applicable to the aircraft-noise model. 

2.4 Noise Regulation 

The introduction of turbojet powered aircraft in the late 1950's immediately resulted 

in public complaints with respect to noise levels surrounding major airports. At this 

time there were no noise rules regulating either the design or operation of aircraft. To 

stem the growing complaints, John F. Kennedy airport, New York (US) established 

regulations in an attempt to appease growing public concern. At around the same 

time, London Heathrow (UK) also adopted maximum noise level limits for departing 

aircraft in an attempt to control the ever growing problem. The move by John F. 

Kennedy Airport lead the Federal Aviation Administration (F AA) to assess the 

feasibility of introducing noise regulations for new aircraft. F AA regulations were 

finally introduced in 1969. These are now discussed in more detail. 

2.4.1 Aircraft Noise Certification 

For the issue of a type certificate for the aircraft, the United States Federal Aviation 

Administration (F AA) requires that transport aircraft comply with the noise 

regulations laid down in the Federal Aviation Regulations (FAR) Part 36. Other 

countries in the world, including those in Europe and Asia, comply with regulations 
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laid down by the International Civil Aviation Organisation (ICAO) which defines 

noise regulations closely relating to FAR Part 36 in Annex 16 (ICAO 1985). 

Additionally, in Europe the Joint Airworthiness Regulations (JAR) stipulate 

compliance with ICAO Annex 16 regulations for a type certificate to be granted. 

Maximum noise levels are specified for individual air transport movements under 

standardised test conditions at three measuring points. The three points are commonly 

referred to as sideline, takeoff or flyover and approach points. The location of the 

three points is defined relative to the runway as: 

Sideline: At the point of maximum noise during takeoff along a sideline of 450m 

from and parallel to the (extended) runway centreline. 

Takeoff: Directly under the flight path at a distance of 6,500m from the start of the 

takeoff ground roll. 

Approach: Directly under the flight path at a distance of2,OOOm from the runway 

threshold. 

The locations of the measuring points are shown in Figure 2.5. 
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Figure 2.5: Aircraft noise certification measurement points 
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The maximum allowable noise levels at these locations are specified in terms of 

effective perceived noise level in decibels. The values are related to aircraft size 

through a function of the maximum certificated takeoff weight of the aircraft. The 

first noise regulations were introduced by the F AA in 1969 and termed stage 2 

regulations. Aircraft certificated before 1969 were not required to meet noise 

regulations and these aircraft were termed stage I aircraft under FAR Part 36 

regulations. ICAO followed the F AA lead and introduced Chapter 2 noise regulations 

into Annex 16 in the early 1970's. In 1975 the FAA introduced stricter rules for the 

certification of civil transport aircraft. These rules began to effect aircraft certificated 

from 1978 onwards and were termed stage 3 noise regulations. A few years later, 

ICAO again followed the FAA lead and introduced equivalent noise regulations 

which it termed Chapter 3. The maximum noise levels permitted under stage 2 and 

stage 3 regulations are shown in Figure 2.6. 

The noise regulations introduced in 1978 represented a significant reduction in the 

maximum permitted noise levels for civil transport aircraft. The regulations were 

introduced after many years of research which suggested that maximum noise levels 

could be reduced without significant economic impact to aircraft operations. In the 

early 1970' s as the introduction of stage 3 noise regulations was being discussed, 

Blumenthal (1973) reported that a US policy statement (1971) suggested that it may 

be possible to reduce the maximum noise levels at the three reference points at 10dB 

per decade starting with the introduction of stage 3 regulations. This quickly turned 

out to be an over optimistic view and to this date, twenty years after the introduction 

of stage 3 regulations, stricter regulations have not been introduced. 

The introduction of stage 3 noise regulations were combined with flyover noise levels 

that are dependent on the number of engines on the aircraft. The effect of this, is to 

impose equal severity to all aircraft types. This is necessary due to safety regulations 

(see section 4.6.3) that ensure adequate climb performance for a civil jet transport 

aircraft during the takeoff phase. The regulations stipulate that an aircraft must meet 

specified climb gradients after takeoff with one engine inoperative. 
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Figure 2.6: Maximum allowable noise levels for chapter 2 & 3 regulations 
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However, during normal operation with all engines operating an aircraft with fewer 

engines has more excess power resulting in a shorter takeoff distance and a higher 

climb rate after takeoff. This will result in an aircraft with fewer engines achieving 

greater altitude at the flyover measuring point and hence a lower takeoff noise level. 

Consequently, stricter noise regulations are applied to aircraft with fewer engines so 

that the noise regulations are equally stringent to all aircraft types and take into 

account safety regulations relating to aircraft takeoff performance. 

The stage 3 noise regulations also introduced the so called 'trade off policy. This 

simply allows an aircraft to exceed the permitted EPNL limit at any single point by a 

maximum of 2dB and a maximum of 3dB at any two points, provided that there are 

equivalent margins at other points. 

As well introducing stricter noise regulations for new designs, the F AA and ICAO 

regulations also limit the continuing production and operation of previously 

certificated aircraft. In the United States, the operation of stage 1 aircraft was phased 

out in the early to mid 1980's, the production of such aircraft having been terminated 

in the 1970's. Similarly, ICAO introduced regulations to Annex 16 to phase out the 

operation of stage 1 aircraft in the late 1980's. Currently, stage 2 aircraft operations 

are due to be phased out by ICAO and the F AA in the year 2000. Recently the F AA 

has granted extensions to some US airlines who feel they cannot meet the deadline in 

time due to the backlog of orders for hush-kits and new aircraft. 

The introduction of noise regulations for aircraft certification, production and 

operation is shown historically in Table 2.2 taken from Hodge (1991). The figure has 

been updated to include the phase out of stage 2 aircraft in the year 2000 and the 

possible introduction of stricter noise regulations, currently referred to as stage 3+. 

Possible options being considered for stage 3+ are shown in Table 2.3. The reductions 

in maximum noise levels envisaged are modest compared to the change from stage 2 

to stage 3 regulations. 
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1970 1980 1990 2000 

I I I 
FAA 

New designs Stage 1 I Stage 2 I Stage 3 ? 

FAR Part 36 Production Stage 1 I Stage 2 I Stage 3 Stage 3 
Standards Operation Stage 1 "" Stage 2 Stage 3 

New design No req't I Chapter 2 I Chapter 3 ? 
ICAOAnnex 

Production No req't I Chapter 2 I Chapter 3 Chapter 3 16 Standards 
Operation No req't I Chapter 2 Chapter 3 

Table 2.2: Noise regulations for design and production and operation of civil 

aircraft (from Hodge 1991) 

Reduction in maximum allowable noise levels 
Current Chapter 31 

Option 1 Option 2 Option 3 Staae 3 standards 
Sideline 94-103EPNdB -2 -3 -4 
Flyover 89-106EPNdB -2 -3 -4 
Approach 98-105EPNdB -1 -2 -2 

Table 2.3: Possible reductions in maximum allowable noise levels for future 

regulations 

It is clear, however, after the optimism shown in the early 1970's that aircraft 

designers are finding it increasingly difficult to significantly reduce maximum noise 

levels. Many recently certificated aircraft have combined noise levels for the three 

measuring points several decibels below the Stage 3 limits, one example being the 

McDonnell Douglas MD-90 aircraft which has a combined total for all three 

measuring points 25EPNdB below the Stage 3 limits. However, industry still argues 

over the introduction of stricter regulations. 

2.4.2 Airport Noise Regulation 

The whole process of regulating noise produced by civil transport aircraft was 

initiated by the introduction of noise regulations at airports around the world, London 

Heathrow airport introduced maximum noise levels for departing aircraft in 1958. The 

regulations specified a maximum daytime (0700-2300 local) noise level of 11 OPNdB 

and maximum night time limit of 102PNdB. The limits were set in perceived noise 

decibels (PNdB) as this was regarded at the time to best represent the human response 

to aircraft noise, The noise limits apply at a fixed track distance of 6.5km from the 

start of roll and is coincident with the flyover point defined in FAR and ICAO noise 
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certification regulations. Additionally there is a basic requirement that noise levels 

diminish along the track after an aircraft passes the flyover measurement point. 

Although the introduction of FAR and ICAO noise regulations was intended to 

supersede local airport noise regulations, many airports world-wide have since 

introduced their own regulations. Most airports reiterate the FAR and ICAO 

regulations but some airports employ regulations stricter than Stage 3/Chapter 3 

regulations. Figure 2.7 shows airports in the US with additional noise regulations to 

FAR Stage 3. 

• •. ... 
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Q 

Figure 2.7: US airports with additional noise regulations to FAR/Stage 3 (from 

Hodge 1991) 

In Europe airports have similar regulations. London Heathrow airports regulations are 

now quoted as maximum A-weighted decibels or LAmax (dBA). The levels, however, 

remain unchanged from those introduced in 1958. The associated LAmax levels are: 

Day-time (0700 2300 local): 97dBA 

Night-time: 89dBA 
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These levels are difficult to compare with aircraft certification levels which use the 

effective perceived noise level (EPNL) metric measured in EPNdB. At flyover, a 

Boeing 747-400 certification value at maximum weight is 101.4EPNdB. This 

corresponds approximately to an LAmax value of 88.7dBA. Thus assuming the aircraft 

is operated in a similar marmer to certification it is unlikely that the aircraft will 

infringe the daytime noise limits. Older versions of the Boeing 747 including Chapter 

2 variants with higher noise levels do exceed the levels defined above on some 

departures. Table 2.4 details noise violations at London Heathrow airport for British 

Airways departures as described in its 1995 Environmental report (British Airways 

1995). The figures also give an indication of the total violations for all operators. It 

can be seen that the worst months for violations are July and August. This is typically 

due to the increased number of movements and higher load factors during the summer 

months. In contrast the winter months show the lowest violation levels. The majority 

of violations are caused by Stage 2 Boeing 747 aircraft with a small number of 

violations by Stage 3 aircraft such as the Boeing 747-400 and MD-l1. 

Month Day Ni ht 
Total BA Total BA 

April 6 0 1 0 
May 6 4 2 0 
June 7 2 10 8 
July 17 9 9 3 
Aug 15 4 3 1 
Sept 6 3 4 1 
Qct 8 1 10 4 
Nov 10 2 4 1 
Dec 4 3 7 4 
Jan 2 0 3 2 
Feb 9 2 1 1 
March 9 4 3 2 
Total 99 34 57 27 
BA% - 34% - 47% 

Table 2.4 Aircraft take-off night and day noise infringements at Heathrow 

1994/95 (source: British Ainvays 1995 Environmental report) 

Other airports in Europe also implement pro-active schemes monitoring flights and 

noise levels. Copenhagen Kastrup has a system by which six noise monitors are 

positioned close to residential areas around the airport. The noise restrictions state 

that, "a takeoff shall be so arranged that the maximum A-weighted sound pressure 

level does not exceed 85dB in the six measuring positions surrounding the airport" 

(AlP Denmark 1997). The measurement locations are shown in Figure 2.8. 
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Additionally, the AlP defines recommended noise abatement procedures for departing 

and arrival aircraft. The departure procedures call for maximum attainable rate of 

climb to 2,700ft before power may be reduced to the climb setting and for flap 

retraction and acceleration to begin at 4,200ft. As of April 1997 Danish law has meant 

that failure to obey the noise regulations may result in fines or even criminal 

prosecution. 

I 
o 

Scale: 1 :50,000 

I 
1000m 

Figure 2.8: Noise monitor locations at Copenhagen airport (source: AlP 

Denmark 1997) 

Similar regulations have also been introduced at Prague in the Czech Republic. Noise 

levels are monitored at eleven locations around the airport. The maximum noise level 

limits are: 

85dBA 

75dBA 

from 0500-2100 Local time (0400-2000 GMT) 

from 2100-0500 Local time (2000-0400 GMT) 
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The daytime limits are identical to Copenhagen Kastrup noise limits although noise 

monitors are located at different positions relative to the airport runways. 

The complexity of monitoring every airport movement is immense and the cost 

directly prohibits noise monitoring at all but major international airports. To put the 

task into context, Heathrow airport handled nearly 430,000 air transport movements 

in 1996. A noise monitoring system must not just record noise levels of departing and 

arriving aircraft but also assign the recorded level to the correct flight. To improve the 

task of 'noise matching', the monitoring system at the new Denver International 

Airport utilises two microphones at each monitoring location (Harris 1992). This 

enables each monitor to more accurately detennine the direction of the noise source 

and hence distinguish between aircraft and non-aircraft noise. 

Despite the complexity and cost of airport noise monitoring systems, it is essential 

that operational monitoring takes place where possible to account for airline operating 

practices. In some cases it is possible for Stage 2 aircraft at low weight to produce less 

noise than a larger Stage 3 aircraft at high weight. Certification noise levels define 

technology standards for aircraft to attain, where as aircraft operations affect the 

quality oflife for people living in airport communities. What is desired is a system by 

which all aircraft are operated to reduce noise to the minimum achievable with a 

given aircraft type whilst adhering to appropriate safety regulations. This may take the 

fonn of optimised noise abatement procedures for individual aircraft types as opposed 

to the basic ICAO A and B procedures currently defined in Annex 16 of the ICAO 

civil aircraft regulations. 
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3. Overall methodology 

3.1 Introduction 

To accurately predict aircraft noise levels during takeoff and landing a substantial 

amount of information is required. Much of this data may be provided directly in the 

form of aircraft databases or predicted using theoretical and empirical methods. An 

example of the use of aircraft noise models with predefined databases is the F AA 

Integrated Noise Model (INM). This is provided with an extensive database which 

provides input data for aerodynamic and thrust coefficients together with procedure 

steps based on actual airline operations. Since INM is, however, aimed at predicting 

noise contours for airports with multiple operations using many different aircraft, a 

number of simplifications have been made. The noise model utilises Noise Power 

Distance or NPD curves to describe the effect of thrust and distance on ground noise 

levels. These NPD curves are based on certification flight tests and thus represent a 

combination of airframe and engine source noise components. 

For a noise model to accurately predict noise levels during both takeoff and landing 

phases it is essential that the noise model computes both airframe (aerodynamic) noise 

and propulsion noise. Propulsion noise itself is a combination of discrete noise 

components. During takeoff, at high power settings, jet noise is dominant. However, 

at the low power settings used during the landing phases, fan and airframe noise is 

dominant. Thus the noise model must have the ability to predict airframe and engine 

component noise levels. This requirement increases model complexity since the 

prediction of airframe and engine component noise levels requires additional input 

data consisting of airframe geometry and internal engine geometry/performance 

information. 

Another key limitation of the Integrated Noise Model is its reliance on aircraft 

aerodynamic and thrust coefficients which define aircraft performance. It is essential 

that a global model has the ability to predict aircraft performance data based on 

geometrical and engine information that is readily available. Such methods already 

exist and are commonly referred to as conceptual aircraft design models. They require 

detailed information describing the geometry and operational characteristics of the 
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aircraft and provide mass, aerodynamic, performance and economic data for the 

design input data. By integrating an aircraft conceptual design model with a noise 

prediction model, changes in aircraft noise levels may be related to changes in design 

configuration and operating practices. The resultant changes in noise levels can then 

be compared with unit cost and direct operating cost changes. 

Finally, in order to develop a global aircraft design and noise prediction model, it is 

necessary to include the effects of operational practices and standards. Such effects, 

include the type of procedure used by the pilot during takeoff and landing and also 

parameters such as approach angle. These effects can be predicted by the inclusion of 

a flight profile model within the conceptual aircraft design model and noise prediction 

model. Such models are currently well developed, INM itself includes a flight profile 

model based on SAE-AIR-1845 (SAE 1986). The model simply requires additional 

flexibility to include scenarios such as takeoff with reduced power to enable it to 

simulate virtually all current operating practices. 

3.2 Current Practice 

Aircraft certification is crucial to the success of a modem civil aircraft. Without it an 

aircraft cannot be operated by a customer airline. Within overall certification, noise 

certification is also considered an important part of the aircraft design process. The 

aircraft manufacturer will predict certification noise levels as the aircraft design is 

developed and more detailed design data becomes available. Airframe noise levels are 

often predicted using proprietary methods based on historical manufacturer data. 

Typical examples include Munson's model (Munson 1976) used by McDonnell 

Douglas. Engine noise levels may be predicted by the aircraft manufacturer, but often 

noise data will be supplied by the engine manufacturer who will have contractually 

agreed basic noise levels for the powerplant during the engine selection phase. The 

engine manufacturer will typically use proprietary noise models based on their own 

empirical data to predict engine noise levels. The proprietary nature of these models is 

due to the sensitive nature of engine performance parameters required as input data. 

Reduction of fan noise is a direct example of this problem as noise levels are directly 

related to fan tip speed which is regarded as commercially sensitive information. This 

has restricted publication of engine component noise models, the only complete 

model being the NASA ANOPP model discussed in Chapter 2. 
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Apart from the prediction of source noise levels, aircraft mass, thrust and 

aerodynamic data are required to determine accurate flight profiles for the critical 

flight phases. Such data will be provided by the aircraft manufacturer having been 

computed by the performance group. The performance group itselfwillliase with the 

weights, aerodynamics and propulsion groups to obtain the necessary data it requires 

to produce flight profiles before submitting flight profile data to the noise group. 

Aircraft noise prediction is a multi-disciplinary problem which requires information 

from many groups within the aircraft and propulsion manufacturers. A unified or 

global approach would be to link the separate disciplines of conceptual aircraft design 

and noise prediction together so that the aircraft design may be better optimised to 

reduce noise levels during the takeoff and landing phases. 

3.3 A Global Model Approach 

A global conceptual aircraft design and noise prediction model must include three 

component models: 

1. Aircraft conceptual design model 

2. Flight profiles model 

3. Noise model 

Each subsequent model in the list is dependent on all previous ones. Thus the flight 

profiles model requires input data from the output of the aircraft conceptual design 

model. In a similar manner, the noise model requires inputs from both the conceptual 

design model and the flight profiles model. 

The inter-relationships between the three component models are shown in Figure 3.1. 
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Input Data 

Flight Profiles Model 

r··~··-------- ------------ ------------------------------------------------- -----------------
Noise Model 

Source Noise Ground Noise 

Point Noise Levels 

j 
Noise Contours 

Figure 3.1: Structure of the global model 

The aircraft design model takes input data in the form of aircraft geometry, propulsion 

and operational characteristics sufficient to 'design' the aircraft. Output from this 

model is passed to the flight profiles model in the form of limiting takeoff and landing 

speeds, aerodynamic and thrust coefficients and the aircraft takeoff and landing mass. 

The conceptual design model also provides output data to the noise model in the form 

of airframe geometry information required to compute airframe source noise levels 

and also propulsion information defining engine size and cycle characteristics. 

The flight profiles model, apart from receiving input from the conceptual design 

model, includes input data defining the procedures by which the aircraft is flow 

during takeoff and landing. The procedures include data such as flap retraction and 

deployment schedules, takeoff power settings and approach angle. The output from 
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the flight profiles model is passed to the noise model in the form of positional data 

describing the aircraft location in three dimensions. 

The source noise model uses the airframe and engine characteristics to predict noise 

component acoustic power levels. These source levels are then propagated to ground 

measuring points as mean square acoustic pressures using aircraft positional 

information to determine noise propagation distances and directivity angles. The basic 

output of the noise model is one-third octave band sound pressure levels. The data is 

then converted to the desired noise metric. For certification purposes, the model 

output is Effective Perceived Noise Levels (EPNL) in units of EPNdB. Ifnoise levels 

are computed at a number of discrete output points, these can then be presented 

graphically as noise contours. 

3.4 Conclusion 

This chapter has shown that in order to predict aircraft noise levels a multi

disciplinary model is required. Such a model will enable the operation of an aircraft to 

be analysed in terms of the aircraft configuration and the operating practices used. A 

global model will now be developed. The theoretical and empirical methods used in 

each of the three model components are described in chapters 4, 5 and 6. Where 

suitable methods already exist they are used in the global model. 
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4. Aircraft Design Model 

4.1 Introduction 

The aircraft conceptual design model is based on a mixture of empirical and 

theoretical methods. The key to a practical aircraft conceptual design is that it should 

require only a limited amount of input data and yet be flexible enough to consider the 

typical configurations used by civil aircraft designers at present and in the past. The 

modular approach has been extended in this application as shown in Figure 4.1. 

Input Data 

Gross Mass Estimate Atmosphere 

1 
Model 

Mass & Balance Aerodynamics 
Model Model 

-------------------- ----------------------- --------------------- ---------------------, 
Economics , Performance , , , , , 

Takeoff/Landing Direct Operating , 
Second Segment Unit Cost Model 

, 
Cost Model , Model Climb Model , , , , , , 

--------------------------------------------! 
Cruise Model Top of Climb 

Model 

--------------------------------------------

Figure 4,1: Structure ofthe aircraft design model 

The model consists of a mass and balance module, which compute the structure, 

payload, fuel and gross mass of the aircraft. The balance model determines the wing 

location relative to the fuselage to ensure that the design has adequate centre of 
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gravity margin for different loading configurations. The atmosphere model is used to 

compute ambient conditions for both the airfield and cruise altitude and assumes the 

International Standard Atmosphere as default. The aerodynamics model utilises 

ambient airfield and cruise conditions to determine lift and drag characteristics of the 

aircraft design. Key parameters output include the cruise lift-drag ratio which is used 

to compute fuel mass required and hence aircraft gross mass. 

Once the gross mass has been computed, this is used together with aerodynamic data 

to predict the takeoff field length, landing field length and second segment climb 

gradient in the performance model. The latter is an airworthiness requirement 

specifying minimum climb gradients with one engine inoperative shortly after takeoff 

with undercarriage retracted and flaps at the takeoff flap setting. Additionally, the top 

of climb performance model is used to determine the thrust required at the initial 

cruise altitude whilst climbing at 300ft/min. The cruise model then computes the 

thrust required for level flight at the cruise altitude which is used to determine the 

engine operating point and hence fuel consumption. The economics model computes 

aircraft unit cost and direct operating cost and enables a direct comparison of design 

configurations to be made. 

The model illustrates the iterative nature of a conceptual design model. To start the 

process, an initial gross mass is input. Even if this is not very close to the actual mass 

the iterative process converges quickly. The iterative nature of the model highlights a 

fundamental problem of aircraft design. If a design is found to have a higher structural 

mass than expected the designer has two options; accept the mass penalty and reduce 

the performance or payload/range capability of the aircraft, or accept an increase the 

gross mass to restore the original payload/range capability. The former will result in 

direct economic penalty and may result in the design not meeting its original 

specification. The latter option of increasing gross mass, requires that certain parts of 

the configuration be scaled up (such as engines) and will in general result in 

additional mass growth. This concept is often the primary concern of the designer and 

much of his effort will be directed at controlling mass growth. 

The following sections describe in detail the collection of mathematical procedures 

used within each component model. The procedures have been validated directly 
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against known data to provide confidence in the model. As each procedure is 

introduced an example calculation is provided for the Boeing 757 aircraft. Finally, the 

chapter concludes with validation of the complete aircraft design model. Throughout 

the chapter use has been made of Appendix B: Aircraft Data and Appendix C: Gas 

Turbine Engine Data which provide the necessary input data used for validation and 

the generation of aircraft models. 

4.2 The Atmosphere 

Atmospheric conditions vary considerably around the world, depending upon location 

and prevailing weather conditions. Standard atmospheres were developed in the early 

1920's by the United States and in Europe to enable standardisation of aircraft 

performance and aircraft instruments. The two atmospheres were not identical and it 

was not until 1952 that a single atmosphere was adopted by the International Civil 

Aviation Organisation (lCAO) (ICAO 1954). At this stage the standard atmosphere 

was defined for altitudes up to 20km. Work proceeded in extending this atmosphere to 

altitudes up to 300km. In 1975 the International Standards Organisation (ISO) 

adopted a standard atmosphere which covers heights up to 80km (ISO 1975). For 

heights below 50km it is identical to the ICAO standard atmosphere and is now 

termed 'International Standard Atmosphere' (lSA). For heights between 50km and 

80km it differs slightly from the ICAO standard atmosphere and is termed 'Interim 

Standard Atmosphere'. To account for extreme conditions a Tropical Standard· 

Atmosphere and Arctic Standard Atmosphere have also been defined. For initial 

project design studies ISA is normally used. 

There are two ISA regions of importance in subsonic civil aircraft design. These are 

the troposphere and the stratosphere. The troposphere extends upwards from sea-level 

to 11 ,000m (36,089ft). In this region, temperature decreases linearly with altitude. In 

contrast temperature remains constant in the stratosphere. 

Subsonic transport aircraft fly at cruise altitudes between 25,000 and 41,000ft. Thus 

both the troposphere and the stratosphere need to be modelled. The following 

equations were presented by ESDU (1977) and are derived from the International 

Standard Atmosphere (ISO 1975). 
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4.2.1 The Troposphere 

The Troposphere is characterised by a linearly decreasing temperature. The 

temperature variation with altitude is expressed as 

T=To -Lz 

where: 

T temperature at altitude (K) 

To temperature at sea-level (K) 

L lapse rate (Klm) 

z altitude above sea-level (m) 

(4.1) 

For the International Standard Atmosphere (ISA) the temperature at sea-level is 

288.lSK and the lapse rate in the troposphere is O.006SKlm. 

Pressure is seen to decrease with increasing altitude in the Troposphere and is also 

dependent on temperature. The pressure variation with altitude is given by 

where: 

P2 pressure at altitude (N/m2
) 

Po pressure at sea-level (N/m2
) 

g acceleration due to gravity (=9.81rn1s2
) 

R universal gas constant (=287 J/kg K) 

The density at altitude is given by: 

p=l 
RT 
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4.2.2 The Stratosphere 

The stratosphere begins at the Tropopause, 11,000m above sea-level and extends up 

to 20,000m above sea-level. The Stratosphere is characterised by constant 

temperature. The variation of pressure with altitude in the Stratosphere is given by: 

'£"=exp[....L(z, -z)] 
Ps RTs 

(4.4) 

where: 

Ts stratosphere constant temperature (=216.65K) 

Zs height at start of Stratosphere (=11 DOOm) 

Ps pressure at start of Stratosphere (=22614.2Pa) 

The variation of density with altitude in the stratosphere is given by: 

.£.. = exp[....L(zs - z)] 
p, RT, 

(4.5) 

where: 

Ps density at start of Stratosphere (kg/m') 

4.2.3 Variation of Viscosity 

The viscosity of air changes with altitude and directly affects Reynolds number and 

hence skin friction on the aircraft. 

The variation of absolute viscosity with altitude is given by Sutherland's law, 

1.458x 10-6T3/2 
Il= T+110.4 

(4.6) 

where T is the ambient temperature at the altitude being considered. For SI units with 

temperature in Kelvin, absolute viscosity has units ofkgm·ls·l. The expression is valid 

for both the troposphere and the stratosphere. For aircraft design purposes it is 
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common to express the absolute viscosity as a kinematic viscosity (SI units ofm2s·1
) 

such that 

v=1l 
P 

4.3 Geometric Calculations 

(4.7) 

An aircraft design model requires a large amount of input data describing the 

geometry of the aircraft. In general, providing more input data will improve the 

accuracy of the model. However, a balance has to be struck between the time taken to 

input the additional data for the extra accuracy it produces. 

One method to reduce the amount of input data is to derive additional data from the 

basic input data provided within the model. As many geometrical parameters are 

related to each other it is often acceptable to compute certain values rather than have 

the user input the data directly. One of the most important aspects of the aircraft 

geometry is the determination of wetted area of the airframe, that is the surface area in 

contact with the air flow. This will directly affect the drag produced by the aircraft, 

the fuel burnt and hence the overall weight of the design. Much of the analysis is thus 

directed towards determining the surface area of the shape. The following section 

describes the geometrical calculations applied to key components of the aircraft 

configuration. 

4.3.1 Fuselage 

The fuselage of most civil transport aircraft consist of a central portion of constant 

cross-section with a nose and tail cone used to produce a streamlined shape. When 

computing the cross-sectional area and surface area, it is thus logical to break down 

the fuselage into three distinct sections as shown in Figure 4.2. 
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Nose 
section Constant cross-section 
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Tail section 
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Figure 4.2: Fuselage longitudinal-section geometry 

The centre portion of constant cross-section need not be circular. For circular sections, 

the circumference is, 

where d is the fuselage diameter. If the fuselage is non-circular, the following 

expression developed by Torenbeek (1980) may be used 

where: 

bfMAX fuselage maximum width (m) 

hfMAX fuselage maximum height (m) 

kc cross-section circumference shape factor (-) 

(4.8) 

(4.9) 

The cross-section shape factor is computed from the cross-section shape coefficient, 

which is defined in Figure 4.3. 
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Figure 4.3: Fuselage cross-section geometry 

The cross-section circumference shape factor is presented graphically by Torenbeek 

(1980). However, it is more desirable to use a continuous function derived from the 

graphical data such that 

k 3 2 ,=-5.8241$, +13.3917$, -9.3064$, +2.7303 (4.1 0) 

For a circular cross-section fuselage, the cross-sectional area may be computed using 

(4.11 ) 

where d is the fuselage diameter. If the fuselage cross-section is non-circular, the 

frontal area may be computed using the following expression developed by 

Torenbeek (1980) 

(4.12) 

where br and hr are the fuselage width and height respectively. The cross section area 

coefficient, k. is presented graphically by Torenbeek (1980). As, before it is more 

convenient to express this data as a continuous function such that 
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k, = -2.079$,3 +3.3762$,2 -0.4292$, + 0.1326 (4.13) 

The wetted area of the fuselage is computed from the following expression developed 

by Torenbeek (1980) 

(4.14) 

where: 

Cr fuselage constant cross-section circumference (m) 

I, length of constant cross-section portion (m) 

I. length of nose section (m) 

kw shape factor for fuselage nose section (m) 
• 

I, length of tail section (m) 

kw shape factor for fuselage tail section (m) , 

The expression assumes the fuselage is built up of three separate sections. The nose 

section and tail section lengths are as defined in Figure 4.2. Again, the nose and tail 

shape factors are presented graphically by Torenbeek (1980). The following 

expressions have been derived from this data. The nose shape factor is computed from 

the nose shape coefficient (Figure 4.4) using 

(4.15) 

Similarly the tail shape factor is computed from the tail shape coefficient (Figure 4.4) 

using 

4 3 '" 2 kw, = 50.636$, -142.49$, + 148.59'Y, -6.704$, +11.401 (4.16) 
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Figure 4.4: Fuselage noise and tail shape coefficients 

Example: 

For the Boeing 757-200 the following geometric input data is required, 

Length (m) I 46.96 
Nose section length (m) In 5.11 
Tail section length (m) I, 9.91 
Cross-section height (m) bfmax 4.10 
Cross-section width (rn) hfmax 4.00 
Cross-section shape coefficient (-) ~c 0.704 
Nose section shape coefficient (-) t 0.64 
Tail section shape coefficient (-) 0.59 

Table 4.1: Input data for fuselage wetted area calculation 

From this data the fuselage wetted is computed, 

Cross-sectional area (m') Ar 12.83 
Circumference (m) Cr 12.74 
Centre-section length (m) I, 31.94 
Wetted area (m') Sw 534.35 

Table 4.2: Calculation offuselage wetted area 

If the fuselage had been assumed to be of constant diameter with the same length the 

wetted area would have been 598.27m2
, a difference of 12 percent. 

4.3.2 Wing 

Most subsonic turbofan transport aircraft have swept and tapered wings. In general 

the leading edge has a single sweep angle. The trailing edge, however, may have two 

different sweep angles as shown in Figure 4.5. Such a wing is said to be multi

tapered. 
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There are several reasons for reducing the inboard trailing edge sweep angle. First, the 

reduced sweep angle will increase the lift generating efficiency of the trailing edge 

flaps. Secondly, the reduced sweep angle, increases the wing root chord. For a given 

thickness to chord ratio, this will result in a thicker wing root, increasing structural 

efficiency and providing more space for the main undercarriage when retracted. 

Multi-tapered 
trailing edge 

/ 

Figure 4.5: Multi-tapered wing 

The wing geometry model is designed in such a way that either multi-tapered or 

straight tapered wings can be modelled. For the straight tapered wing the geometry is 

defined in Figure 4.6. The wing geometry is defined to the aircraft centreline forming 

a trapezoidal shape. 

The aircraft wing is assumed to have a span, b, measured from wingtip to wingtip. 

The gross wing area, S, also known as the reference wing area is defined as the plan 

area of the wing, including that portion contained within the fuselage. 
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Figure 4.6: Aircraft wing geometry 

Using these two definitions a key non-dimensional parameter may be defined for a 

wing. The parameter defines the slenderness of the aircraft wing and is termed the 

wing aspect ratio. It is defined as the span squared divided by the gross wing area 

(4.17) 

Typical values for subsonic civil transport aircraft vary between 6 and 12. The greater 

the value, the more slender the wing. 

Taper ratio is defined as the tip chord divided by the wing centre-line root chord 

A. =.s.. (4.18) 
c, 

The Standard Mean Chord (SMC) is defined as the gross area divided by the wing 

span 

SMC=~ 
b 
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For a straight tapered wing, the MAC is defined mathematically as 

MAC=~c (1+A.+A?) 
3 r 1+A. (4.20) 

A multi-tapered wing as shown in Figure 4.7 is modelled in a similar manner to the 

straight tapered wing. The wing is assumed to consist of two panels. The inboard 

panel extends from the aircraft centreline to the trailing edge sweep joint. The outer 

panel then extends from the sweep joint to the wing tip. 

Inboard 
panel 

Outboard 
panel 

Figure 4.7: Inboard and outboard wing panels 

The mean aerodynamic chord is computed for each panel based on the local panel 

geometry using equation (4.20). The mean aerodynamic chord of the wing is then 

computed using 

j 

zAcj 

MAC = ..,!I-:c-

Sref 

(4.21) 

where Sj and cj are the local panel area and mean aerodynamic chord respectively. 
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In some cases it is necessary to convert the multi-tapered wing to an equivalent 

straight tapered wing. This is done using the following constraints: 

• Maintain the same reference area 

• Maintain the same wing span and hence aspect ratio 

• Maintain the same leading edge sweep angle 

• Maintain the same tip chord 

In practice this results in just the trailing edge profile changing for the equivalent 

wing, producing a new equivalent taper ratio. An example of this procedure is shown 

in Figure 4.8. 

~ 
I 
i 
i 
i 
i 
i 
i--__ 
i ----

I ----~-----------------
i New trailing edge profile 
i 

Figure 4.8: Equivalent wing planform 

It is also necessary to determine the exposed surface area of the wing, an essential 

parameter used in determining the wing profile drag. The exposed surface area of the 

wing is also termed the wetted area and includes both upper and lower surfaces. Thus, 

in its simplest form the wetted area is simply twice the exposed planform area of the 

wing as shown in Figure 4.9. 
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The wing surface is, however, curved. This will increase the total exposed surface 

area. Torenbeek (1980) suggests the following expression for the wing wetted area 

where: 

Swet = 2S", {I + 0.25(tlc), 1 HA.} 
I+A. 

S", exposed planform wing area (m2) 

(tic), wing root thickness to chord ratio (-) 

A. wing taper ratio (-) 

(4.22) 

't wing thickness ratio (tip thickness to chord ratio divided by root thickness to 

chord ratio (-) 

The term in brackets accounts for the increased surface area due to curvature of the 

wing surface. For civil jet transport aircraft, the term increases the exposed wing area 

by approximately 3 percent. However, for smaller turboprop aircraft with wing 

thickness chord ratios of up to 20 percent, the term may increase the exposed area by 

5-6 percent, justifying its inclusion. 
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It is also desirable to estimate the fuel tank volume for the wing. This is essential for 

checking that the there is sufficient volume available to store the required fuel. For 

long range aircraft provision for adequate fuel volume may determine the minimum 

wing size. The empirical expression (equation (4.23» was developed by Torenbeek 

(1980) and estimates the volume available including the wing centre-section, 

(4.23) 

Torenbeek recommended that the value Xl is multiplied by 0.54. However, analysis 

of fuel tank volumes on current civil transport suggests that the factor 0.54 is replaced 

with 

(4.24) 

where: 

S wing gross area (m') 

b wing span (m) 

(tl c)r wing root thickness to chord ratio (-) 

').. wing taper ratio (-) 

~ wing thickness ratio (tip thickness to chord ratio divided by root thickness to 

chord ratio (-) 

The introduction of the power term in equation (4.24) reduces the over prediction 

observed when using the basic formula from Torenbeek. In it revised form fuel 

capacity is predicted within ±I5 percent for the aircraft analysed as shown in Figure 

4.10. 
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Figure 4.10: Estimation of wing fuel capacity 
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Only in certain cases, such as ultra-long range civil transport aircraft, will fuel volume 

constrain the required wing area. In such cases fuel may be stored elsewhere on the 

aircraft. Both the Boeing 747-400 and the Airbus A340 use the horizontal tailplane to 

provide additional fuel volume. In such cases the above formula may also used with 

appropriate tailplane dimensions to provide an estimate of the fuel volume available. 

Example: 

Input and output data for Boeing 757-200 wing geometric calculations are shown in 

Table 4.3 and Table 4.4 respectively. Input data includes gross wing area, 

Gross Area (m<) S 185.25 
Aspect Ratio (-) AR 7.82 
Spanwise location of sweep joint (-) 0.390 
Inboard panel taper ratio (-) Ck/C, 0.561 
Outboard panel taper ratio (-) c.,/c, 0.391 
Quarter chord sweep angle (') A% 25.00 
Root thickness-chord ratio (Uc) (-) (Uc), 0.140 
Tip thickness-chord ratio (Uc) (-) (Vc), 0.100 

Table 4.3: Wing input data 
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Root chord (m) cr 8.998 
Sweep joint chord (m) Ck 5.05 
Tip chord (m) C, 1.98 
Mean Aerodynamic Chord (MAC) (m) MACw 5.682 
Spanwise location of MAC (-) - 0.385 Y 
leading edge sweep angle (') ALE 28.48 
Half chord sweep angle (') A% 21.32 
Trailing edge sweep angle (') ATE 13.39 
Aerodynamically equivalent taper ratio to C/l (-) A. •• 0.254 
Net wing area (m') Snet 155.41 
Wetted area (m') Sw 320.77 
Integral fuel tank volume (m') Vtanks 44.59 

Table 4.4: Wing geometry results 

The actual taper ratio (tip chord divided by root chord) can be calculated from Table 

4.3 as 0.219. In contrast the equivalent wing taper ratio is 0.254 and associated mean 

aerodynamic chord is 5.455m, a reduction of 4 percent compared to the mean 

aerodynamic chord computed using the multi-panel method. The actual and 

equivalent wing planforms are shown graphically in Figure 4.11. Despite the smaU 

differences, the wing is modelled using multi-tapered methods for mass estimation 

and aerodynamic analysis. 
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Figure 4.11: Boeing 757-200 actual and equivalent wing planforms 
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4.3.3 Vertical Tail 

The geometry of the vertical tail is modelled in a similar manner to the wing. Figure 

4.12 shows the basic geometry of the vertical tail. 

The taper ratio of the vertical tail is computed as for the wing using 

The vertical tail aspect ratio is computed using 

. . . 
Aa~// 

c, 

. . 
. . . 

I' 
. . 
. . 

.1 

Figure 4.12: Aircraft vertical tail geometry 

The Standard Mean Chord (SMC) is computed using 

SMC=~ 
h 

The Mean Aerodynamic Chord (MAC) is computed using 

57 

(4.25) 

(4.26) 

h 

(4.27) 



4. Aircraft Design Model 

(4.28) 

The wetted area of the vertical tail is computed using the same expression used for the 

wing using 

where: 

Swet = 2Snet {I + 0.25(tlc), I +'tA.} 
1+1.. 

Snet exposed vertical tail planform area (m2) 

(tic), vertical tail root thickness to chord ratio (-) 

A. vertical tail taper ratio (-) 

't vertical tail thickness ratio (tip thickness to chord ratio divided by root 

thickness to chord ratio (-) 

Example: 

(4.29) 

Table 4.5 lists vertical tail geometric data for the Boeing 757-200. From this, basic 

dimensions, mean aerodynamic chord and wetted area are computed. 

Gross area (m") S, 34.37 
Aspect ratio H AR, 1.56 
Taper ratio (-) Av 0.35 
Quarter chord sweep angle (') Ax,v 39.00 
Root thickness-chord ratio (Vc) (-) (tlc)r 0.13 
Tip thickness-chord ratio (tic) (-) (tic), 0.11 

Table 4.5: Vertical tail input data 

Height (m) H, 7.32 
Root chord (m) (cr), 6.95 
Tip chord (m) (Ct), 2.44 
Mean aerodynamic chord (m) MAC, 5.05 
Spanwise location of MAC (-) (y), 0.42 
Wetted area (m') Sw 70.88 

Table 4.6: Vertical tail geometry results 

The wetted area is seen to be approximately one fifth of the wing wetted area. 
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4.3.4 Horizontal Tail 

The geometry of the horizontal tail is modelled in a similar manner to the wing. Thus 

equations (4.17) to (4.20) are used to compute aspect ratio, taper, ratio, standard mean 

chord (SMC) and mean aerodynamic chord (MAC) whilst using horizontal tailplane 

gross area, aspect ratio and taper ratio. 

Example: 

Table 4.7 and Table 4.8 list the input and computed geometry data for the Boeing 

757-200 horizontal tail. For the horizontal tail some of the gross planform area is not 

exposed, but is contained within the fuselage planform. This is accounted for by first 

computing the horizontal tail net area. The reduction in area is dependent on the rear 

fuselage geometry and varies from aircraft to aircraft. However, based on empirical 

analysis it is suitable to assume that the net planform area is 95 percent of the gross 

planform area. 

Gross area (m<) Sh 50.35 
Aspect ratio (-) ARh 4.59 
Taper ratio (-) Ah 0.326 
Quarter chord sweep angle (0) AY4h 27.50 
Root thickness chord ratio (t/c) (-) (t/c), 0.12 
Tip thickness chord ratio (t/c) (-) (t/c), 0.10 

Table 4.7: Horizontal tail input data 

Span (m) bh 15.20 
Root chord (m) (C,)h 5.00 
Tip chord (m) (Ct)h 1.63 
Mean aerodynamic chord (m) MACh 3.60 
Spanwise location of MAC (-) (Y)h 0.416 
Wetted area (m') Sw 98.42 

Table 4.8: Horizontal tail geometry 

4.3.5 Nacelle 

In computing the profile drag of the airframe, it is also necessary to include the 

exposed surface area or wetted area of the engine nacelles. Turbofan engine nacelles 

may be split into two main categories, those with short bypass ducts and those with 

full length bypass ducts. Figure 4.13 illustrates the basic differences between these 

two nacelle types. 
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Computing the surface area of a nacelle with a short bypass duct is difficult as the 

geometry of the gas generator and plug must be specified, in addition to the basic 

length and diameter of the nacelle. 

Gas generator 

Plug 

I I 

Short bypass duct Full length bypass duct with integrated mixer 

Figure 4.13: Engine nacelle geometry 

Using this surface area in drag calculations is further complicated by the fact that the 

flow velocity over the gas generator and plug is not that of the free-stream flow, but 

that of the bypass flow and the core flow respectively. These velocities are somewhat 

higher than the free-stream value and hence additional skin friction drag will be 

generated. 

In contrast, the nacelle with full length bypass duct has a simpler geometry and 

therefore the surface area may be more readily computed. Although, the surface area 

is increased relative to a short bypass duct nacelle, skin friction coefficients will be 

lower compared to that of the gas generator and plug, and thus it is valid to model 

short bypass duct nacelles as an equivalent full length bypass duct nacelle. 

The wetted area of a nacelle is computed using the following expression developed by 

Torenbeek (1980) 

(4.30) 
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where: 

Im'" nacelle maximum length (m) 

dmox nacelle maximum diameter (m) 

~ longitudinal location of maximum diameter (-) 

d; / dm", inlet diameter ratio (-) 

d, / dm", exit diameter ratio (-) 

Typical values for the non-dimensional parameters are ~ = 0.4, d; / dm", = 0.75 and 

d, / dm", = 0.50. To obtain the total nacelle wetted area the value computed above is 

multiplied by the number of nacelles. 

Example: 

Input data for the Boeing 757-200 nacelle is shown in Table 4.9. Calculated data is 

shown in Table 4.10. 

Number of nacelles Nnac 2 
Length (m) Inac 5.50 
Max width (m) dnac 2.60 
Longitudinal location of max thickness p 0.40 
Inlet diameter/max diameter d;ldmax 0.75 
Exit diameter/max diameter d.,ldm, 0.50 

Table 4.9: Nacelle input data 

Fan diameter (m) 
Wetted area of nacelle m' 

Table 4.10: Nacelle geometry 

Although perceived as small items the nacelles do contribute to overall airframe 

wetted area. In this example the two nacelles have a combined wetted area of 

77.94m2, almost equivalent to that of the horizontal tail. 

The wetted area of each component has now be calculated for the Boeing 757-200. It 

is useful to compare the relative contribution of each component which are listed in 

Table 4.11. The largest contribution is from the fuselage which accounts for nearly 50 

percent of the total wetted area. The wing accounts for nearly 30 percent with the 
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remainder from the tail surfaces and nacelles. For aircraft with relatively large wings 

(i.e. lower wing loadings) the wetted area contribution from the fuselage and wings 

may be more equal. 

Component Wetted area (m2) Percentage of Total (%) 
Fuselage 534.35 48.47 
Wing 320.77 29.10 
Horizontal Tail 98.42 8.93 
Nacelles 77.94 7.07 
Vertical Tail 70.88 6.43 

Table 4.11: Boeing 757-200 wetted area summary 

4.4 Mass Estimation 

The aircraft mass is primarily dependent on the geometry (size) of the aircraft and the 

desired aircraft performance. In turn the aircraft mass directly affects the performance 

and cost of the design. Estimation of aircraft mass in the conceptual design process is 

based on a mixture of semi-empirical and theoretical models. Individual components 

masses are calculated using geometrical information and then summed to determine 

the aircraft takeoff mass. Payload and fuel are then added to determine the aircraft 

empty mass. Often the component masses are dependent on the aircraft overall mass, 

thus an initial estimate of the overall mass must be made to start the process. The final 

estimate of the overall aircraft mass is then obtained by iteration. 

The mass of the aircraft may be built up from individual components as shown in 

Table 4.12 from Torenbeek (1980) and updated with AEA operational allowances 

(AEA 1989aand 1989b). 

The detailed equations used to estimate the individual component masses are 

described in the following sections. 

62 



4. Aircraft Design Model 

GROUP WEIGHT 
Wing group 
Fuselage group 
Tail group 
Undercarriage group 
Surface controls group 
Nacelle group 
Airframe structure 
Propulsion group 
Auxiliary power plant group 
Instruments, navigational equipment and electronics group 
Hydraulic, pneumatic and electrical group 
Furnishings group 
Air-conditioning and anti-ice group 
Airframe services and eQuipment 
Basic (empty) weight + allowance for additional buyer specified avionics of 
350kg + 2% tolerance 
Crew provisions 
Passenger and cabin supplies 
Portable water and toilet chemicals 
Removable safety equipment 
Oil, residual fuel, water/methanol 
Cargo handling equipment, misc. 
Operational items 
Operatino weioht empty + 2% allowance for chanoes, weight growth to mid life 
Passengers 
Baggage 
Caroo 
Maximum zero-fuel weight 
Fuel mass 
Maximum take-off weight 

Table 4.12: Aircraft mass breakdown 

4.4.1 Component Mass Database 

Throughout the following sections the prediction method for each mass group is 

analysed. Estimated masses are then compared with reported data from Anderson et al 

(1976), Torenbeek (1980) and Ardema et a1 (1996) which is tabulated in Table 4.13. 
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Manufacturer Airbus BAC Boeing Boeing Boeing Boelng Boelng Boeing Fokke' Lockhe.d 

AI,plan. A·300B2 1·11 300 707·320 727·100 727·200 737·200 747·100 747·200B F·281000 L·1011 

Wing Group 20014 4373 12992 8056 6403 4813 39185 40245 3324 21497 

Tail Group 2694 1074 2723 1874 1878 1233 5374 5423 740 3887 

Fuselage Group 16245 4405 10113 8019 10166 5491 32583 32677 3194 22418 

Landing Gear 6173 1299 5087 3270 3605 1975 14253 14826 1251 9035 

Surface Controls 2634 672 970 1359 1353 1065 3166 3208 629 2299 

Nacelle Group 3192 1440 1752 1009 631 4549 4597 378 4044 

Propulsion Group 10384 3184 11214 5786 5760 3708 19817 20546 2371 17381 

APUGroup 446 207 0 27 385 379 512 815 157 545 

Instruments 171 83 249 343 375 283 866 674 137 461 

Hydraulics 1678 452 706 643 520 396 2028 2298 165 1996 

Electrical 2233 1051 1789 971 1290 483 1518 2406 464 2490 

Electronics 783 456 823 544 860 434 2009 1875 394 1270 

Furnishings 5969 2237 7653 5921 6676 3013 16891 17000 1628 14888 

Air-conditioning/Anti-lce 1652 716 1010 1311 1119 642 1800 1835 487 1651 

Mise. 332 39 56 ·191 ·896 
Dry Engine Weight 7920 2336 8605 4230 4390 2819 15475 16190 2040 12513 

Manufacture(s Empty Weight (MEW) 74600 20209 56769 39915 43399 24602 144360 147529 15519 103862 

Operational Items 8182 1991 4456 1035 1046 1198 12000 16288 1446 5771 

Operating Empty Weight (OEW) 82782 22200 61225 40950 44445 25800 156360 163817 16965 109633 

Maximum Payload 33716 9621 27225 12000 18150 16200 62455 74996 6435 37784 

Maximum Zero-Fuel Weight (MZFW) 116500 32021 86450 52950 62595 42000 238815 238615 25400 147417 

Maximum Takeoff Weight (MTOW) 137668 39456 141497 72563 79365 45351 321995 351474 29476 195011 

Total Static Thrust (N) 450000 111600 338000 193500 193500 137800 828000 978000 88000 561000 

Table 4.13: Reported aircraft mass data 
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Manufacturer MeD. Douglas MeD. Douglas McD. Douglas MeD. Douglas MeD. Douglas MeD. Douglas MeD. Douglas 

Alrplane DCS-55 DCS-62 DC9-10 MDS3 DC10-l0 DC10-40 MOll 

Wing Group 15832 16439 4295 7183 22218 26190 28565 

Tail Group 2246 2236 1193 6194 6555 

Fuselage Group 10089 10750 5082 7452 20313 21098 24914 

Landing Gear 5298 5192 1660 8427 11376 

Surface Controls 923 951 573 2322 2353 

Nacelle Group 2106 3015 643 3852 4230 

Propulsion Group 11948 11409 3509 14015 17728 

APU Group 0 0 371 721 722 

Instruments 576 415 326 612 746 

Hydraulics 996 791 324 1882 1971 

Electrical 1088 1248 754 2434 2400 

Electronics 703 933 415 1282 1445 

Furnishings 6501 6957 3360 17294 15018 

Air-conditioning/Anti-lce 1426 1346 669 1271 1398 

Misc. 26 28 11 28 

Dry Engine Weight 7680 7853 2795 4082 10535 11605 12925 
Manufacture(s Empty Weight (MEW) 59758 61710 23185 102837 113258 

Operational Items 262 2656 1382 8249 7940 

Operating Empty Weight (OEW) 60020 64366 24567 36620 111086 121198 134081 

Maximum Payload 24084 24084 7818 18720 40867 45724 60962 
Maximum Zero-Fuel Weight (MZFW) 84104 88450 32385 55340 151953 166922 195043 

Maximum Takeoff Weight (MTOW) 147392 151927 41497 72580 195011 256236 283720 
Total Static Thrust (N) 338000 338000 124600 193000 540000 660000 822000 

Table 4.13: Reported aircraft mass data (continued) 
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4.4.2 Wing Group Mass 

The wing group mass model is based on the method proposed by Udin and Anderson 

(1991). The method uses a theoretical wing mass derivation based on a simplified 

concept model of wing. The formula is applicable to both straight tapered wings and 

multi-tapered wings. 

The method used in the model will be described briefly. 

The estimated relative mass of the wing structure is 

where: 

kun twist moment factor 

mM wing mass due to bending 

mQ wing mass due to shear 

mrib relative mass of ribs 

mail relative mass of ailerons 

msk relative mass ofload-free skin 

mflap relative mass of flaps 

The twist moment factor k trn is 

k -1+ O.OIS.JA(1+2A t ) 

un - (I + At )cosA 

where: 

A aspect ratio (-) 

At taper ratio to wing tip (wing tip chord divided by wing root chord) (-) 

A half-chord wing sweep CO) 
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The relative masses of structure counteracting the bending moment and shear are 

m = ( Plow" + Pupp" J Agda~ET (K + K + K ) 
M 4 T Mj Mm Mo er act upper cr actlower P 

where: 

Plower density of lower panel structural material (kgm-3
) 

Pupper density of upper panel structural material (kgm-3
) 

gd design overload factor (-) 

a gravitational acceleration (9.81ms-1
) 

~ mass of the aircraft (kg) 

p wing loading (aircraft mass divided by wing area) (kgm-2) 

(4.33) 

(4.34) 

The values of the actual stresses average over the lower and upper panels can be 

estimated using 

er ulower cr uupper 
cr actlower = k k ; 0' act upper = k k 

sllower man si upper man 

where: 

a ulow" lower panel ultimate stress (Pa) 

a uupp" upper panel ultimate stress (Pa) 

ksllower lower panel service life factor 

ksl upper upper panel service life factor 

(4.35) 

For aerospace aluminium alloys, typical values oflower and upper panel ultimate 

stress are 330MPa and 200MPa respectively. The manufacturing coefficient kman is 

derived from aircraft in a similar category. The value of kman decreases with the 

increasing aircraft size. U din and Anderson (1991) recommend that kman has values 

between 1.62 and 1.90 with a default value of 1.7. 
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The absolute root wing thickness T is detennined from the overall wing geometry 

using 

(4.36) 

where: 

t, root relative thickness 

A.s taper ratio to the sweep joint 

Zs relative co-ordinate of fuselage junction 

The coefficients KMo• KM"" KMi are given by: 

(4.37) 

68 



4. Aircraft Design Model 

2 w .lm * J 

6 , w .l.{l-z )2m * ) 

(4.38) 

where: 

Am half-chord sweep angle of the midboard wing (0) 

Ao half-chord sweep angle of the outboard wing e) 
mw* previously iterated or expert-estimated relative wing structure mass (-) 

mfu re1ati ve fuel mass (-) 

hs thickness taper to sweep joint, = t,!.., / t, 
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ht thickness taper to wing tip, = t,A.tt, 

IJIs wing airfoil area taperratio to the sweep joint, = h,A, 

ts sweep joint relative thickness 

tt wing tip relative thickness 

IJIt wing airfoil area taper ratio to wing tip, = h,A, 

For straight tapered wings with no sweep joint it is assumed that 

1 
Z =-' , 2' 

h =1 , 
I-h , . 

2 -2zr ' 

The mass of the ribs is given by, 

where: 

mrrib root rib mass 

mfrib fuselage rib mass 

A =1- I-A, . 
, 2-2z' r 

-1- l-IJI, 
IJI, - 2-2z 

r 
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(4.40) 

(4.41) 

(4.42) 

m,owrib row rib mass (those that are only aerodynamically loaded) 

The mass of the ailerons is given by, 

(4.43) 

where: 

Soil area of ailerons (m') 

S gross wing area (m') 

The mass of the skin is given by, 
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3 
msk =- (4.44) 

p 

where: 

p aircraft maximum wing loading (=MTOW/S) (kg/m2) 

It is now accepted that the mass of the flap system must be treated independently of 

the main wing. The following method was developed by Torenbeek (1980). 

The relative mass of the flaps is given by, 

m flap = IDler + IDler (4.45) 

where: 

m'ef relative mass ofleading edge flaps 

mtef relative mass of trailing edge flaps 

The relative mass of the leading edge flaps is given by, 

(4.46) 

where: 

k 'ef =2.5 for Krueger leading edge flaps and 3.5 for all other leading edge flaps 

The relative mass of the trailing edge flaps is given by, 

[ 

2 ]3/4 
m = 2.706 S k (S b )3116 (Vtef) sina'ef cosA tef 

tef tef tef tef 'ef 1 00 t 
~ w 

(4.47) 

where: 

71 



8ler trailing edge flap area (m') 

kl,r =1.05 for double-slotted flaps 

1.25 for triple-slotted flaps 

1.25 for single-slotted fowler flaps 

1.30 for double-slotted fowler flaps 

1.62 for triple-slotted fowler flaps 

4. Aircraft Design Model 

bl,r trailing edge flap length (flap span divided by cosine flap sweep angle) (m) 

Vier maximum flap down speed (m/s) 

al,r maximum flap deflection angle (0) 

A I,r flap half chord sweep angle (0) 

t lef thickness ratio of upper flap 

The relative mass of other wing mounted surfaces, e.g., brake flaps, spoilers etc. is 

included in the surface controls group. 

Udin and Anderson (1991) demonstrate an average error of5.9% for estimated wing 

mass when compared with data from a selection of propeller and jet transport aircraft. 

In this application the formula has been applied to the set of jet transport aircraft 

whose wing masses are tabulated in Table 4.13 and plotted in Figure 4.14. 
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Figure 4.14: Correlation of wing group mass estimate 
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Example: 

Input data for the wing mass calculation is listed in Table 4.14. Due to the complexity 

of the formula each equation is broken down resulting in smaller intermediate 

calculations. For brevity only the full results are provided in Table 4.15. However, a 

full listing of all intermediate answers is shown in Appendix D. 

The calculation is iterative, the relative mass of wing between dependent on its own 

relative mass. The method has been implemented such that two concentrated loads 

may be placed on the wing to simulate the mass of podded engines, one inboard of the 

sweep joint and one outboard. For this case the outboard mass is set to zero. 

Additionally the formula accounts for bending relief of fuel contained within the 

wing. The relative fuel mass used is normally the minimum amount whilst still 

achieving maximum take-off mass, i.e. the fuel mass associated with the aircraft's 

maximum payload. 

Gross Area (m<) S 185.25 
Aspect Ratio (-) AR 7.82 
Spanwise location of sweep joint (-) 0.390 
Inboard panel taper ratio (-) Ck/C, 0.561 
Outboard panel taper ratio (-) c,/c, 0.391 
Quarter chord sweep angle (0) A% 25.00 
Half chord sweep angle (0) A" 21.32 
Root thickness-chord ratio (tic) (-) (tic), 0.140 
Tip thickness-chord ratio (tic) (-) (tic), 0.100 
Coefficient z, (-) z, 0.50 
Coefficient z, (-) z, 0.11 
Doubled relative mass of inboard concentrated load (-) mc1, 0.091 
Doubled relative mass of outboard concentrated load (-) mc1, 0.000 
Thickness taper ratio to tip (-) h, 0.14 
Thickness taper ratio to sweep joint (-) h. 0.52 
Wing airfoil taper ratio to wing tip (-) 1jI, 0.51 
Wing airfoil area taper to sweep joint (-) 1jI, 0.73 
Relative mass of fuel in wing (-) m,u 0.16 
Maximum takeoff mass (kgf M,o 99792 

Table 4.14: Wing mass input data 
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Contribution due to bending from outboard wing KMo 0.0239 
Contribution due to bending from mid board wing ~m 0.0820 
Contribution due to bending from inboard wing KM; 0.0239 
Relative mass due to bending mM 0.0783 
Relative mass due to shear me 0.0078 
Twist moment factor ktm 1.0547 
Relative mass of wing ribs mrib 0.0118 
Relative mass of ailerons mail 0.0019 
Relative mass of load skin m,k 0.0056 
Relative mass of leading edge flaps mJef 0.0065 
Relative mass of trailing edge flaps mtef 0.0124 
Relative mass of wing mw 0.1290 
Actual wing group mass (kg) Mw'"' 12487 

Table 4.15: Wing mass output data 

The relative mass of the wing is seen to be 0.129. This is typical of values from civil 

transport aircraft. Of this value, the leading and trailing edge flaps contribute 15 

percent. The mass due to bending (0.0783) accounts for 70 percent of the remaining 

wing relative mass (0.1101). 

4.4.3 Fuselage Group Mass 

Estimating the fuselage group mass is complicated by the variety of fuselage layouts 

possible. However most civil transport aircraft use pressurised circular section 

fuselages allowing mass estimates to be determined relatively accurately. These 

empirical methods have been established from historical data of current aircraft. 

Larger aircraft, like for example the Boeing 747-400, have non-circular section 

fuselages with upper deck accommodation. This increases overall floor area and 

hence floor mass. It likely that a future large aircraft will adopt a non-circular fuselage 

with upper deck accommodation. In this case and for more accurate estimation of 

fuselage group mass, the fuselage group is broken down into individual components 

such as the skin, frames, stringers, floors, doors and windows etc. This technique is 

termed the weight penalty method as each component added to the basic fuselage 

shell is considered as a weight penalty. Thus a more complex fuselage arrangement 

increases the weight penalty and hence overall fuselage group weight. 

The following method used to estimate the fuselage group mass was developed by 

Torenbeek (1980). 
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The mass of the fuselage skin may be computed using three different equations. Each 

equation uses a different criteria for computing fuselage skin mass. All three 

equations are used and the maximum value is taken to be the fuselage skin mass. 

The mass of skin based on geometry is 

M - 0 05428k S 107 y 0.73 
skl-· "'G D (4.48) 

where: 

kx fuselage slenderness ratio 

SG gross shell area (m3) 

y D aircraft design dive speed (ms-I) 

Mass of skin based on pressure 

(4.49) 

where: 

lip maximum operational differential pressure in cabin or pressurised fuselage 

section (kgcm-2
) 

Dr fuselage diameter (equivalent diameter for double bubble fuselage cross 

section) (m) 

frer reference mean hoop stress level (pa) 

f actual mean hoop stress level (Pa) 

In the absence of detailed infonnation, it is assumed frer If = 1 . 

Mass of skin based on minimum gauge: 

M M,k S 
sk3 =--x G 

SG 
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where: 

M,k /SG = 2.173 kg/m2 for 0.8mm gauge skin. 

The mass of the skin is thus the maximum value from equations (4.48), (4.49) and 

(4.50). In practice the mass of the skin for modern civil transport aircraft is dependent 

on geometry from equation (4.48). However with large diameter fuselages, the skin 

mass is dependent on pressure requirements from equation (4.49). 

The gross stringer and longeron mass is estimated using 

M = 0 011 7k S 1.4SV 039 0.31. 
str· ). G 0 nult (4.51) 

where: 

nul! ultimate load factor (= 1.5 x limit load factor) 

The gross standard frame mass is estimated using 

(4.52) 

Hence the fuselage gross shell mass is given by 

(4.53) 

Removed Material 

When determining the mass of removed material, it assumed that all, doors, windows 

and access bays are faired over and that their equivalent area is removed from the 

gross shell mass. The mass of the removed material is estimated using 

MG 
Mremoved = --x area removed 

SG 
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Additional material 

Table 4.16 defines the additional mass associated with both the filling and surround 

for several standard fuselage components. The surround mass accounts for local 

strengthening required by the component. 

Fillings Surrounds 

Passenger & crew doors 44.2.Jt.pbh 
22.3~ A,p , front, aft 

29.8~Aap , above wing 

Cargo hold doors (belly) 48.8~bh 
35.7 ~A,p , front 

50.6~A,p , aft 

Cockpit window glazing 4.3IA
w
,t.pO.25 .Jbr VD Included in filling 

Windows and ports 23.9A,p.Jb; 
Included in filling 

Equipment bay/access doors, 22bh 9.97~A,p 
landing doors 

Speedbrakes 10-15 kg/m2 9.97~A,p 

Table 4.16: Mass of additional fuselage components 

where: 

b width (m) 

h height (m) 

Aap wetted area of aperture (m2
) 

Aws windshield wetted area (m2
) 

t.p maximum operational differential pressure in cabin or pressurised fuselage 

section (kg/cm2
) 

If data for the number/area of access doors is not available the associated mass may 

be assumed to be 1.5 to 2 percent of the gross shell mass. 

The mass of passenger cabin and freight hold floors is computed separately due to the 

different floor loading requirements of the two floor types. The mass of floors is 

generalised as 

M -k S 1.045 
fl-flfl 
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For passenger cabin floors, nonnally used in pressurised fuselages with under-floor 

cargo holds the constant kfl is 

kfl = 0.3074Fa (4.56) 

where Pfl is the floor loading in kg/m2
• Typical values for Pfl for civil transport aircraft 

are 500 kg/m2
• 

For cargo-hold floors nonnaIly used in under-floor cargo holds with containerised 

freight the constant kfl is 

kfl =10.867 (4.57) 

For cargo-hold floors nonnally used for the carriage of bulk freight the constant kfl is 

kfl = 14.67 (4.58) 

Flight deck floors typically have a specific mass of 80 percent of the cabin floor mass 

per unit area. 

Pressure bulkheads used at the rear of the passenger cabin are nonnally spherical. 

Their mass is estimated using 

(4.59) 

where ~p is the fuselage maximum pressure differential and Sbh is the bulk-head 

cross-sectional area (m2
). 

Cockpit bulkheads are nonnally flat and their mass is estimated assuming a specific 

mass of3.66kg/m2
• 
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The mass associated with the main wheel-bays is estimated using the following 

expression. 

(4.60) 

where L'1p is the fuselage maximum pressure differential and M G is the gross shell 

mass. This mass includes the mass of undercarriage doors and bulkheads, where the 

wheel bays are unpressurised. For nose wheel bays the mass is estimated using 

MWb =0.00282xMTOW +3.18 (4.61) 

Additional mass is required for the wing/fuselage support structure. This accounts for 

the mass penalty incurred attaching the wing spars to the fuselage hoops. For a low 

wing aircraft, the mass penalty is estimated using 

(4.62) 

For high wing aircraft, the penalty is assumed to be two-thirds of above value. 

If the engines are mounted directly on the fuselage sides, additional mass penalties 

with occur. The direct penalty is estimated to be 5 percent of the bare engine mass. 

The indirect effect due to the bending moment at touchdown is difficult to predict but 

may increase fuselage mass by up to 10 percent for large aircraft. 

The mass penalties arising from other support structure are shown in Table 4.17 from 

Torenbeek (1980). 

79 



4. Aircraft Design Model 

Structure Mass Penalty 
Tailplane support structure 10 percent of tailplane group mass 
Wing mounted main undercarriage with 5 percent main undercarriage group mass 

fuselage-mounted sidestays 
Wing/fuselage fairing 5 percent wing group mass 
Passenger air stairs 30 kg per metre of extended length 
Fairings for double bubble fuselages 1.5 percent fuselage gross shell mass 
Paint, sealing and redux 2 percent 01 luselage gross shell mass 
Production joints 3 percent 01 luselaQe gross shell mass 

Table 4.17: Fuselage support structure mass penalty (Source: Torenbeek 1980) 

The total mass penalty is then added to the shell mass to give the total fuselage group 

mass. 

The complete method has been applied to several aircraft and plotted in Figure 4.15. 

The method works well for most aircraft with the exception of the large three-engined 

transports such as a the DC 1 0, L 1 0 11 TriStar and MD 11 where the method under 

predicts by 2,000-3,000kg. No attempt was made is this analysis to account for the 

rear-engined configuration. The difference is directly associated with the additional 

engine support structure required for these rear engined aircraft. To bring the 

predictions in line with other aircraft the mass penalty may be assumed to be 5 

percent of the bare engine mass plus 5 percent of the fuselage mass. 
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Example: 

The following example illustrates the prediction of fuselage mass for the Boeing 757 

aircraft. Fuselage input data is provided in Table 4.18. This includes geometry and 

operating characteristics. Output data is shown in Table 4.19. The gross shell mass is 

seen to account for half of the total mass. Modifications to the basic shell structure 

account for 15 percent, the remaining mass being associated with interior structure 

and connections to other airframe components. 

Fuselage gross shell area (m') Sw 534.35 
Design Dive Speed (m/s) VD 208.00 
Service life factor ksl 1.5 
Limit load factor gd 2.5 
Max fuselage pressure differential (kg/m') t.p 0.59 
Number of doors NdOOrs 8 
Area of door (m') Sdoor 1.20 
Number of windows Nwln 100 
Area of window (m') Swin 0.081 
Area of cockpit glass (m2) Scockpn 2.50 
Number of cargo doors NcargOdOOrs 2 
Area of cargo door (m2) Scargodoor 2.50 
Area of bulk cargo door (m2) Sbulkdoor 0.90 
Area of cabin floor (m2) Scablnfl 116.04 
Area of flight-deck floor (m2) Smghtfl 8.50 
Area of cargo hold floor (m2) ScargOfl 60.00 
Area of bulk cargo floor (m2) SbUlkfl 9.00 
Floor loading (kg/m2) Pfl 500.00 
Rear bulk-head diameter (m) Drbh 3.20 
Cockpit bulkhead diameter (m) Dcbh 1.80 
Number of double seats Ndouble 0 
Number of triple seats Nlnpl• 31 
Volume of passenger cabin (m3) Vpc 230.50 
Volume of cargo hold (m3) VCh 50.69 

Table 4.18: Fuselage mass input data 
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Length coefficient A. 1.09 
Mass of skin based on geometry (kg) M'k1 2595.88 
Mass of skin based on pressure (kg) MSk2 2032.03 
Mass of skin based on min gauge (kg) MSk3 1161.14 
Mass of skin (kg) MSk 2595.88 
Gross stringer & longeron mass (kg) Mstr 1404.50 
Gross standard frame mass (kg) M" 760.07 
Gross shell mass (kg) Mg 4760.46 
Mass of removed material Mrm 232.52 
Mass of passenger door (kg/door) Mdoor 65.17 
Mass of cargo hold door (front) (kg) Med, 150.16 
Mass of cargo hold door (rear) (kg) Med, 173.72 
Mass of bulk cargo door (kg) Mbulkdoor 81.74 
Mass of access doors and panels (kg) Mpanels 95.21 
Mass of cockpit glazing (kg) Mckptglass 272.39 
Mass of window (kg) Mwl" 

3.87 
Total penalty (kg) Mpenalty 1531.59 
Mass of cabin floor (kg) Mcablnfl 987.88 
Mass of flight-deck floor (kg) MflIghfl 57.89 
Mass of cargo floor (kg) McargOfl 783.93 
Mass of bulk cargo floor (kg) MbUlkfl 145.75 
Mass of rear bulkhead (kg) Mmh 66.91 
Mass of cockpit bulkhead (kg) MOOh 9.31 
Mass of nose landing gear bay (kg) Mngb 284.58 
Mass of main gear bays (kg) Mmgb 390.16 
Mass of wing/fuselage connection (kg) Moonn 359.80 
Mass of tailplane support structure (kg) Msupp 222.39 
Mass of wing/fuselage fairing (kg) Mfairing 624.34 
Mass of paint, sealing, redux (kg) Mpslnt 95.21 
Mass penalty of production joints (kg) Mjolnts 142.81 
Fuselage group ikQl Mfuselsae 10026 

Table 4_19: Fuselage mass output data 

4.4.4 Tail Group Mass 

For civil transport aircraft the design dive speed has a dominant effect on the tailplane 

group mass. Torenbeek (1980) suggests that the specific horizontal and vertical 

tailplane masses obey the following relationship 

(4.63) 

(4.64) 
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where: 

Mh mass of horizontal tailplane (kg) 

Sh horizontal tailplane area (m2
) 

kh horizontal tailplane configuration factor 

Mv mass of vertical tailplane (kg) 

Sv vertical tailplane area (m2
) 

kv vertical tailplane configuration factor 

VD aircraft design dive speed (mls EAS) 

For fixed incidence horizontal tailplanes, kh=l.O and for variable incidence horizontal 

tailplanes, kh= 1.1. For fuselage mounted horizontal tailplanes, kv= 1.0 and for T -tail 

configurations 

(4.65) 

The functions in equations (4.63) and (4.64) may be estimated by plotting charts 

which contain data with known specific mass values (M/S). Figure 4.16 shows the 

results for the horizontal tail. 
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The data shows that using Torenbeek's function, the specific tailplane mass is 

consistently over estimated. In view of these results the following expression based on 

the best curve fit from Figure 4.16 is used 

MH =kH [-1.1SE-07( ShO.

2y
O J3 +9.27E-OS( ShO.

2y
O J2 +3.06E-02( ShO.

2y
O J] 

SH ~COSAh ~COSAh ~COSAh 

(4.66) 

A similar analysis was undertaken for the vertical tailplane. Figure 4.17 shows a 

comparison of actual specific tailplane masses and estimates using Torenbeek's 

function. 

For aircraft with low-set horizontal tails, Torenbeek's function compares well with 

actual values. However, using the best curve fit function avoids the sharp 

discontinuity and results in the following expression 

Mv =kv [-1.62E-07( SvO.

2y
o J3 +1.3SE-04( Sv°.2Yo J2 +2.70E-02( SvO.

2y
o J] 

SV ~cosAv ~cosAv ~cosAv 
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Only a small amount of data was available for aircraft with T -tails. In these cases, 

however, the factor kv that accounts for the increased vertical tailplane mass with T

tails seems to over predict the vertical tailplane mass. 

Example: 

The following example demonstrates the estimation of the horizontal and vertical tail 

group masses for the Boeing 757 aircraft. Input data for the calculations is presented 

in Table 4.20. The Boeing 757 has a conventional low-set horizontal tail with variable 

incidence. Thus kh=1.1 and kv=1.0. Output mass data is listed in Table 4.21. 

DeSign Dive Speed (m/s) VD 208.00 
Vertical tail gross area (m2

) Sv 34.37 
Vertical tail quarter chord sweep angle (') Ay.,v 39.00 
Horizontal tail gross area (m2

) Sh 50.35 
Horizontal tail quarter chord sweep angle (') Ay," 27.50 
Variable incidence horizontal tail factor k 1.1 

Table 4.20: Tail mass input data 

Horizontal Tailplane Factor (kg/m') M.tSh 483.61 
Horizontal Tailplane Mass (kg) Mh 1448.83 
Vertical Tailplane Factor (kg/m') M,ISv 478.68 
Vertical Tailplane Mass (kg) Mv 892.09 
Tail group mass (kg) M1ai 2224 

Table 4.21: Tail mass output data 

4.4.5 Undercarriage Group Mass 

Detailed estimation of the alighting gear group mass is dependent on the number and 

size of wheels and tyres, strut length etc. However, at the preliminary design stage, 

little is know about the geometry of the undercarriage and as such it is generally 

estimated using empirical methods based on the aircraft overall mass. Torenbeek 

(1980) suggests the following relationship for nose gear and main gear 

(4.68) 

(4.69) 

85 



4. Aircraft Design Model 

where: 

Mnuc nose gear mass (kg) 

Mmuc main gear mass (kg) 

kuc constant for configuration (-), 1.0 for low wing airplanes, 1.08 for high wing 

airplanes 

The above expressions were compared with reported data from Table 4.13 and plotted 

in Figure 4.18. Although equations (4.68) and (4.69) estimate nose and main gear 

mass separately, only the total mass was available from published data. Thus, the nose 

and main gears masses were summed for comparison. 
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Figure 4_18: Correlation of undercarriage group mass estimate 

Examination of Figure 4.18 shows that correlation is good, with only a slight under 

prediction observed for large takeoff masses. Best fit curves were then applied to the 

Torenbeek nose and main gear mass estimates. The resulting expressions, shown 

below, are considerably simpler than equations (4.68) and (4.69) and are thus used for 

the alighting gear group mass model. 

Mn", = 0.0049M,o + 66.161 
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More complicated prediction methods are available for undercarriage mass prediction, 

e.g. Raymer (1992). These methods require detailed knowledge of undercarriage strut 

and axle dimensions increasing the amount of input data required. Although, the 

errors involved with the simple method described above may be of the order of 5 

percent, since the undercarriage mass is small compared to the total aircraft mass, the 

error may only amount to some 0.5 percent on the total aircraft mass which would 

appear to be acceptable. 

Example: 

In this example the nose gear, main gear and overall undercarriage group mass are 

computed for the Boeing 757. Maximum takeoff mass is assumed to be 99792kg. 

Output data is shown in Table 4.22. The nose gear contributes 14 percent of the total 

undercarriage group mass. 

Nose gear (kg) Mnuc 555.14 

Main gear (kg) Mmuc 3362.62 

Undercarriage group mass (kg) Mo. 4309.54 

Table 4.22: Undercarriage mass output data 

4.4.6 Surface Controls Group Mass 

The mass of surface controls includes such things as cockpit controls, automatic pilot, 

trailing edge flap controls, leading edge flap controls and spoiler controls. Torenbeek 

(1980) suggests their mass may be approximated to 

where: 

2/3 
Msc = ks.M t• 

Msc surface controls group mass (kg) 

ksc factor for flight control system category (-) 
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For transport aircraft with powered controls and trailing edge devices only, ksc=0.492. 

Torenbeek recommends this value should be increased by 20 percent for leading edge 

device controls and by 15 percent for spoiler controls. 

The expression above was compared with published mass data. Figure 4.19 shows 

that despite the wide scatter observed that the function provides a good estimate for 

the surface controls group. The scatter is possibly due to the fact that some aircraft 

have complex control surfaces with multiple surfaces which are not directly 

accounted for in the estimating equation. A large over prediction can be seen in 

Figure 4.19 for the Airbus A300B2. This may be accounted because of the complex 

high lift/spoiler systems and associated controls used on this aircraft. 
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Figure 4.19: Correlation of surface controls group mass estimate 

A best fit curve was applied to the published data which produced the following 

expression 

M 
~ = 0.4035M

to 
0.6842 

k 
(4.73) 

where k is 1.0 for a transport aircraft with powered controls and wing trailing edge 

devices only, 1.2 if the aircraft also has wing leading edge devices and 1.38 if the 
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aircraft also has wing spoilers. The expression above is used to estimate the surface 

controls group mass in the aircraft design model. 

Example: 

The Boeing 757 has a relatively complex system of surface controls with leading 

slats, trailing edge flaps and wing spoilers and thus k is assumed to be 1.38. Based on 

a maximum takeoff mass of 99,792kg, the specific mass is 1062.25kg and the total 

surface controls group mass is 1464.31kg. 

4.4.7 Nacelle Group Mass 

The nacelle group mass includes the mass of the nacelle material covering the basic 

engine structure, any thrust reversal system and also the structure through which the 

nacelle is attached to the aircraft wing or fuselage. Any noise suppression material or 

flow mixers used to reduce powerplant source noise is also normally assumed to form 

part of the nacelle group mass. 

For turbojet or turbofan engines, Torenbeek (1980) suggests that the nacelle mass is 

estimated using 

where: 

M.a. = 0.055ktiu' Tt. 
9.81 

(4.74) 

Mnoc mass of nacelle and pylon, including extended nacelle structure for thrust 

reverser (kg) 

Tto total take-off sea-level static thrust (N) 

kthr thrust reverser configuration factor (1.0 thrust reverser present, 0.8 no thrust 

reverser) 

For high bypass ratio turbofan engines with a short fan duct, Torenbeek (1980) 

suggests that the nacelle mass is estimated using 

M.ao = 0 .065k tIrr Tt. 
9.81 
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The coefficient increases due to the additional nacelle mass associated with the larger 

diameter of high bypass ratio turbofan engines. 

Reducing powerplant source noise through suppression will tend to increase nacelle 

mass. Torenbeek (1980) suggests that acoustic lining of 50 percent of the nacelle area 

may increase nacelle mass by up to 20 percent. Increasing bypass duct length with the 

addition of a mixer will also increase nacelle mass. On the Rolls Royce RB 211-

535E4, the long fan duct and mixer increased each nacelle mass by 130kg (Benito 

1986). This corresponds to a increase of about 20 percent. 

Data was obtained for the nacelle group mass of several civil transport aircraft with 

two, three, and four engines. The data is plotted in Figure 4.20 as Mnac Ik vs. Ttn • 
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Figure 4.20: Correlation of nacelle mass group estimate 

Although there is some scatter in the data, a linear variation of nacelle group mass 

with total static thrust is acceptable. The gradient of the best fit line is 0.047 

somewhat lower than that suggested by Torenbeek (0.065). In view of this the nacelle 

mass will be estimated using the following expression 
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Mn., = 0.047 k'hr T,c 
9.81 

It is assumed that if no thrust reverser is present that the nacelle mass reduction 

remains unchanged. 

Example: 

(4.76) 

Total takeoff sea-level static thrust for the Boeing 757-200 is 356.8kN (From 

Appendix B). Based on equation (4.76) the nacelle group mass is computed to be 

1709.44kg. 

4.4.8 Auxiliary Powerplant Unit Group Mass 

The Auxiliary Powerplant Unit (APU) provides electrical power for the aircraft when 

the main engines are not running during ground operations where no other suitable 

power source is available. The mass of the APU group is typically expressed as 

Mass = k,puM,pu (4.77) 

where kapu is the installation factor and includes the mass associated with APU 

mounting structure, exhaust duct mounting and other accessories. Torenbeek (1980) 

suggest the installation factor is approximately 2.0 to 2.5. Statistical analysis of 

existing aircraft data performed by Roll Royce (1970) suggested a installation factor 

of2.26 which is consistent with Torenbeek. 

The basic APU mass is often related to the number of passengers or the cabin volume, 

since one of the main roles of the APU is to provide sufficient power for cabin 

services whilst the main engines are not running. Torenbeek (1980) suggests that the 

basic APU mass is 

• 31 S 
M,pu = 1 I. 7M b, (4.78) 

where Mba is the bleed air mass flow rate per passenger in a high density layout. A 

typical value is approximately 0.5kglmin. 
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Actual APU group mass data was obtained for a variety of turbofan civil jet transport 

aircraft for comparison with estimates using the above method. Figure 4.21 shows a 

comparison of APU group mass against the number of passengers in a high density 

seating layout. 

Although there is some scatter in the actual APU group data (Figure 4.21), the 

agreement between actual and estimated masses is seen to be good. Under predictions 

are observed for the Airbus A300B2 and the Lockheed LlOll TriStar. This may be 

explained in part for the former aircraft by the fact that it is a short haul aircraft with 

smaller power demands for services such as meal preparation. Some weight reduction 

may also be attributable to advances in APU technology introduced in the early 

1970's. Torenbeek (1980) notes that recent wide-body transports have a specific APU 

mass of only 65 percent of the value computed using (4.78), the reduction being 

mainly due to improvements in materials and cycle efficiencies. 

A best curve fit of the actual APU group mass produces the following expression 

M = 7 32M 0.6895 
apu • ba (4.79) 

Comparison with the expression presented by Torenbeek, shows that the power term 

is increased, but the multiplying factor is reduced. Although both expressions are 

similar, the above expression is used in the aircraft design model. 
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600 

The maximum passenger capacity (exit limited) of the Boeing 757-200 is 239. 

Assuming 0.5kglmin bleed air mass flow rate this corresponds to a total bleed air 

mass flow rate of 119.5kglmin. Using equation (4.79) and assuming an installation 

factor of2.26 the APU group mass for Boeing 757 is estimated to be 376.6kg. 

4.4.9 Propulsion Mass Group Mass 

The propulsion group mass is highly dependent on the basic engine mass. Torenbeek 

(1980) suggests that the propulsion group mass may be estimated using 

(4.80) 

where ktr is a factor to account for the mass of a thrust reverser, N eng is the number of 

engines and Meng is the basic engine mass. If a thrust reverser is present ktr is equal to 

1.18, otherwise ktr is zero. In order to estimate the propulsion group mass with any 

accuracy it is necessary to also estimate the basic engine mass. Estimating basic 

engine mass is often achieved by assuming that the mass is directly proportional to the 

maximum static thrust produced by the engine. Empirical data from Appendix C has 

been used to plot engine mass versus static thrust in Figure 4.22 to test the accuracy of 
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this hypothesis. The plotted data shows that although the relationship between engine 

mass and thrust is approximately linear, better accuracy may be obtained by curve 

fitting. In the case of Figure 4.22, a cubic curve has been fitted to the data. This 

produces the following expression for basic engine mass 

(4.81) 

Two changes of gradient are visible on the curve fit. Initially the curve fit is almost 

linear. Above a mass of I ,500kg the gradient begins to decrease. This implies that 

engines are able to produce greater thrust for given engine mass. This relative weight 

reduction is probably due to the associated reduction in relative mass of engine 

accessories that need not necessarily be scaled in size and mass with engine thrust. 

The curve then continues in almost linear fashion up to an engine mass of 5,OOOkg. 

Above this the gradient of the curve increases once more. 
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Figure 4.22: Dry engine mass 

This may seem contradictory with the earlier statement that implies engine specific 

mass should decrease with increasing size. However, the data as plotted hides one 

important factor determining engine mass. As one moves to larger engines, in general, 

engine bypass ratio and overall pressure ratio increase. This is in part due to a trend 
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for improved engine fuel efficiency and that the largest engines also tend to be the 

most modem. Examining the engine data plotted in Figure 4.22 shows that engine 

bypass ratio increases from 0.42 to 9.0 as engine size increases and pressure ratio 

increases from 12.0 to 42.0. Indeed the heaviest engine (GE90) has the highest bypass 

ratio. Thus, it is likely that the increased gradient of the curve fit for the largest 

engines is most likely to be a engine bypass ratio effect. This may also account for 

increased scatter amongst the three largest engines. The lightest of the three engines 

has a bypass ratio of around 6.0 (Trent 890), the middle engine (PW4084) has a 

bypass ratio of 6.41. Since this data was published it is believed that weight reduction 

programs have been initiated for the two heavier engines and the final production 

mass of these engines may have been reduced. It is also interesting to observe in 

Figure 4.22 that there are currently two gaps in the range of engines analysed. The 

first gap is for thrust levels 70-100kN (16,000-23,000lb) which will shortly be filled 

by the recently launched BMW-RR 700 series of engines. The second gap is in the 

thrust range 190-230kN (43,000-52,000) which will be filled by the forthcoming RR 

Trent 500 series for the Airbus A340-500/600. 

Using equations (4.80) and (4.81) and it is possible to estimate the propulsion group 

mass for aircraft listed in Table 4.13. The results are plotted as propulsion group mass 

versus dry engine mass in Figure 4.23. The best fit line passes very close to estimates 

based on Torenbeek's equation. The associated gradient is 1.3628 compared with that 

from equation (4.80) of 1.357. 
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Figure 4.23: Correlation of propulsion group mass estimate 

Example: 

The sea-level static thrust of the RB211-535E4 installed on the Boeing 757-200 is 

l78.4kN. Using equation (4.81) results in a dry engine mass of3294kg. The quoted 

value from Appendix C is 3401kg corresponding to an under prediction of3.1 

percent. Using equation (4.80) the propulsion group mass is 8940kg. Using the 

gradient obtained from Figure 4.23 gives a group mass of9014kg. 

4.4.10 Instruments, Navigational Equipment and Electronics Group 

This group includes of the mass of cockpit instrumentation, navigational equipment 

and electronics. Its mass is small compared to that of the aircraft gross mass and 

therefore a simple estimating procedure is satisfactory. Torenbeek (1980) suggests 

that the group mass is dependent on the aircraft empty mass and the design range such 

that 

M. = 0 347M Sl9 R \/4 
leg • E D (4.82) 

It is logical that the group mass is related to the aircraft empty mass. The inclusion of 

the design range parameter implies that the part of the group mass (navigational 

equipment) is affected by range flown. Again, this is sensible as the further the 
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aircraft is flown, particularly over water, the more advanced, and hence heavier, the 

navigational system should be. However, in recent years navigational equipment has 

standardised on aircraft regardless of distance flown. All aircraft must have specific 

navigational equipment for operation in controlled airspace. More recently, the US 

Government has required that all aircraft operating in US airspace must be fitted with 

the Traffic-alert and Collision Avoidance System (TCAS). Again this will add to the 

group mass. 

Data from the aircraft listed in Table 4.13 is plotted against aircraft empty mass in 

Figure 4.24. The results show that a best fit curve based on aircraft empty mass is as 

good as the relationship presented by Torenbeek. This suggests range does not effect 

the navigational equipment mass and implies that civil transport aircraft have a similar 

level of navigation equipment. The mass of instruments does not probably rise 

significantly with increasing aircraft size. Thus, most of the group mass increase with 

increasing aircraft size is due to electronics associated with cabin systems and is thus 

dependent on fuselage and aircraft size. 

The curve fit of actual mass data produces the following expression 

(4.83) 

In view of the closer correlation to actual mass data, the above expression is used to 

predict the mass of the instruments, navigational and electronics group. 
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Figure 4.24: Correlation of instruments, navigational and electronics group 

mass estimate 

Example: 

For the Boeing 757-200, the operating empty mass is 57180kg. Using equation (4.83) 

the instrument, electronics and navigational equipment group mass is estimated to be 

573.4kg. 

4.4.11 Hydraulics, Pneumatics and Electrical Groups 

This group includes the mass associated with aircraft hydraulic systems, pneumatic 

systems and electrical groups. Most modem civil jet transport have hydraulic powered 

flight controls, pneumatic controls being rarely used. However, some turboprop 

aircraft with fixed wing leading edges may used pneumatic power for wing leading 

edge de-icing. Onjet transport aircraft with leading edge high lift devices, bleed air is 

normally used for anti-icing and the associated mass is considered separately. The 

electrical group mass is associated with electrical equipment used throughout the 

aircraft and will include power transformers, lighting and wiring. 

For jet transport aircraft, Torenbeek (1980) recommends that the group is subdivided 

into a hydraulics/pneumatics group mass and a electrical group mass. Thus the group 

mass may be expressed as 
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(4.84) 

For the hydraulics/pneumatics group mass, Torenbeek (1980) suggests the mass may 

be estimated using 

M hyd = 0.015ME + 272 (4.85) 

where ME is the manufacturer's empty mass. Data was obtained for the hydraulics 

group mass of several civil jet transport aircraft. This was plotted against 

manufacturer's empty mass along with predicted group mass using the above equation 

in Figure 4.25. 
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Figure 4.25: Correlation of hydraulics group mass estimate 

The results show that the expression presented by Torenbeek over predicts the 

hydraulic group mass for all but three aircraft, and also consistently over predicts the 

hydraulic mass relative to a best fit curve based on actual mass data. The Airbus A300 

and Lockheed LI0ll have greater hydraulic system masses as their powerful Fowler 

flap systems probably require additional hydraulic power. The following expression 

for hydraulic group mass was derived from the best curve 
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(4.86) 

As a result of the improved correlation with actual data, the above expression is used 

to predict to hydraulic group mass. 

The electrical group mass is directly related to the power generation requirements of 

the aircraft. All civil jet transport have a primary AC electrical system with a 

generator connected to each engine and often a least one additional generator 

connected to the auxiliary power unit. Torenbeek (1980) suggests that the electrical 

group may be estimated using 

(4.87) 

Only limited data could be obtained for aircraft where both the total power generated 

and the electrical group mass were known. However, the data is plotted in Figure 

4.26, together with predicted values using the above expression. For power levels 

below ISOkVA good correlation is shown between predicted and measured data. 

However, above 2S0kVA equation (4.87) over predicts electrical group mass. This is 

probably, as mentioned by Torenbeek (1980), due to advances in technology with the 

introduction of multiplexing, which will produce more beneficial gains with 

increasing aircraft size and also due to the use of high speed generators. 

A curve fit of the data plotted in Figure 4.26 produces the following expression 

(4.88) 

The above expression is used to predict electrical group mass in the aircraft design 

model. 
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Figure 4.26: Correlation of electrical group mass estimate 

Example: 

Estimating the hydraulics group mass requires that the Manufacturer's empty mass 

(ME) is know. This may be estimated by subtracting the operational items group mass 

from the operating empty mass of the aircraft which is readily available. However, in 

the context of mass estimation, ME may be computed by summing the previous 

component masses. Iteration is then used to constantly update ME and hence the 

hydraulics group mass. For the Boeing 757-200, the previously iterated empty mass is 

52,538kg. Using equation (4.86) the estimated hydraulics group mass is 915.2kg. 

For the Boeing 757-200 the electrical power generated is 160kV A. The electrical 

group mass is estimated using equation (4.87) to be 2028kg. Thus the total group 

mass is 2943kg. 

4.4.12 Furnishings and Equipment Group 

The furnishings and equipment group includes all items associated with cabin and 

flight deck accommodation, cargo handling equipment including cargo containers, 

and also fixed emergency equipment such as oxygen and evacuation slides. Since this 

is a relatively small mass compared to the aircraft total mass, most prediction methods 

group all the items into a single empirical function. Torenbeek (1980) suggests that an 

approximate group mass is given by 
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(4.89) 

where MZF is the maximum zero fuel mass of the aircraft. 

Equation (4.89) is compared with reported data from Table 4.13 in Figure 4.27. This 

shows that the method produces reasonable results for values for MZF below 100 

tonnes, above which the method underestimates considerably. This is probably due to 

furnishings mass for larger aircraft becoming dependent on range flown as well the 

number of passengers carried. As range increases, the requirements for carriage and 

preparation offood increase. This effect also may explain why the short-haul Airbus 

A300B2 furnishings mass appears quite low. 
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Figure 4.27: Simple estimate for furnishings group mass 

In view of the accuracy of the equation (4.89) it is desirable to subdivide the group 

mass into specific components. Torenbeek (1980) suggests the following subdivision 

for the furnishings and equipment group: 
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• Flight deck accommodations 

• Passenger cabin accommodation 

• Cargo restraint and handling (including cargo containers) 

• Fixed emergency equipment 

The mass of each component is now considered. The flight deck accommodation 

includes, the mass of the flight crew seats, cockpit sound proofing, floor and wall 

coverings. Torenbeek (1980) suggests the mass may be estimated using 

SM 0.285 
Mass = 16. E (4.90) 

where ME is the manufacturer's empty aircraft mass. 

The passenger cabin accommodation includes the mass of passenger and attendant 

seats, galley structure, toilet structure and associated systems, cabin floor coverings, 

cabin sound proofing, insulation and cabin stowage provisions. 

AEA (1989a) suggests the following values for the mass of passengers seats 

Double seats = 23kg 

Triple seats = 3Skg 

A centre row of four seats is normally assumed to consist oftwo double seats. The 

total seat mass is then determined assuming a detailed knowledge of the number of 

seats of each type. Attendant's seats are assumed to have a mass of8kg per seat 

(Torenbeek 1980). 

The mass of galley structure may be estimated using a method presented by 

Torenbeek (1980). However, the AEA (1989a and 1989b) recommends that the galley 

structure be incorporated with the mass of food, beverages and drinking water and 

defined as a mass per seat. This is defined under operational items in section 4.4.14. 

The mass oflavatory and toilet provisions is suggested by Torenbeek (1980) as 
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Mediwn/Long haul = 136kg/toilet 

Short haul = 75kg I toilet 

The mass of the cabin floor covering is suggested by Torenbeek (1980) as 

where Scc is the cabin floor area in square metres. 

The mass of soundproofing, wall covering, stowage fitting etc is suggested by 

Torenbeek (1980) to be 

Mass = 6.17(V pc + V,h y.07 

where V pc and V ch are the volwnes of the passenger cabin and the cargo hold 

respectively. 

(4.91) 

(4.92) 

Torenbeek (1980), suggests the mass of cargo restraint and handling equipment may 

be estimated asswning a specific mass of 1.28kglm' of cargo hold volwne. The mass 

of cargo containers is considered separately to the restraint and handing equipment 

and is included under the airframe service group (section 4.4.14). 

The mass of fixed safety equipment includes the mass associated with fixed oxygen 

systems, fire detection equipment, extinguishers and fixed escape equipment 

including evacuation slides and ropes. 

For oxygen systems, Torenbeek (1980) suggests the following mass relationships 

Mass = 13.6+ 0.544N pox 

Mass = 18.1 + 1.09N pox 

Short/no over water flights 

Extended over water flights 
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where Npax is the maximum certificated number of passengers. 

Torenbeek (1980), suggests the mass of the fire detection and extinguisher system 

may be estimated using 

Mass = 0.0012M,o (4.93) 

where Mto is the aircraft maximum takeoff mass. 

The mass of escape slides and ropes is suggested by Torenbeek (1980) to be 

Mass = 0.453Npax (4.94) 

The detailed furnishings group mass estimate has been applied to the aircraft listed in 

Table 4.13 and plotted in Figure 4.28. The results show improved correlation 

particularly for larger long range aircraft. There is still some degree of scatter in the 

data. This is likely to be a dependent on the data source since the choice of 

furnishings is highly dependent on the customer airline. 
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Figure 4.28: Correlation offurnishings group mass estimate 
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Example: 

The method is applied to the Boeing 757-200 aircraft using input data listed in Table 

4.23. The individual contributions to the furnishings group mass are listed in Table 

4.24. The two most significant items are the mass of passenger seats and the mass of 

soundproofing/covering material which contribute 25.4 and 39.1 percent respectively. 

Number of double seats Ndouble 0 
Number of triple seats Ntrlple 31 
Number of cabin attendants Nco 5 
Number of toilets Ntollets 5 
Cabin floor area (m2) Ncb• 116.04 
Volume of passenger cabin (m') Vpc 230.50 
Volume of cargo hold (m3) Vch 50.69 
Maximum number of passengers (high density layout) Np"x 239 
Manufacturer's empty mass (kg) Mew 52587 
Maximum takeoff mass (ka) MtQ 99792 

Table 4.23: Furnishings group mass input data 

Flight deck accommodation (kg) 365.54 
Passenger seats (kg) 1085.00 
Attendants seats (kg) 41.00 
Lavatory and toilet provisions (kg) 375.00 
Floor covering (kg) 295.94 
Soundproofing, wall coverings, ceiling panels (kg) 1669.13 
Cargo restraints and handling provisions (kg) 64.88 
Fixed oxygen system, portable oxygen sets (kg) 143.62 
Fire detection and extinguishing system (kg) 119.75 
Escape provisions (slides and ropes) (kq) 108.27 
Furnishings/equipment qroup mass (kg) 4268 

Table 4.24: Furnishings group mass output data 

4.4.13 Air-conditioning and Anti-Ice Group Mass 

The mass of the air-conditioning and anti-ice group is dependent on the type and 

complexity of the systems installed. For pressurised civil transport aircraft Torenbeek 

(1980) suggests that the mass is estimated using 

Mass = 14.0 I pc l.2S (4.95) 

where Ipc is the length of the pressure cabin in metres. 

Data listed in Table 4.13 was plotted against pressure cabin length as shown in Figure 

4.29. The chart also contains the equivalent estimates using equation (4.95). The 
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results show that Torenbeek's expression provides a good estimate for the group mass 

up cabin lengths of 40-45m. Above this, although data was only available for two 

aircraft, Torenbeek's expression significantly over predicts the group mass. 
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Figure 4.29: Correlation of anti-ice group mass estimate 

In view of this, a best fit curve was applied to the data which produced the following 

function for the group mass 

I 0.923 
Mass = 47.42 pc (4.96) 

This function will be used in the aircraft design model to predict the air-conditioning 

and anti-ice group mass. 

Example: 

The cabin length of the Boeing 757-200 is 36.09m. Using equation (4.96) the 

estimated group mass is 1,298kg. By summing the APU, instruments/electronics, 

hydraulics/electrical and air-conditioninglanti-ice groups the total systems group mass 

is 5,195kg. Thus it can bee seen that the air-conditioninglanti-ice group is a relatively 

significant proportion of the systems group mass. 
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4.4.14 Operational Items Group Mass 

The airframe services and equipment group includes the mass of the following items: 

• Flight and cabin crew (including baggage and flight equipment) 

• Passenger cabin supplies 

• Portable water and toilet chemicals 

• Removable safety equipment 

• Residual fuel & oil 

• Cargo handling equipment 

Flight crew, including their baggage and equipment are assumed to have a mass of 

93kg per flight crew member and cabin crew are assumed to have a mass of 68kg per 

cabin crew member. 

The passenger cabin supplies includes removable galley equipment, meal service, 

consumable food and drinks and other consumable media. The Association of 

European Airlines (AEA) definition (AEA 1989a and 1989b) also includes the mass 

of fixed galley structure. The mass of passenger cabin services is dependent on the 

flight duration and is estimated using 

Mass = llx Npax 

Mass = 20x Npox 

Short/medium haul flights 

Long haul flights 

Portable water and toilet chemicals are also, in general, dependent on the number of 

passengers. The AEA (AEA 1989a and 1989b) suggests the mass is 

Mass = 2 x Npox 

Mass = 3 x N pox 

Short/medium haul flights 

Long haul flights 

The mass of removable safety equipment, based on AEA recommendations (AEA 

1989a and 1989b) is 
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Mass = 2 x N pox (4.97) 

Torenbeek (1980) suggests that the mass of residual fuel for a gas turbine powered 

aircraft is related to the fuel tank volume such that 

Mass = 0.151 Vft2l3 (4.98) 

where V ft is the fuel tank volume. 

Finally, the mass of standard cargo containers is shown in . 

Container/Pallet Mass (kg) 
LD-3 90 

Standard pallet 120 
Igloo pallet 225 

Table 4.25: Mass of standard cargo containers/pallets 

The mass of an individual container is then multiplied by the number of containers to 

obtain the total mass of containers. 

The masses calculated above are then summed to estimate the total mass of the 

airframe services and equipment group. 

The method has been used to estimate the operational items group mass for the 

aircraft listed in Table 4.13. As expected there is some degree of scatter in the 

reported data. This is mainly due to operational items being highly dependent on the 

aircraft configuration and hence customer airline. Despite this the correlation is seen 

to be good for many aircraft in the sample. 
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Figure 4.30: Correlation of operational items group mass estimate 

Example: 

The following example demonstrates the method by estimating the operational items 

group mass for the Boeing 757-200. Input data for the calculation is shown in Table 

4.26. The mass of individual items is shown in Table 4.27. By far the largest single 

item is the passengers services equipment which represents 65.5 percent of the total 

group mass. The Boeing 757 does not normally use cargo containers and thus the 

number of containers has been set to zero. 

Number of flight crew N,c 2 
Number of cabin crew Nee 5 
Maximum number of passengers (high density layout) Nmaxpax 239 
Previously estimated fuel capacity' (litres) Fvol 44592 

Table 4.26: Operational items mass input data 

Crew provisions (kg) 630.00 
Passenger services, inc!. galley structure, trolleys, food etc. (kg) 2629.00 
Portable water & toilet chemicals (kg) 325.04 
Removal emergency equipment (kg) 239.00 
Residual fuel (kg) 189.88 
Cargo containers (kg) 0.00 
Operational items mass /kg) Moos 4013 

Table 4.27: Operational items mass output data 
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4.5 Lift Estimation 

4.5.1 Introduction 

The low speed performance of an aircraft is dependent on the area of the wing and its 

ability to generate lift. The area of the wing is dictated by many factors, ranging from 

the desire to minimise mass, whilst containing sufficient volume for fuel. The clean 

wing of modem civil aircraft, however, cannot generate sufficient lift to reduce 

takeoff and landing speeds to acceptable levels. To create additional lift, high lift 

devices are deployed at low speeds. The devices fall into two categories, leading edge 

devices and trailing edge devices. Leading devices delay wing stall and enable higher 

angles of attack to be achieved, thereby producing additional lift. Trailing edge 

devices increase the amount of lift produced for any given angle of attack by 

increasing the effective area and camber of the wing. Traditionally only two 

operating points are of interest to the aircraft designer, these being the takeoff speed 

and the final approach speed. However, the requirement to compute detailed flight 

profiles means that the lift and drag produced by high lift devices must be known 

throughout their range of operation. The following sections will introduce methods by 

which the lift increments for various flap types may be estimated. 

4.5.2 Methodology 

Raymer (1992) suggests that for accurate lift prediction, the high lift devices and 

clean wing must be considered separately. For a clean wing he suggests that the 

maximum clean wing lift coefficient is given by 

(4.99) 

where C (max is the airfoil 2D maximum lift coefficient and Acl4 is the wing quarter 

chord sweep angle. This is typically determined through wind tunnel testing. A large 

number ofNACA airfoils have been analysed and their characteristics published by 

Abort and von Doenhoff (1949). Many civil aircraft, however, use special airfoil 

sections developed by the company and thus the NACA airfoil data is not of great use. 
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Equation (4.99) is an approximation, in practice many factors affect the three

dimensional lift coefficient such as wing planform, aspect ratio, taper ratio and wing 

twist. This makes direct use of 2D data complex. A more desirable approach is the use 

actual CLmax data from existing and proposed aircraft. This data is often regarded as 

commercially sensitive information and is thus difficult to obtain. It is, however, 

possible to obtain CLmax data for current civil transport from the INM database (F AA 

1995). The INM database stores coefficients for aircraft which define the aircraft 

speed such that 

v=C../w (4.1 00) 

Where C is the INM database coefficient and W is the aircraft mass. From the speed 

data, lift coefficient may be computed using the known aircraft wing area. Limited 

flight manual data was available for the Boeing 747-400 and this was used to validate 

the data obtained from the INM database. Figure 4.31 plots lift coefficient versus flap 

angle for INM derived data and Flight manual data (CAA 1998). 
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Figure 4.31: Comparison ofINM derived and performance manual CLm,x data 
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Agreement between the two data sets is good with the maximum error being less than 

5 percent. Where data did not extend to the zero flap case it was extrapolated using 

representative segments. The data was separated into clean wing CLmax data and 

incremental CLmax data. 

Table 4.28 shows the clean wing CLmax data together with basic data for the wing 

geometry. From the data it is possible to determine the 2D lift coefficient data using 

equation (4.99) as shown in Table 4.28. 

Aircraft CLmax Sweep Cl max (20) Av. (t/c) 
Airbus A300-B2 1.30 28.0 1.64 10.50 
Airbus A310-300 1.40 28.0 1.76 11.80 
Beeing 727-200 1.10 32.0 1.44 11.00 
Beeing 737-300 1.65 25.0 2.02 12.89 
Beeing 747-200 1.05 37.5 1.47 9.40 
Beeing 747-400 0.99 37.5 1.39 9.40 
Beeing 757-200 1.25 25.0 1.53 
Beeing 767-200 1.18 31.5 1.54 11.50 
Leekheed L 1011 1.10 35.0 1.49 10.70 
MeD DC-l0-l0 0.99 35.0 1.34 9.35 
MeD DC-l0-30 0.99 35.0 1.34 9.35 
MeD MD-ll 1.05 35.0 1.42 9.35 
MeD MD-80 1.30 24.5 1.59 11.00 

Table 4.28: 3D & derived 2D CLm,. data 

In order to relate the 2D section Cl max to the wing geometry is it necessary to consider 

the basic requirements of the wing section. The section must provide sufficient lift 

capability whilst not increasing drag excessively. It is well know that the wing 

thickness-chord ratio is related to both the section maximum lift coefficient and the 

flight speed. In view of this Figure 4.32 shows the relationship between 2D 

Cl max and wing thickness-chord ratio (tic). 

The data shows that despite some scatter there is a broad trend of increasing 2D lift 

coefficient with thickness-chord ratio. The lower thickness-chord ratio values are 

associated with long range aircraft such as the Boeing 747 with high cruise speeds. In 

contrast the high thickness-chord ratios are associated with short range aircraft such as 

the Boeing 737-300 and Airbus A310 where field length and hence lift capability are 

of greater importance than cruise speed. The disparity between the Boeing 767 and 

Airbus A31 0 values appears to be partly due to differing design philosophies. Data 
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from Simpkin (1996) shows that the Boeing 767-200 has a cruise LID ratio of 18.4 

compared with Airbus A31 0 value of 16.9. This is despite the fact that the Boeing 

767-200 has a wing aspect ratio of7.99, 9.2 percent lower than the A310 value of 

8.80. This data suggests that the Boeing 767-200 wing section has been clearly 

optimised for low drag to the extent that the maximum lift coefficient has been 

reduced compared with that of contemporary aircraft. Further examination of data 

from Simpkin (1996) shows that the Boeing 767-200 drag area (CD, S) is 337m2 

compared with 4.16m2 for the Airbus A31 0 supporting the above hypothesis. 
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Figure 4.32: Correlation of clean wing 2D CLmax with wing average (tic) 

From the data the following expression was derived for estimating the 2D lift 

coefficient 

elmax =0.1429X('!') +0.0372 
C ay. 

where (tlc).v. is the average wing thickness-chord ratio. 

(4.101) 

Incremental lift coefficient prediction is complicated by the types of high lift devices 

used on modem civil aircraft. Common leading edge devices include Krueger flaps 
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and leading edge slats. Typical trailing edge devices include simple flaps with one, 

two or three elements or Fowler flaps again with one, two or three elements. The 

Fowler or translating flap uses tracks to move rearwards as wen as downwards 

thereby increasing the wing area and camber together. 

The incremental flap lift data obtained from the INM database is shown in Table 4.29. 

Airbus A300-B2 Airbus A310-300 Boelng 727-200 Boelng 737-300 Boeing 747-200 Boeing 747400 

Flap .1.CLmalt Flap ACLmIX Flap .1.Clmalt Flap .6.CLmlX Flap ACLmu Flap ACLmu: 

25 1.49 40 1.47 40 1.34 40 1.67 30 1.47 30 1.37 

15 1.26 20 1.07 30 1.25 30 1.47 25 1.25 25 1.14 

15 0.91 20 0.73 25 1.18 15 1.05 20 1.10 20 1.05 

8 0.72 15 0.56 25 1.01 15 0.71 20 1.01 10 0.85 

1 0.30 1 0.31 20 0.89 5 0.51 10 0.84 5 0.61 

0 0.00 0 0.00 15 0.78 1 0.34 5 0.60 1 0.31 

5 0.57 0 0.00 1 0.32 0 0.00 

1 0.30 0 0.00 

0 0.00 

Boeing 757-200 Boelng 767-200 Loekheed L1011 MeD DC-10-30 MeD MD-11 MeD MD-SO 

Flap dC""" Flap .6.CLmax Flap L\CLmIK Flap .6.CLmax Flap ACLma.. Flap l!..CLmax 

30 1.60 30 1.217 42 1.41 50 1.51 35 1.18 40 1.66 

25 1.51 25 1.067 33 1.15 35 1.36 25 1.04 30 1.25 

20 0.99 20 0.782 22 1.08 10 0.81 20 0.98 20 1.10 

15 0.78 15 0.675 10 0.86 5 0.61 15 0.89 11 0.92 

5 0.58 5 0.508 5 0.62 1 0.31 10 0.78 5 0.65 

1 0.35 1 0.391 1 0.35 0 0.00 5 0.58 1 0.35 

0 0.00 0 0.000 0 0.00 1 0.30 0 0.00 

0 0.00 

Table 4.29: ACLmax as a function of flap angle for several civil transport aircraft 

Some aircraft show pronounced steps in lift coefficient at a particular flap angle. It is 

thought that this is associated with the deployment of high lift devices increasing the 

angle attack before stall and thereby the lift produced. The findings are consistent 

with performance manual data and do not represent inconsistencies in the INM 

database. 

The generalised method used to predict flap lift coefficients is that presented by 

Raymer (1992). He suggests that the incremental lift coefficient is given by 

(4.102) 
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where Sf is the wing flapped area as defined in Figure 4.33. AC'm", is the 2D flap lift 

coefficient and AHL is the flap hinge line sweep angle. The hinge line is approximated 

to the trailing edge angle. For aircraft with multi-tapered wings the trailing edge flaps 

are considered as inboard and outboard flaps with separate sweep angles as shown in 

Figure 4.33. 

Outboard 
flapped area 

Inboard 
flapped 

area 

~ 

! 
! 

Inboard 
flapped 

area 

Figure 4.33: Flapped wing area 

Using equation (4.102) directly is difficult as data is required for the 2D lift 

coefficient. However, since all other data is known the actual CLmax data can be 

worked backwards to determine the associated 2D lift coefficient for each flap angle 

for the aircraft listed in Table 4.29. Noting that the translating effect of fowler and 

tracked flaps on the 2D lift coefficient is given by 

(4.103) 

where ktef is the 2D lift coefficient with no chord extension and c' Ic is the chord 

extension ratio. The chord extension ratio has been determined from current aircraft 

by Rolls Royce (1985b). This data is shown in Figure 4.34. 

116 



4. Aircraft Design Model 

1.35 -,----------------------------, 

~ 1.30 
,,!,. 

~ 1.25 
15 
:p 

I! 1.20 
c 
o 
.~ 1.15 

~ 
." 1.10 
~ 

o 
.c 
() 1.05 

0.0 5.0 

racked (Fow ler) flap - 3 slots 

Tracked (Fow ter) ftap - 2 siots 

Offset hinge with linkage extension· 2 slots 

Offse hinge w ilh linkage extension - 1 slot 

Offset hinge -10r 2 slots 

10.0 15.0 20.0 25.0 30.0 35.0 40.0 45.0 50.0 

Flap angle (') 

Figure 4.34: Chord extension ratio (c'/c) for different flap types 

The results of this approach are shown in Figure 4.35. It is clear that flaps with a 

greater number of elements produce higher lift coefficients. From the data 

representative flap types have created with the 2D lift coefficient data shown in Table 

4.30. 
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Figure 4.35: Derived trailing edge flap 2D dCLmax 
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Linkage extension Linkage extension Tracked (Fowler) Tracked (Fowler) 
1 slot 2 slots 2 slots 3 slots 

Flap (Q) Ktef Flap (Q) ktef Flap (Q) ktef Flap (Q) ktef 
0 0.00 0 0.00 0 0.00 0 0.00 
1 0.20 1 0.20 1 0.20 1 0.25 
5 0.60 5 0.65 5 0.65 5 0.70 

10 0.85 10 0.95 10 0.95 10 1.00 
15 0.95 15 1.05 15 1.05 15 1.20 
20 1.10 20 1.20 20 1.20 20 1.30 
25 1.15 25 1.40 25 1.40 25 1.45 
30 1.25 30 1.55 30 1.55 30 1.65 

40 1.75 40 1.85 

Table 4.30: Final trailing edge flap lift coefficient data 

The methodology described can now be used in the aircraft design model and also 

critically in the development of flight profiles. The lift increment data is also used by 

the flap drag prediction method (section 4.6.3). 

4.6 Drag Estimation 

4.6.1 Introduction 

The flow of air around the surface of an aircraft produces a resistive force normally 

termed drag. In order to predict the performance of an aircraft it is essential to be able 

to predict the drag resulting from the motion of the aircraft. 

The build-up of drag on an aircraft is comprised of four different components: 

• Profile drag 

• Lift dependent drag 

• Trimdrag 

• Shock wave drag 

The first two components are the most important contributors to the total aircraft drag. 

Profile drag results from airflow over the aircraft shape. In general, as surface area 

increases profile drag wiII increase. Profile drag is also dependent on the type of 

boundary layer present on the aircraft surface. For most aircraft, the boundary layer 

will be fully turbulent. However, more recent developments have enabled aircraft 

manufacturers to produce wing section with a laminar boundary layer covering up to 

20 percent ofthe wing chord from the wing leading edge. In this region drag is 
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significantly reduced resulting in lower fuel burn and a reduction in overall aircraft 

mass. 

Lift dependent drag arises due to the change in direction of the air flow as it travels 

over the wing surface. The resulting lift vector contains a rearward component and 

thus imparts a drag force on the aircraft which is related to the amount of lift produced 

anlhence termed lift dependent drag. 

Trim drag arises for different reasons. In steady level flight, the aircraft must be 

balanced. This is often achieved by using a fully moving horizontal tailor elevators. 

The deflection of the horizontal tail or elevators will produce additional drag, termed 

trim drag. During steady level flight, it is desirable that trim drag is minimised and to 

this extent the designer will aim to position the wing relative to the fuselage so that 

for typical load conditions the tail down force of is minimised. During manoeuvres 

the aircraft control surfaces will be deflected to greater angles and the resulting trim 

drag can be significant. 

Shock wave drag arises from flight at critical Mach numbers, approximately Mach 0.7 

or greater. As a wing produces lift the airflow accelerates over the upper wing surface. 

The flow must then decelerate to rejoin the free-stream flow towards the wing trailing 

edge. At speeds greater than Mach 0.7, the upper surface airflow may become 

supersonic. In order to decelerate, the flow terminates with an abrupt shock wave, 

resulting in a substantial drag force being produced which is termed shock wave drag. 

For subsonic civil transport aircraft shock wave drag is undesirable and most aircraft 

fly at speeds just above the critical Mach number. This limits the drag rise due to 

shock wave effects. 

It is necessary to predict the aircraft drag at low speed in order to accurately predict 

aircraft performance during the takeoff/landing phase and also to allow the accurate 

construction of departure and arrival flight profiles. At low speed, the major drag 

contributing components are profile drag and lift dependent drag. The extension of the 

undercarriage affects only the profile drag, whilst the deflection of flaps will affect 

both profile drag and induced drag. Thus any prediction model must be able to predict 
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the total of the clean aircraft configuration and also takeoff/landing configurations 

with flaps deflected and undercarriage extended. 

The aircraft design model also requires that the aircraft drag is known during cruising 

flight, so that the fuel burnt may be estimated and used to assist in the sizing of the 

aircraft. In cruising flight, profile drag and lift dependent drag are again the two most 

important drag contributing components. However, if the cruise speed exceeds the 

critical Mach number, shock wave drag may occur as a result of compressibiIity 

effects. Trim drag is also present although it is desirable that this is minimised during 

cruising flight. This may be achieved through aerodynamic design and also by using 

fuel to trim the aircraft without the aid of control surfaces. 

Each of the drag components described above will now be discussed in more detail. A 

mixture of theoretical and semi-empirical prediction methods will be introduced that 

enable aircraft drag to be predicted in all flight regimes. 

4.6.2 Profile Drag 

Profile drag is generated by airflow over the surface of an aircraft. In order to 

accurately predict profile drag, it is essential to know the type of flow near the surface 

of an aircraft. This is achieved by relating the flow speed and aircraft shape to a non

dimensional parameter, termed Reynolds number. The Reynolds number provides an 

indication of the degree of turbulence in a fluid. Near the aircraft surface Reynolds 

number is used to determine if the boundary layer is laminar or turbulent. Laminar 

boundary layers result in significantly lower drag than turbulent boundary layers and 

thus increasing the extent of laminar flow over an aircraft's surface is of particular 

importance in aircraft design. Since an aircraft is composed of various shapes, the 

Reynolds number of each component is determined. From this, the boundary layer 

type and skin friction coefficient is determined for each component. In general 

laminar boundary layers occur at Iow Reynolds numbers. At a particular Reynolds 

number transition occurs and the boundary becomes turbulent. The transition 

Reynolds number is difficult to predict being dependent on shape and surface finish as 

well as ambient conditions. 
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In order to take into account the actual shape of a component, fonn factors are defined 

empirically for standard components, such as a wings, fuselage, and flaps. The drag of 

each component is then calculated using the skin friction coefficient, the fonn factor 

and the surface area of the component. 

The drag estimation routine detennines the profile drag for each of the following 

major aircraft components 

• Wing 

• Fuselage 

• Vertical tail 

• Horizontal tail 

• Nacelles 

4.6.3 Estimation of Profile drag, Co, 

The profile drag of each component is calculated using 

(4.104) 

where: 

Cr skin friction coefficient 

Q interference factor 

FF fonn factor 

Sw wetted area of component (m2) 

SREF reference area (m2) (nonnally aircraft gross wing area) 

The component profile drag values are then summed to give the total profile drag 

using 

(4.105) 
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The skin friction coefficient for turbulent boundary layer flow is calculated for each 

component using the PrandtI-SchIichting fonnula 

C _ 0.455 
f - (logRe,l"(1 + 0.144M2)o.6s 

(4.106) 

where Rec is the Reynolds number of the component and is calculated using 

Re = VR. 
, v (4.107) 

where 

V aircraft true airspeed (ms· l
) 

R. characteristic length of component (m) 

v ambient kinematic viscosity (kgs·2) 

The characteristic length for each component is shown in Table 4.31. 

Component Characteristic Lennth 
Wing Mean Aerodynamic Chord 
FuselaQe FuselaQe lenQth 
Vertical tail Mean Aerodynamic Chord 
Horizontal tail Mean Aerodynamic Chord 

Table 4.31: Component aerodynamic characteristic length 

When computing skin friction coefficients it is assumed that the boundary is fully 

turbulent. In practice many civil transport aircraft employ wing sections with some 

portion of laminar flow near the leading edge. Where laminar flow is know to occur 

the skin friction is reduced relative to that computed using equation (4.1 06) and the 

BIasius equation is used to estimate the skin friction coefficient 

(4.108) 

Typically the actual surface skin friction coefficient is then an area weighted average 

of the laminar and turbulent values. However, since the areas oflaminar flow are 
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likely to be small at transonic velocities and difficult to quantify it is assumed that all 

boundary layers are turbulent. 

Interference factors, Q for each component are generally chosen from historical data. 

Raymer (1992) suggests the following values: 

Component Q 

Wing 1.1 
Fuselage 1.0 
Vertical Tail 1.05 
Horizontal Tail 1.05 
Podded nacelles 1.25 
Fuselage-mounted nacelles 1.50 

Table 4.32: Profile drag interference factors 

The form factors for each component are calculated from the input geometry using a 

specific formula for each component as shown below. 

Torenbeek (1980) suggests that the form factor for the fuselage is computed using 

(4.1 09) 

where 

which ever is less (4.110) 

and 

Df •1f =~~Ae (4.111) 

where Ac is the fuselage cross-sectional area. For circular section fuselages Dfelf is 

equal to the fuselage diameter. 

The form factors for an unswept transonic wing and tailplane with a fully turbulent 

boundary layer are computed using expressions presented by Haftmann et al (1988). 
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For the unswept transonic wing, the form factor is 

FF = 1 + 3,4004(tl c) -0,4578(tl C)2 + 13.00119(tI C)3 (4.112) 

For the unswept tailplane, the form factor is 

FF=I+3.52(tlc) (4.113) 

The sweep corrected value is then computed using 

FF = (FF -1)cos2 A O.5c + 1 (4.114) 

Nacelles are treated separate to the above analysis. Estimating the drag of a nacelle is 

complicated by the complex geometry of many nacelles. However an initial estimate 

of the profile drag of the nacelle is presented by Torenbeek (1980) as 

(4.115) 

where CJ is the skin friction coefficient based on the nacelle length and Swnac is the 

wetted area of the nacelle. 

Flap drag is treated in a similar manner to the other components, except that it is 

comprised of two components, a profile drag component and an induced drag 

component. The generalised expression for flap drag given by Lan & Roskam (1981) 

is 

(4.116) 

where the CDp is the profile drag coefficient associated with the additional exposed 

surface area, Cm is the induced drag coefficient associated with the change in 
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spanwise lift distribution and COint is the interference drag coefficient caused by the 

extended flap elements and is typically 40 percent of the flap profile drag. 

The flap profile drag is computed using equation (4.104). The wetted area is assumed 

to be the exposed flap area which is computed using the chord extension ratio from 

section 4.5.2 together with the flap span. The unswept flap form factor is given by 

FF = I + 2.7(tl c) + 100(tl c)' (4.117) 

The values are then correct for sweep using equation (4.114). 

The induced drag coefficient is computed using 

(4.118) 

where K is a empirically determined factor, i1CL the lift increment corresponding the 

flap angle under consideration and Acl4 is the quarter chord sweep angle. Analysis 

shows that at small flap angles, profile drag is dominant, but this is superseded by 

induced drag at larger flap deflections. The factor K was estimated empirically for 

several aircraft using available aerodynamic data and was found to be approximately 

0.141. 

Example: 

Using geometric information presented in section 4.3, the profile drag coefficient is 

estimated for the Boeing 757-200 for Mach 0.80 cruise flight at 10, 775m. The 

kinematic viscosity at this altitude is 1.46x 1O-Sm2s-1
• Reynolds number, skin friction 

coefficient and shape factors are presented in Table 4.33 for each airframe 

component. Analysis of the data shows that although the wing only accounts for 

around 30 percent ofthe total wetted area (Table 4.11) it accounts for 40 percent of 

the aircraft profile drag. Similar observations were noted by Haftmarm (1988) for the 

Airbus A310. 
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Reynolds number of component 
Fuselage Re, 2.88E+08 
Wing Rew 3.33E+07 
Vertical tailplane Rev 3.10E+07 
Horizontal tailplane Reh 2.20E+07 
Nacelle Ren 3.37E+07 

Skin friction coefficient of component Cf 
Fuselage 1.74E-03 
Wing 2.36E-03 
Vertical tailplane 2.38E-03 
Horizontal tailplane 2.51 E-03 
Nacelle 2.35E-03 

Shape factor of component FF 
Fuselage 1.0580 
Wing 1.3812 
Vertical tailplane 1.1594 
Horizontal tailplane 1.2366 

Interference factor of component Q 

Fuselage 1.00 
Wing 1.10 
Vertical tailplane 1.05 
Horizontal tailplane 1.05 
Nacelle 1.10 

Drag coefficient of each component Coo 
Fuselage 0.0053 
Wing 0.0062 
Vertical tailplane 0.0011 
Horizontal tailplane 0.0017 
Nacelles (all) 0.0011 

Total profile drag coefficient Coo 0.0154 

Table 4.33: Boeing 757-200 profile drag estimation 

4.6.4 Lift Dependent Drag 

As a wing produces lift, it also produces a rearward force on an aircraft. This is 

termed lift dependent drag. As the amount of lift produced increases, lift dependent 

drag increases. It is generally accepted that in coefficient form the dependent drag is 

related to lift, such that 

(4.119) 

where CD; is the induced drag coefficient, k, the induced drag factor and CL is the 

aircraft lift coefficient. The coefficient, k is sometimes expressed as 
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(4.120) 

where A is the aircraft wing aspect ratio and e is defined as Oswald' s efficiency 

factor. Although the above expression is simple to use, estimating the value of e is 

difficult. The value is dependent on planform geometry (taper ratio) and wing twist as 

well as the basic wing section. Raymer (1992) suggests the following empirical 

expressions for straight and swept wing aircraft respectively 

e = 1.78(1-0.045ARo.68 }-0.64 

e = 4.61(1- 0.045AR 0.68 Xcos A
LE

)o.IS - 3.1 

(4.121) 

(4.122) 

Equations (4.121) and (4.122) have been used to estimate Oswald's efficiency for 

several civil transport aircraft as shown in Table 4.34. 

Boeing 747-400 
Boeing 757-200 

767-200 

Table 4.34: Correlation of Oswald's efficiency estimates 

It is known that typical values ofOswald's efficiency for civil transport aircraft lie in 

the region 0.75-0.85 (Torenbeek) with older aircraft at the lower end of the range and 

more modem aircraft at the higher end. Thus it seems that the swept wing estimates 

using equation (4.122) are too low. Although the straight wing estimates appear more 

respectable it would be inappropriate to equation (4.121) for swept wing aircraft. 

An alternative method for estimating Oswald's efficiency has been developed by 

Rolls Royce (1985a). The method is empirically based and is suitable for swept, 

straight tapered wings. Thus prior to the application of this method a multi-tapered 

wing is converted to an equivalent straight tapered wing using the methods described 

in section 4.3.2. 
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The estimation method assumes the lift dependent drag is based on three components: 

• Basic contribution due to wing planform. 

• Contribution from non-optimum wing twist. 

• Contribution from viscous flow effects. 

The total lift dependent drag is given by the following relationship 

(4.123) 

where 

Cl coefficient based ofIifting line theory 

C2 empirical correction factor for Cl 

C3 coefficient defining contribution from non-optimum wing twist 

C4 coefficient defining contribution from viscous flow effects 

AR wing aspect ratio 

110 wing section lift curve slope 

e wing twist (0) 

Coo cruise profile drag coefficient 

The first term in the above expression accounts for lift dependent drag of the basic 

wing planform. The second term accounts for the drag contribution due to non

optimum wing twist. Finally the third term accounts for viscous flow effects. 

The basic contribution of lift dependent drag for the wing planform is derived from 

classical lifting line theory, which presents the wing as a series of horse shoe vortices. 

Coefficient Cl represents values based on this theory and varies with wing taper and 

aspect ratio as shown in Table 4.35 and Figure 4.36. 
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Aspect Taper ratio 
ratio 0.2 0.25 0.3 0.4 0.5 0.6 0.7 0.8 

6 1.01933 1.01400 1.01050 1.00600 1.00575 1.00800 1.01200 1.01625 
8 1.02518 1.01875 1.01375 1.00925 1.00925 1.01300 1.01825 1.02425 
10 1.03127 1.02350 1.01800 1.01250 1.01300 1.01825 1.02525 1.03350 
12 1.03817 1.02866 1.02200 1.01550 1.01700 1.02400 1.03275 1.04325 
14 1.05120 1.03714 1.02575 1.01875 1.02125 1.03000 1.04075 1.05300 

Table 4.35: Coefficient Cl (from Rolls Royce 1985a) 
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Figure 4.36: Graphical representation of coefficient Cl 

The lift dependent drag coefficient based on coefficient C I is then corrected to give 

real wing values by the application of an empirically derived correction factor. The 

correction factor, coefficient C2 is defined as 

C2= -0.0245 x AR + 1.2345 

C2= - 0.0116 x AR + 1.1 128 

where AR is the wing aspect ratio. 

Current wings 

Advanced wings 

(4.124) 

(4.125) 

The contribution of lift dependent drag due to non-optimum wing twist requires some 

knowledge of the wing twist and lift curve slope of the design. However, the total 

contribution from the second term of equation (4.123) is typically of the order of 

0.0003 to 0.0005. Therefore a default value is assumed of 0.0004. 
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Finally the last term in equation (4.123) requires that the cruise profile drag 

coefficient is known. This is evaluated in the aircraft model using the methods 

described in section 4.6.2. Coefficient C4, derived empirically, is suggested to be 

C 4 =0.35 

C4 = 0.15 

Current wings 

Advanced wings 

(4.126) 

(4.127) 

In order to use the data in Table 4.35 within a computer program, a bi-polynomial 

interpolation routine has been implemented based on Neville's algorithm (Press et al 

1992). The technique provides smooth interpolation or extrapolation of the tabulated 

data and is used throughout the global model, where ever two dimensional data is 

used. 

Example: 

Analysis in section 4.3 showed that the Boeing 757-200 wing aspect ratio was 7.82 

and the equivalent wing taper ratio was equal 0.254. Using these values, coefficient 

Cl is estimated to be 1.01787. From equation (4.124), coefficient C2 is equal to 

1.07041. The second term of equation (4.123) is assumed to be equal to 0.0004. Using 

the profile drag estimate from section 4.6.3, the third term of equation (4.123) is 

estimated to be 0.00524. Summing the three terms gives a lift dependent drag 

coefficient of 0.04999. From equation (4.120) this equates to an Oswald's efficiency 

factor of 0.815. 

4.6.5 Shock Wave Drag 

Wave drag arises when the flow over the upper wing surfaces becomes supersonic. 

This may occur at airspeeds above Mach 0.7 and thus affects the design of nearly all 

civil transport aircraft. Wave drag can significantly increase total aircraft drag and 

thus an aircraft is designed such that at its design cruise speed, wave drag is kept to a 

minimum. This is accomplished by choosing acceptable values for the wing thickness 

chord ratio and wing sweep angle. Reducing the wing thickness chord ratio will 

results in a thinner, heavier wing structure but increase the critical Mach number at 

which the drag rises sharply. Similarly, increasing the wing sweep angle will also 

result in a heavier wing, but again increase the critical Mach number. More recently, 
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the location of the wing section maximum thickness has received attention with the 

development of advanced wing sections that delay the formation of shock waves. 

Typically, civil transport aircraft cruise at just above the critical Mach number 

incurring a drag penalty of 5 to 10 drag counts (1 count= 1 x 1 0-4). Thus it is not 

necessary to implement a method for computing the drag rise associated with wave 

drag and compressibility effects. However, in order to define the limiting values for 

wing sweep and wing thickness chord ratio, a method is required to relate these 

parameters to the critical Mach number. 

Raymer (1992), suggests that the critical or drag divergence Mach number may be 

predicted using an empirical method that relates wing thickness chord ratio and sweep 

angle to the drag divergence Mach number. The drag divergence Mach number is 

computed using 

(4.128) 

The value ofMDD for CL =0 is determined for the specific wing planform geometry by 

interpolation using the data in Table 4.36. The data is also shown in Figure 4.37. 

(tic) 
Quarter chord sweep angle 

0 10 20 30 40 50 60 
0.04 0.816 0.833 0.854 0.877 0.906 0.940 0.974 
0.06 0.801 0.815 0.835 0.861 0.890 0.927 0.968 
0.08 0.783 0.797 0.818 0.844 0.878 0.918 0.963 
0.10 0.770 0.784 0.803 0.831 0.865 . 0.907 0.956 
0.12 0.758 0.769 0.788 0.817 0.852 0.895 0.949 

Table 4.36: Drag divergence Mach Number, MDD (CL:O) (from Raymer 1992) 
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Figure 4.37: Graphical representation of Moo (CL=O) 

The value ofLFDD is also dependent on two parameters and is thus determined by 

interpolation using Table 4.37. The data is also plotted in Figure 4.38. 

The method requires that the wing sweep angle and average thickness chord ratio are 

known. The thickness chord ratio typically decreases from root to tip. The average 

thickness chord ratio is estimated using the following expression, 

Average wing (tl c) = 0.25 x (t/ c),oot + 0.75 x (tl c)tip (4.129) 

(tic) 
Cruise lift coefficient 

0.0 0.1 0.2 0.3 0.4 0.5 
0.04 1.000 0.999 0.997 0.992 0.985 0.976 
0.06 1.000 0.998 0.993 0.985 0.974 0.960 
0.08 1.000 0.997 0.988 0.976 0.959 0.941 
0.10 1.000 0.995 0.982 0.965 0.945 0.923 
0.12 1.000 0.991 0.973 0.952 0.928 0.901 
0.14 1.000 0.985 0.963 0.937 0.907 0.877 

Table 4.37: Lift adjustment factor, LFoo (from Raymer 1992) 
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Figure 4.38: Graphical representation ofLFDD 

The expression takes into account that for most civil transport aircraft wings the wing 

thickness decreases rapidly from the wing root to the mid section and then remains 

relatively constant towards the tip. The method presented by Raymer was originally 

developed for conventional airfoils. For more advanced airfoils which delay the 

formation of shock waves, Raymer recommends that the average thickness chord ratio 

is multiplied by 0.6. 

Finally, the design lift coefficient is required to estimate Moo. This may be computed 

using the known aircraft mass and wing geometry at the start of cruise. However, as 

first approximation a value of 0.5 is typically of a well designed aircraft. 

The method presented by Raymer predicts a value of Moo defined by Boeing to be the 

cruising speed of the aircraft. Thus, using published data, Moo may be estimated for 

several aircraft and compared with the quoted cruise Mach number. For each aircraft 

in the sample, an advanced wing section was assumed, together with a design cruise 

CL of 0.5. Table 4.38 shows the results of the comparison. 
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Aircraft MOD, CL=O LF Moo Actual Error 

Airbus A300-600 0.847 0.950 0.780 0.770 1.27% 
Airbus A31 0-300 0.845 0.949 0.777 0.790 -1.64% 
Seeing 707-320 0.876 0.961 0.816 0.850 -3.98% 
Seeing 727-200 0.866 0.960 0.807 0.850 -5.08% 
Seeing 737-400 0.836 0.948 0.767 0.770 -0.35% 
Seeing 747-400 0.885 0.964 0.828 0.855 -3.16% 
Seeing 757-400 0.846 0.959 0.786 0.810 -2.95% 
Seeing 767-200 0.858 0.952 0.793 0.810 -2.14% 
Canadair RJ 0.842 0.955 0.780 0.800 -2.55% 
Leckheed L 1011 0.876 0.961 0.816 0.850 -3.95% 
McD DC-l0 0.878 0.964 0.821 0.830 -1.05% 
McD DC-9 0.842 0.955 0.780 0.790 -1.32% 

Table 4.38: Correlation of MDD estimates 

The comparison shows, that in general the method under estimates the value of Moo. 

The error is typically between + 1.27 and -5.08 percent with an average error of -2.24 

percent. Adjusting the results by increasing the estimated value of Moo by 0.02 would 

improve the results considerably and reduce the average error to 0.22 percent. 

4.6.6 Trim Drag 

Trim drag may also be a significant contribution to total aircraft drag. For a 

conventional aircraft with the horizontal tail at the rear and down force is required to 

balance the aircraft in steady level flight. Thus the drag force is thus dependent on the 

centre of gravity location, wing pitching moment and the aircraft tail arm. At the 

initial project design stage however insufficient data is available to accurately 

estimate it. More recently aircraft have begun to use tail fuel tanks as a means of 

reducing the tail down force required. A typical figure for a well designed aircraft is 

about 5-10 drag counts. 
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4.7 Aircraft Performance 

4.7.1 Introduction 

All civil transport aircraft must meet specified airworthiness regulations with regard 

to flying qualities and aircraft performance. As such the aircraft is designed to meet 

these regulations and also operational requirements such as speed, range, payload etc. 

The flight profile may be split into several phases as shown in Figure 4.39. 

D 

'''' 

A G 

Figure 4.39: Aircraft mission flight profile 

A Start-up and taxi-out. 

B Take-off and initial climb to 1,500ft. 

C Climb from 1 ,500ft to initial cruise altitude. 

D Cruise at selected speed and altitude including any stepped climb required 

(min 4,00ft). 

E Descent to 1,500ft. 

F Approach and landing. 

G Taxi-in. 

4.7.2 Takeoff Field Length 

The take-off performance of the aircraft with all engines operating is relatively simple 

to estimate. The aircraft, starting at rest, accelerates along the runway in a low angle 

of attack attitude (nose wheel on the ground) and passes a speed (Vs) which equals 
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the aircraft stall speed in the take-off configuration (e.g. undercarriage down and flaps 

deflected to the take-off angle). At a speed (V R) which is greater than Vs, the pilot 

rotates the aircraft by lifting the nose-wheel off the ground. During this manoeuvre 

the aircraft angle of attack may be limited to avoid the rear fuselage touching the 

runway. The aircraft will continue to move along the runway until the speed increases 

to the lift-off value (VLOF). At this point the aircraft starts to climb away from the 

runway slowly gaining height until the obstacle height specified (usually 35ft; 1O.7m) 

is achieved. At this point the aircraft speed should have increased to V 2 (the 

requirements say this speed must be at least 1.2V s). The horizontal distance covered 

by the aircraft from the start of the take-off run to the obstacle clearance height is 

evaluated as the take-off distance (unfactored). 

In addition to the standard procedure the possibility of an engine failure during the 

take-off phase must also be considered. It is important to design the aircraft to allow 

for this occurrence. The airworthiness regulations specify three further speeds which 

are summarised below, together with those already mentioned: 

.., 

~~ ..... ~~ -- - - -
~ 

- ~ t 35ft(10.7m) 

I I I I I I 
0 v. V~ V, VR V~ VLOF V, 

Figure 4.40: Critical speeds during takeoff 

Vs Stalling speed 

V me Minimum control speed. At this speed if a critical engine fails the aircraft can 

be flown with zero yaw and a bank (roll) angle ofless than 5° 

VI Critical power failure speed 

V R take-off rotation speed. This can equal VI but must be at least 1.05 V me 

V mu Minimum unstick speed. Due to tail interference with the ground there may be 

insufficient incidence available to lift off the runway at V R 
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V LOF Lift-off speed. The aircraft becomes airborne. With all engines operating 

VLOF ~ l.1Vrnu and with one engine out VWF ~ 1.05Vm, 

V2 Take-off climb speed. This is the speed achieved at the 35feet screen height. 

V2 ~ 1.2V, and V2 ~ 1.1 V rn, 

4.7.3 Estimation of Takeoff Distance 

The take-off analysis consists of three parts: 

a) Ground roll 

b) Transition to climb 

c) Climb 

The estimation method for each part is now described. 

a) Ground roll 

Resolving the forces acting on the aircraft during the ground roll we have: 

horizontally 

and vertically 

dV 
T=D+m-+f..lR 

dt 

L=mg-R 

Combining gives 

dV 
m-=T-D-f..l(mg-L) 

dt 

Noting that Co = a + bC L 
2 and writing W = mg gives 
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(4.133) 

Now the ground run, SG' is given by 

VLO' 

SG = J7dV 
0 

(4.134) 

VLO' 

= J 2', d(V2) 
0 

where a is the acceleration, i.e. dV Idt. 

Assuming T and CL are constants we can define the following coefficients 

T 
KT =--J,l 

W 

and combining (4.133) and (4.134) gives 

1 VLO
' d(V2) 

SG = -2g J -K-+'--K--"-V-'-2 
o T A 

1 [ 2 jVLO' = 2gKA In(KT +KA V ) 0 
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In reality T and CL vary during the ground rolL Therefore equation (4.137) is 

evaluated using T and CL determined at 0.707VLOF (i.e. Y.fi because integration is 

with respect to V2). 

Values of J.1 are given below for several pavement types under dry conditions: 

Paved runway J.1 =0.02 

Hard turf, gravel J.1 =0.04 

Short dry grass J.1 =0.05 

Long grass J.1 =0.1 0 

Soft ground J.1 =0.10 to 0.30 

b) Transition to Climb 

During transition the aircraft accelerates from V LOF to the take-off climb speed V,. It 

is difficult to accurately predict the ground distance covered during transition. A 

simple method is presented to estimate the distance travelled during transition. 

Assuming that during transition the aircraft flies at approx. 0.85CL , and in addition 
MAX 

assume that the speed in the manoeuvre is given by 

VLOF + V, 
VTRANS = 2 (4.138) 

If the aircraft is flying along an arc of a circle, as shown in Figure 4.41, resolving 

normal to the flight path gives 

mV~S 
L=mgcos6+ R (4.139) 

where R is the radius of the manoeuvre. 
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Figure 4.41: Forces acting on aircraft during transition 

Now define load factor n, such that 

L 
n=-

mg 

where 

and 

Substituting equation (4.140) into equation (4.139) gives for small angles: 

or 

y2 
n=l+ TRANS 

Rg 

R 
y~NS 
g(n-I) 

Hence, the ground distance for transition, ST' is given by: 
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where 9 is the final climb gradient. 

The height at the end of transition is: 

9 
hT = R9-

2 

R B 

A hscosO
S 

hT 

hS ',~ 
o 1L=--__ ---.lL-___ ---.l-L _ ~, ___ _ 

I 

Figure 4.42: Distance travelled to screen height 

(4.143) 

(4.144) 

The screen height may be exceeded during the transition manoeuvre. The distance to 

the screen height, hs , can be approximated using Figure 4.42 to give: 

(4.145) 

Referring to equation (4.141) and equation (4.142) it can be seen that the transition 

manoeuvre is governed by the values ofn and VTRANS ' Typical values are: 

141 



4. Aircraft Design Model 

n =1.1 

V TRANS = 1.15V S 

c) Climb 

The ground distance from the end of transition to the screen height, Se, is given by: 

S _ screenheight-h, 
C - tanS (4.146) 

where S is the initial climb angle. 

For small climb angles tanS = sinS = S radians. 

The total distance is then calculated by summing the individual components. For 

JARlFAR certification rules the take-off field length is then multiplied by 1.15 to 

account for pilot technique. 

Example: 

The following example estimates the takeoff field for the Boeing 757-200 aircraft 

with all engines operating. Using the methods presented in section 4.5.2, the takeoff 

lift coefficient for the Boeing 757-200 is estimated to be 2.20 with a flap angle of20°. 

For a maximum takeoff mass of 99729kg this results in the following speeds: 

V stall = 122 knots 

Vlof = 134 knots 

V2 = 146 knots 

The associated drag polar in the takeoff configuration with undercarriage down is: 

2 
Co = 0.0486 + 0.05CL 

When using equation (4.135), the thrust input is not the static value but the average 

value during the takeoff run. Thus the thrust is evaluated at 0.707Vlofusing 
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appropriate engine performance data. In this case the thrust lapse rate is 0.849 giving 

a value ofKr = 0.2795. KA is evaluated using equation (4.136) with CL during the 

ground roll approximately equal to 0.7. 

The ground roll distance to VloriS then computed using equation (4.137). This gives a 

ground roll distance of 912m. 

The ground roll segment is followed by transition to initial climb. The transition speed 

is computed to be 140 knots. Using equation (4.142) with n=l.l gives a transition 

radius of 5283m. To compute the ground distance covered and the height at the end of 

transition it is necessary to estimate the initial climb gradient. This is achieved using 

the method presented in section 4.7.6 and equation (4.155) with all engines operating: 

e = T - D = 279073 - 99688 0.1835 
VV 977349 

Using equation (4.143) the distance covered during transition is 970m. The aircraft 

height at the end of transition is computed from equation (4.144) to be 89m. This 

significantly exceeds the screen height (10.67m) and thus equation (4.145) is used to 

estimate the ground distance to the screen height which equals 336m. 

The total distance is the sum of the liftoff and transition distances which gives 1248m. 

Finally this is multiplied by 1.15 to produce the factored takeoff field length of 

1435m. 

4.7.4 Balanced Field Length 

For certification of civil aircraft the manufacturer must also determine the aircraft 

balanced field length. If during takeoff the aircraft suffers an engine failure the pilot 

has two options, first to continue the takeoff with the remaining engine(s) or second to 

abort the takeoff and bring the aircraft to a complete stop. At a particular decision 

speed, V 1, the accelerate-continue distance will equal the accelerate-stop distance. At 

this point the takeoff is said to be balanced. 
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The final FAR/JAR takeoff field length is then the greater of 1.15 times the all 

engines operating takeoff field or the balanced field. In general the FAR/JAR takeoff 

field length for twin engined aircraft is set by the balanced field length, where as for 

three and four engined aircraft it is normally defined by the factored takeoff field 

length. 

Estimation of balanced field length is a difficult process since it involves many 

segments and iteration is normally required to determine the appropriate decision 

speed. Many approximations for balanced field length have been suggested, notably 

by Torenbeek (1982) and Raymer (1992). Accuracy appears to be relatively poor and 

thus a segmented approach is used with iteration to determine V [. The method utilises 

the theory presented in section 4.7.3 for the acceleration segments and section 4.7.5 

for deceleration segments. The segments considered are illustrated in Table 4.39. 

Accelerate-Continue Accelerate-Stop 
1. Accelerate to decision speed, V, 1. Accelerate to decision speed, V, 
2. Engine failure 2. Engine failure 
3. Continue to liftoff speed. Vlo' 3. Pilot reaction time (free roll) 
4. Transition to screen heiqht 4. Decelerate to a complete stop 

Table 4.39: Segments for balanced field calculation 

Example: 

For the Boeing 757-200, the previously iterated decision speed is 125 knots. Equation 

(4.135) is used to compute the value of KT with the speed of O. 707V [ corresponding to 

an engine thrust lapse rate of 0.857. The coefficient KA from equation (4.136) is 

- 6.04 xl 0-6
• Using equation (4.137) the ground distance travelled to V [ is 778m. For 

continuation to Vlofthe thrust lapse rate reduces to 0.799 as the aircraft speed 

increases. The value of KT reduces to 0.1159 due to the loss of one engine. The 

coefficient KA remains unchanged. The distance travelled from VI to Vlof is then 

computed using equation (4.137) as 354m. Transition to climb is handled in a similar 

marmer to a conventional takeoff calculation. However, due to the loss of one engine 

the initial climb gradient is reduced to 0.035 and results in a transition height of just 

3.45m for a distance covered of19lm. The screen height has not been reached and 

thus climb is continued to the screen height using equation (4.146) covering a distance 

of 200m. The total distance covered is l523m. 
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For the accelerate-stop option the ground distance covered to Viis the same at 778m. 

At this point the pilot must react to the engine failure and initiate braking. Torenbeek 

suggests that the total delay prior to braking may be assumed to be 4Y2 seconds. 

Assuming that the aircraft is essentially free-rolling at a speed VI during this time the 

distance travelled is 289m. Maximum braking is then initiated assuming a braking 

coefficient of 0.45. Since spoilers are normally used to destroy lift the lift coefficient 

during braking is approximately zero. Using equation (4.137) from VI to zero with KT 

equal to -0.45 results in a braking distance of 455m. The total accelerate-stop distance 

is 1522m, approximately equal to accelerate-continue distance. Inspection of the 

result shows that the FAR/JAR takeoff field length is dictated by the balanced field 

length requirements at a length of 1523m. The quoted takeoff field length for the 

Boeing 757-200 is 1 646m. Thus the estimate is 7.55 percent below this value. There 

are many possible reasons for this disparity, one being that the reported data may be 

for PW2037 powered Boeing 757. This and other methods are also particularly 

sensitive to the engine lapse rate data used to determine aircraft thrust during the 

takeoff ground roll. For this example actual data was not available and thus 

representative data was used. 

4.7.5 Landing Field Length 

The landing distance is predicted in a similar manner to take-off. The landing phase is 

split into several segments as shown in Figure 4.43. 

~V=VA 

(f\ y~(::-
Obstacle hei hi .... .... 

R 

V=o 

------------
SA SF ~R Sa 

Approach Distance Flare Free 

Ground Roll 

Total Landing Distance 

Figure 4.43: Segments contributing to the total landing distance 
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The distance covered during each segment is calculated and then sununed to obtain 

the total distance. This value is then factored to account for pilot technique. 

a) Approach 

For civil transport aircraft this is typically made at 3° to the horizontal. For FAR and 

JAR certification the approach starts at a screen height of 50ft and ends at the flare 

height,hF· 

The value of hF is given by: 

The approach distance, SA is given by: 

b) Flare 

screen height - h F 
SA = ~--t-an-'e=-----.!.. 

(4.147) 

(4.148) 

During the flare manoeuvre, the aircraft decelerates from the approach speed V A , to 

the touch-down speed V ID • 

The average speed during the flare V F' is given by: 

typically VID = 1.15Vs (4.149) 

The radius of the flare manoeuvre, R is given by: 

V2 
R= F 

g(n-l) 
typically n= 1.1 (4.150) 

The ground distance covered during the flare, SF is given by: 
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(4.151) 

c) Ground Roll 

After touch-down the aircraft will roll for a few seconds before the pilot applies the 

brakes and spoilers. The distance covered is called the free-roll distance. This may be 

approximated using 

(4.152) 

where t is duration of free roll. 

The braking distance, S B is calculated using equation (4.137), from VID to rest: 

(4.153) 

where 

The thrust and lift coefficient must be evaluated at 0.707 VTO • Typically thrust will 

zero or idle, and with spoilers deployed CL = o. The effects of braking are included 

by modifying the value of Il. Maximum values under various conditions are shown 

below: 

Dry paved runway Il = 0.5 

Wet paved runway Il = 0.3 

Icy paved runway Il = 0.1 
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Many modem civil jet transports use coefficients less than 0.5 in normal operating 

conditions to reduce brake and tyre wear. Additionally the maximum coefficient is 

dependent on wheel size, in order to fit the brake discs and systems. 

Reverse thrust is used operationally to reduce brake and tyre wear, but is not 

permitted for certification landings under JARIF AR part 25 regulations. 

The total distance calculated is factored by 1.66 for JARIF AR certification rules to 

account for pilot technique. 

Example: 

The landing stall lift coefficient of the Boeing 757 is approximately 2.85. The 

maximum landing weight is 89,813kg corresponding to a stall speed of 101 knots. 

The reference approach speed (1.3V s) is thus 132 knots and the touchdown speed 

(1.15Vs) 116 knots. The average of these two speeds is the flare speed at 124 knots. 

The radius of the flare transition manoeuvre is computed from equation (4.150) to be 

4150m. From this flare height for a 3° approach is 5.69m. The distance travelled from 

the screen height to the start of flare is 182m. The distance covered during the flare 

manoeuvre is then computed as 217m using equation (4.151). At touchdown there is a 

short delay before braking is applied. This is assumed to last for 2 seconds where 

touchdown speed remains approximately constant. During this period the aircraft 

travels 120m. Finally equation (4.153) is used with 1-1=0.45 to compute the braking 

distance at 394m. 

The totallanding distance is 913m. This is then multiplied by 1.67 to produce the 

factored landing distance of 1522m. This compares favourably with the quoted 

landing distance of 1546m. 
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4.7.6 Second Segment Climb 

Climb begins at the screen height at a speed not less than 1.2 x VSTAIL • The climb is 

typically split into four segments 

Climb Gradient with OEI 
Total No. of en(lines 

Se(lment Configuration Min. Speed 2 3 4 
l' Landing gear retracting >1.1 VSTALL 

0.0% 0.3% 0.5% 

2nd Landing gear up/Take-off flaps down >1.2 VSTALL 
2.4% 2.7% 3.0% 

3'" Acceleration & flap retraction >1.5 VSTALL 
1.2% 1.5% 1.7% 

4th En-route >1.5 VSTALL 
1.2% 1.5% 1.7% 

Table 4.40: Minimum climb gradients with one-engine inoperative 

The take-off performance of civil transport aircraft is usually defined by second

segment climb requirements. The second segment starts with the undercarriage 

retracted and ends 400ft above ground. During this period a minimum climb rate must 

be demonstrated with an aircraft speed at least 20% above the stall speed and one 

engine inoperative. The minimum climb gradient is dependent on the total number of 

engines as shown in Table 4.40. 

Consider the aircraft shown in Figure 4.44, which is climbing at constant forward 

speed, V. The aircraft drag during second-segment climb can be split into two parts: 

• the symmetrical portion of the basic configuration. 

• the asymmetric portion which includes one-engine windmill drag and the trim 

drag due to rudder/aileron deflection. 

L 

Mg 

Figure 4.44: Forces acting on a climbing aircraft 
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The symmetrical portion may be estimated using methods discussed in Chapter 5. For 

initial project design work the windmill drag of the failed engine may be estimated as 

(4.154) 

where A f is the fan cross-sectional area. This implies that windmill drag will increase 

with engine size and bypass ratio. 

The trim drag due to rudder/aileron deflection may be assumed to be 10 percent of the 

symmetric profile drag of the aircraft for initial project design work. If the aircraft is 

'second segment critical', i.e. defining the thrust requirements for the aircraft more 

detailed methods should be used, such as ESDU or Torenbeek. 

The climb gradient may then be calculated using 

T-D 
8=-

W 
(4.155) 

The engines will be at the take-off power setting. However the thrust produced will be 

lower than the sea-level static value due to the effects of forward speed. If detailed 

engine data is not available a good approximation is 80% of the sea-level static value. 

Example: 

The reference climb speed for the Boeing 757-200 is 146 knots. The symmetrical drag 

polar has been estimated using section 4.6.3 as 

2 
CD = 0.0391 + 0.05CL 

The trim drag associated with asymmetric flight is assumed to be ten percent of the 

basic profile drag and is thus equal to 0.0039. The windmill drag from the failed 

engine is computed to be 0.0048 from equation (4.154) with Ar equal to 2.99m2 and S 

equal to I 85.25m2• The lift coefficient associated with the reference climb speed is 

1.53. Using the drag polar and including asymmetric drag increments the total drag 
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coefficient is 0.1646 resulting in a total drag force of 105,292N. Static thrust for the 

remaining engine is 178.4kN. The engine lapse rate for this airspeed is 0.782 resulting 

in a net thrust of 139.535kN. Equation (4.155) is then used to compute the second 

segment climb gradient at 0.0350. The minimum allowable value for a twin-engined 

aircraft is 0.024, thus in this example the Boeing 757 comfortably exceeds this limit. 

It is likely that the estimated second segment climb gradient is high due to the lapse 

rate data used and is consistent with the optimistic result obtained for the takeoff field 

length. 

4.7.7 Initial Cruise Altitude 

The initial cruise altitude defined in the project specification will define the cruise 

thrust requirements and often the aircraft wing area. At this altitude a rate of climb of 

300ft/min is normally required. Thus the thrust available must equal the aircraft drag 

and also produce the required climb rate. The climb gradient may be written as: 

(4.156) 

Vc is the rate of climb (300ft/min=I.52ms-1
) and V is the aircraft speed_ At the initial 

cruise altitude this will be the aircraft cruise speed. The drag, D may be estimated 

using the methods outlined in chapter 5. Thus rearranging the required thrust is: 

(4.157) 

Note that the thrust calculated above is converted back to an equivalent static sea

level thrust to determine the installed thrust required for the design. 

Example: 

The Boeing 757 drag polar during cruise flight is estimated to be 
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For long range cruise, the cruise Mach number is 0.80 and the previously estimated 

altitude for best range is 10,750m (35,351ft). The associated aircraft true airspeed is 

236.96ms-1 and the ambient density is 0.364kgm-3
• Assuming an initial cruise aircraft 

mass of98 percent of the takeoff mass and a reference wing area of 185_25m2 gives 

an initial cruise lift coefficient of 0.492. Using the drag polar and ambient conditions, 

the total aircraft drag is 55,658N. The aircraft thrust setting is then computed using 

equation (4.157) 

T= 1.52 x (0.98 x 99792)+ 55658 
236.96 

T=61818N 

The available thrust at this altitude and airspeed is determined from the engine lapse 

rate and static thrust: 

T = 2(0.227 x 178400) = 80994N 

Expressing the actual engine thrust as a percentage of this value gives 76.2 percent. 

This illustrates a basic performance characteristic of twin-engined aircraft. In order to 

meet engine-out climb requirements the aircraft has excess thrust available with all 

engines operating. Such aircraft are said to be second-segment climb critical. In 

contrast many most four-engined aircraft are either takeoff or top of climb critical. 

The trend is, however, changing for twin-engined aircraft as higher bypass ratio 

engines result in greater thrust loss with altitude. 

4.7.8 Range 

The range flown is used as input data to determine the fuel mass required for the 

desired mission. As such the range performance is satisfied as a design constraint. 

The range flown is used as input data to determine the fuel mass required for the 

desired mission. As such the range performance is satisfied as a design constraint. 
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For initial project design work the take-off/climb and descent/landing phases of the 

flight are included by increasing the range flown during cruise flight. This range is 

termed the equivalent still air range (ESAR) and includes allowance for diversion and 

hold. The range flown is calculated using cruise parameters and the mass of fuel 

carried. 

Assuming the aircraft requires thrust T for cruising flight, and at this condition the 

engines have a Specific Fuel Consumption (SFC), c measured in NisIN. 

The decrease in aircraft weight with time due to fuel burn is 

dW 
-=-cT 
dt 

For straight and level flight, we have T=D and L=W, therefore: 

dW W 
-=-cD-
dt L 

lLdW 
dt=---

cD W 

Integrating between W1 and W2 gives: 

If the aircraft is flying at a speed V then the range flown is: 

VL (Wl) R=(t -t )V=--ln-
2 1 cD W 

2 

153 

(4.158) 



4. Aircraft Design Model 

This is known as the classical Breguet Range Equation. The equation assumes the lift 

to drag ratio (LID) remains constant throughout the flight. This implies that the 

aircraft is constantly climbing to maintain the same lift coefficient. In practice air 

traffic control does not allow this, instead adopting a stepped climb procedure at 

shown in Figure 4.45. 

Ideal cruise climb profile 

39.00011 

35.00011 

31.000ft 

Stepped climb profile 

Figure 4.45: Stepped climb procedure 

For many years the steps were at levels 4,000ft apart. However, in January 1997 the 

steps were reduced to 2,000ft for North Atlantic operations, due to the improved 

accuracy of aircraft altimeters. In time, the new standard will be gradually applied to 

other sectors of the world. 

The equivalent still air range calculated using the Breguet Range Equation may be 

related back to the design range of the aircraft using: 

ESAR = (568 + 1.063 x DESIGN RANGE) (4.159) 

The above equation was calculated from current aircraft data. The figure of 568nm 

accounts for typical fuel reserves and the range lost during climb and descent. The 

figure of 0.063 includes the range lost due to flight at constant altitude. 

154 



4. Aircraft Design Model 

Analysis of the Breguet range equation shows that for maximum endurance the 

aircraft should operate at maximum lift-drag ratio. This is achieved when the profile 

drag coefficient is equal to the induced drag coefficient, i.e. 

However, to maximise efficiency it is more desirable to fly at the lift-drag ratio for 

best range. To achieve this requires that the range parameter (V/C)(LID) is 

maximised. Since velocity affects the cruise lift coefficient an hence LID ratio it can 

be shown that the lift and drag coefficients for maximum range are 

C = re;;: 
L V"3k 

4 
Co =-Co 

I 3 ' 

where k is the induced drag coefficient equal to (lI7tARe). Comparison with the case 

for best endurance shows that the drag is increased by 33 percent and the lift-drag 

ratio is reduced to 0.866 times the maximum LID ratio. This principle can be 

demonstrated using the full aircraft design model for the Boeing 757-200 by altering 

initial cruise altitude. This changes the ambient air density and hence lift coefficient. 

At a given design point it can be shown that that achieving 0.866(LID)max will result 

in minimum takeoff weight as shown in Figure 4.46. 

The effect on takeoff mass may seem relatively subtle as the Boeing 757 is a short 

range aircraft. For very long range aircraft the effect on takeoff weight is likely to be 

much more significant. The above scenario can also be repeated for a given altitude 

by varying cruise speed. Care must be taken when increasing speed as once the design 

Mach number is exceeded drag will rise sharply. 
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Figure 4.46: Best cruise LID 

4.8 Unit Cost Estimation 

The cost estimation model is based on the method developed by Burns (1994). The 

published model is applicable to both civil and military aircraft. The model has been 

simplified by limiting application to civil aircraft only and updated to use SI units. 

The total airframe engineering hours required for development is estimated using 

EHD = 0.0378M
af 

0.796V max 1.S38N do. 0.183 X CAMC (4.160) 

The total airframe engineering hours required for production is estimated using 

EHP = 0.0378Maf 0796V max 1.S38N prod 0.183 X CAMC (4.161) 

where: 

Mar airframe mass (kg) 

V max maximum cruise speed at best altitude (ms-I EAS) 

CAMC judgement factor for cost of advanced material (-) 
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The engineering costs for the development phase are then estimated using 

CAED = EHD x ERA TE (4.162) 

The engineering costs for the production phase are then estimated using 

CAEP = EHP x ERA TE (4.163) 

where: 

ERA TE Engineering labour rate ($/hour) 

The cost of development support (DT &E) is estimated using 

CDSC = O.OI7M af 0.903y mm< 1.93 N dev 0.346 X CPI (4.164) 

where: 

CPI consumer price index for then year 

The cost of flight test operations (DT &E) is estimated using 

(4.165) 

The number of tooling hours required for development (DT &E) is estimated using 

THD = 5. 132Maf 0.768 y mox 0.899 N dev o.I8 R 0.066 X CAMC (4.166) 

The number of tooling hours required for production (DT &E) is estimated using 

THP = 5 132M 0.768y O.899 N 0.I8Ro.066 CAMC 
• af max prod X (4.167) 

The tooling cost for development is then estimated using 
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CID =lHDxTR (4.168) 

The tooling cost for production is then estimated using 

CTP=THPxTR (4.169) 

The number of manufacturing hours required for development (DT &E) is estimated 

using 

(4.170) 

The number of manufacturing hours required for production (DT &E) is estimated 

using 

(4.171) 

The manufacturing cost for the development phase is then estimated using 

CMD=MHDxMR (4.172) 

The manufacturing cost for the production phase is then estimated using 

CMP=MHPxMR (4.173) 

The number of quality control hours required for development (DT &E) is estimated 

using 

QHD=0.13xMHD (4.174) 

The number of quality control hours required for production (DT &E) is estimated 

usmg 

QHP = O.13xMHP (4.175) 
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The cost of quality control for the development phase is then estimated using 

CQD=QHDxTR (4.176) 

The cost of quality control for the production phase is then estimated using 

CQP=QHPxTR (4.177) 

The cost of manufacturing materials for the development phase is estimated using 

CMMD = 32.799Maf 0.692V max 0.639 N dov 0.803 X CPI x CAMC (4.178) 

The cost for manufacturing materials for the production phase is estimated using 

CMMP = 32 799M 0.692 V 0.639N 0.803 CPI CAMC 
• ar max prod X X (4.179) 

Aircraft engine cost has been estimated based on analysis of the data from Appendix 

C which yields the following expression 

(4.180) 

where: 

TST engine maximum static thrust (kN) 

The cost of avionics per aircraft is estimated using 

CAV= 871OxM;,g xCPI (4.181) 

where: 

Mieg mass of instruments and electronics group (kg) 
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The cost of interior fittings per aircraft is estimated using 

CINT = 1540 x Npax x CPI (4.182) 

The total development cost is then computed using 

CDT & E = CAED + CDSC + CFT AR + CTD + CMD + CQD + CMMD + 

Nd,v(CAV + CE + CINT) 

(4.183) 

The total production cost is then computed using 

CPROD = CAEP + CTP + CMP + CQP + CMMP + N prod (CA V + CE + CINT) 

(4.184) 

The aircraft unit cost is then computed using 

UCOST = ((CDT & E + CPROD )/(Ndev + Nprod ))11000000 (4.185) 

For 1994-1995 prices the Consumer Price Index (CPI) is taken to be 1.50. 
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Example: 

The method is now applied to the Boeing 757 aircraft. Input data for the calculation is 

provided in Table 4.41. Output data is shown in Table 4.42. 

Maximum Speed (knots) at best altitude (knots EAS) Vmax 404.35 
Airframe Mass (kg) Mal 33075 
Static Thrust per engine (kN) TST 17B.40 
Number of engines Neng 2 
Mass of avionics (kg) Mieg 573 
Number of passengers Npax 1B6 
Number of development aircraft Ndev 4 
Number of production aircraft Nprod 1000 
Production rate (No. of aircraft/month) R 6 
Engineering labour rate ($/hour) ERATE BO.OO 
TOOling and Quality labour rate ($/hour) TR 62.00 
Manufacturing labour rate ($/hour) MR 52.00 
Judgement factor to account for advanced technology features ATF 0.B5 
Judgement factor to account for cost of advanced materials CAMC 1.05 
Judgement factor for advanced technology aircraft e.g. STOL, VTOL ATT 0.B5 
Judgement factor for low observable materials CLO 1.00 
Cost factor for program security CS 1.00 
Consumer price index (CPI) for current year CPI 1.50 

Table 4.41: Hoeing 757 cost estimation input data 

Total airframe engineering hours for development EHD 5.76E+06 
Total airframe engineering hours for production EHP 1.01E+07 
Engineering cost for the development phase CAED 4.61E+OB 
Engineering cost for the production phase CAEP B.06E+OB 
Development support cost (DT&E) CDSC 1.94E+OB 
Flight Test Operations (DT&E) CFTAR 1.15E+OB 
Tooling hours for development (DT&E) THD B.99E+06 
TOOling hours for production THP 1.53E+07 
Tooling cost for development CTD 5.57E+OB 
Tooling cost for production CTP 9.49E+OB 
Manufacturing hours for development (DT&E) MHD 1.32E+07 
Manufacturing hours for production MHP 2.69E+OB 
Manufacturing cost for development CMD 6.B7E+OB 
Manufacturing cost for production CMP 1.40E+10 
Quality control hours for development (DT&E) QHD 1.72E+06 
Quality control hours for production QHP 3.50E+07 
Quality control cost for development CQD 1.07E+OB 
Quality control cost for production CQP 2.17E+09 
Cost of manufacturing materials for development CMMD 4.9BE+07 
Cost of manufacturing materials for production CMMP 4.16E+09 
Cost of engines CE 1.02E+07 
Cost of avionics CAV 7.4BE+06 
Cost of Interior CINT 4.30E+OB 

Development cost CDT&E 2.24E+09 
Production cost CPROD 4.02E+10 

Unit cost $mil 1994 CUA 42.27 
Recurring flyaway cost $mil 1994 CRF 40.20 

Table 4.42: Hoeing 757 cost estimation output data 
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The method is dependent on both the total number of aircraft produced and the 

production rate. These quantities are difficult to estimate, particularly during the 

design of a new aircraft. Returning to the Boeing 757 example, 700 aircraft had been 

delivered by 1996 and with over 100 aircraft on order, production is expected to 

surpass 1,000 aircraft. Based on 14 years of full production the average production 

rate has been 4.2 aircraft per month. Thus for this analysis it has been assumed that 

the production run is 1,000 aircraft at the rate of 4 per month. It is interesting to note 

that the development cost is $2.24 billion. This is a significant amount for a relatively 

small aircraft. The Boeing 777 is reported to have cost $4.0 billion dollars to develop 

(Jane's All The World's Aircraft 1996). Development costs must be recouped by the 

manufacturer and are thus spread over some portion of the production run. The effect 

on the Boeing 757 analysis is to add $2.07 million to the cost of each aircraft. The 

estimated unit cost for the Boeing 757 is calculated to $42.27 million in 1994 dollars. 

A vrnark Aviation Economist (1994) reports the new cost for the Rolls Royce powered 

version to be $43.2 million and $42.0 million for the Pratt & Whitney powered 

version. The estimated cost is very close to both values. 

4.9 Direct Operating Cost Estimation 

The direct operating cost (DOe) model is based on the method developed by the 

Association of European Airlines (1989). The method is applicable to both short

medium range and long range aircraft. 

Utilisation 

The number of block hours flown per annum is suggested to be 

ShortlMedium Range Aircraft: 

Long Range Aircraft: 

4.9.1 Aircraft Delivery Price 

3750 hours 

4800 hours 

The aircraft delivery price is computed from the following expression 

Manufacturer's Standard Study Price 

+ Buyer Furnished Equipment 

+ Cost of Change Orders 

+ Capitalised Interest on Progress Payments 
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The manufacturer's standard study price is computed by the cost model as described 

in section 4.8. 

Airframe Spares 

The cost of airframe spares is assumed to be ten percent of the aircraft delivery price 

less the price of engine propulsion units but including the price of removable airframe 

associated equipment. 

Spare Propulsion Units 

The cost of spare propulsion units is assumed to be thirty percent of the cost of a 

propulsion unit multiplied by the number of units of the aircraft. 

Total Investment 

The total investments made by the airline is taken to be 

Aircraft Delivery Price 

+ Airframe Spares 

+ Spare Propulsion Units and Spares 

4.9.2 Depreciation costs(US$lhour) 

During its lifetime the aircraft will depreciate in value. Since the acquisition costs are 

high, depreciation costs can also be high and must therefore be accounted for on each 

flying hour. It is generally assumed that the cost will depreciate in a linear fashion 

over a period of time to a given residual value. 

For short/medium range aircraft the AEA suggests that the aircraft cost be depreciated 

to 10 percent over 14 years. Thus the depreciation cost per block hour is given by 

D ., 0 9 _T_otal __ In""v:-::es_tm_en_t eprecIatlon = . x 
14U 

(4.186) 

where U is the utilisation hours per annum. 

For long range aircraft the AEA suggests that the aircraft cost is depreciated to 10 

percent over 16 years. Thus the depreciation cost per block hour is given by 
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D . t' 0 9 Total Investment eprecla IOn = . x 
16U 

(4.187) 

4.9.3 Interest Charges (US$/hour) 

It is unlikely that any airline may purchase its aircraft outright in one payment. It is 

more likely the airline will borrow money to finance the purchase of new aircraft. 

This will incur interest payments. The AEA suggests that the cost is estimated for 

both short/medium and long haul aircraft using 

I 0 053 
Total Investment 

nterest cost=. x -----
U 

(4.188) 

This corresponds to the average interest rate for an 8% annuity over 14 years with 10 

percent residual value. 

4.9.4 Insurance costs(US$/hour) 

All airlines insure their aircraft against accidents, sabotage and terrorism. The AEA 

recommends that the cost is approximately 0.5 percent of the aircraft delivery price 

per year. This corresponds to a cost per block hour of 

I 0 005 
Aircraft Delivery Pr ice 

nsurance cost=. x--------='---
U 

4.9.5 Crew costs(US$/hour) 

The hourly crew costs for short/medium range aircraft are suggested to be 

Cockpit Crew Costs: 2 crew operation = 493 US$ 

Cabin Crew Costs: 81 US$ / cabin crew member 

The hourly crew costs for long range aircraft are suggested to be 

Cockpit Crew Costs: 2 crew operation = 710 US$ 

Cabin Crew Costs: 90 US$ / cabin crew member 
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where the number of cabin crew members is one for every 35 economy passengers, 

rounded to the next whole number. 

4.9.6 Landing Fees (VS$/hour) 

Each landing at an airport is charged. This enables the airport to recoup some of its 

development and running costs. Airport landing fees vary considerably from airport to 

airport around the world. The fee is normally related to the aircraft maximum 

certificated weight. Sometimes, aircraft flown on regional routes, not requiring the 

maximum takeoff weight may be certificated to lower weights, reducing landing 

costs. 

The AEA suggests that the cost per hour for short range aircraft is 

L d· fi 7 8 _M_ax_W_ei::cgh_t anmgees=.x 
t 

And for the long range aircraft the cost per hour is 

L d· fi 59 Max Weight an mg ees = . X ---....:::..-
t 

where: 

Max Weight aircraft maximum weight (metric tonnes) 

t mission block time (hours) 

4.9.7 Navigation Charges (US$/hour) 

(4.194) 

(4.195) 

In order that aircraft may fly safely without collisions, advanced navigation systems 

are used both in the air and on the ground. The cost of such systems is partly recouped 

through navigation charges. 

The AEA suggests for short/medium range that the navigation charges per hour are 

. . Stage Length 1 c:c.Mc:c.a::.:x_W:-.e.:..:i~gh=.t NaVigatIOn costs = O.5x x., 
t 50 

(4.196) 
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And for long range aircraft, the AEA suggests the navigation costs 

N 
.. 02 Stage Length Max Weight 

aVlgatlOn cos ts = . x x 
t 50 

(4.197) 

where: 

Stage Length distance flown (km) 

4.9.8 Ground Handling Charges (US$/hour) 

As well as incurring charges for landing at an airport, the aircraft is also charged for 

use of ground facilities. The AEA suggests the ground handling costs per hour are 

where: 

. Payload 
Ground handling cos t = 100 x ---.:.-

t 

Payload payload carried on sector (metric tonnes) 

4.9.9 Fuel (US$lhour) 

(4.198) 

The cost of fuel varies from region to region around the world. The costs for various 

regions are collated regularly by A vmark Aviation Economist (1997). Current prices 

are around $0.70 per US gallon. The configuration of a new design is sensitive to fuel 

price and thus several prices may be analysed in order to project the effect on 

operating costs of potential changes in market prices. In the current environmentally 

aware climate, it is also possible that an environmental tax may be placed on aviation 

fuel. This may amount to an increase in fuel costs per gallon of between five and ten 

percent. 

The cost of fuel per hour is defined as 

where: 

Fuel Price 

F I 
Fuel Price x Mission Fuel 

ue cost =---------
3.028xt 

cost of fuel (US$ per US Gallon) 
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Mission Fuel mass of fuel burnt to complete mission (kg) 

The mass of fuel burnt during the mission is obtained from the aircraft design model 

based on the cruise option used. 

4.9.10 Maintenance 

With improvements in efficiency the cost of fuel for the mission has reduced 

considerably since the introduction of the first generation M of jet transport aircraft. 

Thus in terms of operating costs, the relative cost of maintenance has increased. The 

AEA operating costs method breaks down the maintenance costs into airframe and 

engine related costs. Within these two areas the costs are broken down into labour 

costs and material costs. As aircraft technologies have developed the labour costs 

have reduced, by cutting the time taken to complete overhauls. However, the 

introduction of advanced materials to the airframe and engines and increased material 

costs, although this is beginning to reduce as techniques for repairing advanced 

materials improve. 

Airframe Labour (US$lhour) 

The cost of airframe labour is suggested by AEA to be 

A 'rfr I b [0 09W 6 7 350 _0._8 _+ 0_.6_S...>...(t_-...:...o . ...:...42..L.)]R 
1 ame a our =. .f + . - x 

War +75 t 

(4.200) 

where: 

Waf airframe mass (metric tonnes) i.e. manufacturers' empty mass plus 2 % 

tolerance, less the mass of engines (kg) 

R Labour rate including burden (US$/hour) 

The term in square brackets in equation (4.200) represents the maintenance man hours 

per flying hour. Manufacturers are constantly attempting to reduce this value through 

improved design, longer inspection times and simplified maintenance procedures. For 

1994, the labour rate is suggested to be US$65 per maintenance man hour. 
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Airframe Material (US$lhour) 

The cost of airframe materials is suggested by AEA to be 

[
4.2+2.2(t-0.42)] A· ftd I· . I . f 

= t x ucra e lvery price ess price 0 
(4.201) 

bare engines in millions of US$ 

Engine Labour 

The engine labour costs are broken down into time dependent and cycle dependent 

costs. This is because many engine components are fatigue limited and therefore have 

a finite number of cycles on the engine after which time they must be replaced. 

Time dependent labour (US$lhour) 

The cost of engine time dependent labour is suggested by AEA to be 

with Cl = 1.27 - 0.2 x BPR 02 

C3 = 0.032nc + K 

K = 0.43 + 0.07N sh 

where: 

T sea level static take-off thrust (metric tonnes) 

BPR engine by-pass ratio (-) 

ne number of compressor stages including fan stages 

Nsh number of engine shafts 

(4.202) 

Engine characteristics data is obtained from the engine cycle data within the aircraft 

design model. Data for wide variety of engine is also available in Appendix C. 

Cycle dependent labour (US$/cycle) 

The cost of engine cycle dependent labour is suggested by AEA to be 

(4.203) 
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where LT is the cost of engine time dependent labour. 

Engine Materials 

The cost of engine materials is also broken down into time dependent and cycle 

dependent quantities. This again reflects that the cost of some materials is related to 

the number of cycles flown by the aircraft and not just the related to flying time. 

Time dependent materials (US$lhour) 

The cost of engine time dependent materials is suggested by the AEA to be 

(4.204) 

where OAPR is the overall engine pressure ratio. This is obtained from the engine 

cycle characteristics data in the aircraft design model. 

Cycle dependent materials (US$/cycle) 

The cost of engine cycle dependent materials is suggested by AEA to be 

(4.205) 

where MT is the time dependent materials cost. 

4.9.11 Direct Engine Maintenance Cost (US$lhour) 

The total cost of direct engine maintenance is then computed using 

EMC=N (L +M { t f +1.3) 
• T T \ t

f 
+ 0.42 

(4.206) 

where: 

Ne Number of engines per aircraft 

tf Flight time (hours)(= block time - 0.42) 

Note, that cycle dependent costs are assumed to be indirect maintenance costs. 
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4.9.12 Total Maintenance Cost 

The total maintenance cost is the computed using 

Total Maintenance cost = Airframe labour cost 

+ Airframe material cost (4.207) 

+ Direct engine maintenance cost 

4.9.13 Direct Operating Cost 

The method described computes the cost per hour of operating the aircraft. It is 

common to express this cost as the cost per seat per mile floWll. This is often termed 

the air seat mile cost or ASM. This is computed by dividing the total hourly cost by 

the number of seats and the air miles floWll in that hour. 

Example: 

Operating cost data for the Boeing 757-200 from A vrnark (1995) is listed in Table 

4.43. Alongside the data is the associated estimate using the AEA short range method. 

expenses 
I Lalndir1a Fees 
I NSlvigaticon Charges 

handling charges 
cost 

IMl3intenl3nc:e- airframe 
IMclintE~na;nce - engine 

Charges 

548 
262 
157 
247 
445 

53 

Table 4.43: Hoeing 757 operating cost data (source: Avmark 1995) and model 

estimates 

The large difference in air-seat-mile cost is directly related to differences between the 

US and European definition ofDOC. European methods such as the AEA method 

include vehicle related charges such as landing fees, navigational charges and ground 

handling costs. In contrast the US method for which data is reported includes the 

basic crew costs, fuel, maintenance, depreciation, interest and insurance costs. 

Excluding the European vehicle charges gives a cost per ASM of 4.74 cents, 44 

percent greater than the US value. The over prediction is due to a consistent over 
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prediction of across virtually all items contributing to Doe and gives a direct 

indication of the increased costs for crew, fuel and maintenance in Europe. The 

depreciation and interest costs are generally higher because the European 

recommendation is to depreciate the aircraft value to 10 percent over 14-16 years 

compared with 20 years in the US. 

4.10 Validation 

The complete model has been applied to a wide number of aircraft in order to 

generate the validation comparisons presented throughout this chapter. In the 

following section design output data is summarised for the Boeing 747-400 and 

Boeing 757-200. 

4.10.1 Boeing 747-400 

Input data for the aircraft design model was collected from manufacturers published 

data and typically consists of geometrical and operational data. Engine thrust lapse 

characteristics are input using generalised Rolls Royce data. The model output 

includes mass, aerodynamic, performance and cost data. Key parameters are shown in 

Table 4.44 for comparison with reported data. 

Reported Data Prediction Percentage change 
Mass (Tonnes) 
Ops empty 181529 186192 2.57% 
Zero-fuel 242670 247378 1.94% 
Maximum takeoff 396830 396587 -0.06% 

Aerodynamics 
UD 18.00 17.56 -2.44% 

Performance 
Takeoff field length 3315 3143 -5.19% 
Landing field length 2130 1949 -8.50% 
Cruise fuel burn 9995 10247 2.52% 

Economics 
Unit cost ($1994) 140 139.01 -0.71% 
DOCJcents/ASM) 3.27 4.37 33.64% 

Table 4.44: Aircraft design model estimates for Boeing 747-400 

The output shows that the aircraft design model accurately estimates aircraft mass 

both in terms of structural mass and fuel mass. The fuel mass is also dependent on the 

aircraft aerodynamic characteristics which are predicted accurately. In contrast the 

field performance is not predicted too well with both the takeoff and landing field 
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lengths under predicted by between 5 and 9 percent. The reason for the under 

prediction is difficult to quantify since takeoff mass and aerodynamic drag 

coefficients are predicted well. The field lengths are also dependent on aerodynamic 

maximum lift coefficients (not reported in the table). These were, however, well 

predicted and therefore do not justify the error in predicting field length. Other 

reasons for the inaccuracies are the simplified methods used to predict both the 

takeofflbalanced field length, landing field length and also in the latter case the value 

assumed for the braking coefficient of friction. The economic comparison shows that 

unit cost well predicted, although this is partly dependent on the production run 

assumed, in this case 800 aircraft. The direct operating cost per air seat mile is 

significantly over predicted. The is directly due to the higher costs for crew, fuel 

maintenance and depreciation in Europe relative to the US as shown in section 4.9.13 

4.10.2 Boeing 757-200 

Summary data for the Boeing 757-200 aircraft is provided in Table 4.45. The mass 

data show that the structure mass, payload and fuel mass are all accurately predicted 

resulting in a well predicted maximum takeoff mass. The aerodynamic data show that 

cruise lift-drag ratio is predicted well. 

Field performance is predicted with reasonable accuracy. Landing field length is 

predicted very well but takeoff field length is under predicted by 7 percent. 

Manufacturers' Data Prediction Percentaae change 
Mass (Tonnes) 
Opsempty 58248 57685 -0.97% 
Zero-fuel 84550 84035 -0.61% 
Maximum takeoff 99792 99634 -0.16% 

Aerodynamics 
UD 17.20 17.21 0.06% 

Performance 
Takeoff field length 1646 1526 -7.29% 
Landing field length 1546 1522 -1.55% 
Cruise fuel burn 2885 3018 4.61% 

Economics 
Unit cost ($1994) 43.7 42.25 -3.32% 
DOC (cents/ASM) 3.29 4.74 44.07% 

Table 4.45: Aircraft design model estimates for Boeing 757-200 
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The economic data shows that the aircraft unit price is very well predicted, although 

the match is somewhat dependent on the production run and production rate chosen. 

Direct operating cost (DOC) per air seat mile is significantly over predicted. The over 

prediction is, however, probably due to different cost levels between the reported data 

(US) and the DOC model which is based on European cost data. 

4.11 Summary 

This chapter has described in detail the mathematical models used in the aircraft 

conceptual design model to compute aircraft mass, cost and performance of existing 

and new aircraft designs. Changes to the design configuration are reflected through 

changes in aircraft mass, aerodynamics, performance and cost. Any single design 

parameter may then be altered to determine its sensitivity to key design objectives 

such as overall mass, lift drag ratio, fuel burn or direct operating cost. 

The aircraft design model has been applied to studies oflarge unconventional aircraft 

(Rhodes et al1993) which has provided valuable data for validation. In particular, the 

method used to predict fuselage mass presented in section 4.4.3 was found to be 

essential for accurate mass estimation of large fuselages with multiple floors. 

The philosophy of a modular aircraft conceptual design program has also been applied 

to the undergraduate teaching of aircraft design (Rhodes et al 1995a). In this 

application the method has been taken a stage further in that complete aircraft design 

model is a stand alone program. The flight profile and noise estimation programs then 

query the aircraft design model to extract the necessary data for their needs. In this 

sense different methods can be interchanged relatively quickly without interfering 

with the structure of the rest of the model. 
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5. Flight Profile Modelling 

5.1 Introduction 

To predict ground noise levels it is essential to predict accurately the position of the 

aircraft in three dimensions. In terms of aircraft noise, the most important phases of 

flight are takeoff and landing, where the aircraft is at relatively Iow altitude. Although 

these phases are analysed in detail within the aircraft design model in order to predict 

takeoff and landing distances respectively, the analysis does not extend sufficiently 

from the runway to provide all the required data for the noise model. Typically the 

flight profiles must describe the aircraft flight path up to altitudes of several thousand 

feet. 

The flight profile model is illustrated visually in Figure 5.1. Input data consists of 

mass, geometric and aerodynamic data from the aircraft design model. Additionally 

input data is provided describing how the aircraft is operated. This subject is 

discussed later in more detail. The takeoff and landing flight profile models compute 

position, speed, thrust and aircraft configuration information using methods described 

in following sections. This is then output to the noise model. 

Input Data Operating Practices 

1 1 ,------------------------------------------------------
Flight Profile Model 

• Takeoff Profile Landing Profile 

· • L-___ --' 

":"::::,::,:::::.::::":::1':::':.::::::::::.:::::':: 
Output 

Position data Thrust data 

Speed data Configuration data 

, 
._---------------------------.-------------------------

Figure 5.1: Structure ofthe flight profiles model 
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In developing a methodology to construct flight profiles, several key requirements 

must be considered. First the flight profiles constructed must reflect accurately any 

changes in the aircraft configuration and design. Factors such as the amount of 

installed thrust and the maximum lift capability will significantly affect the 

performance of the aircraft and the resulting flight profiles. Secondly, the construction 

of the flight profiles must also include the ability to model different operational 

procedures. Operational procedures define how the aircraft is to be flown during 

critical phases of flight such as takeoff and landing. The procedures will typically 

define flap retraction schedules for takeoff and flap/undercarriage deployment 

schedules for landing. Data may also be provided limiting the duration of the 

maximum takeoff power setting. This data is normally contained in the aircraft 

performance manuals given to operators upon purchasing the aircraft. The data in 

these manuals typically describes operational procedures that will obtain maximum 

performance from the aircraft, whilst maintaining strict safety criteria. It is clear, that 

in order to attain maximum performance throughout the takeoff phase that maximum 

thrust is used. Similarly, arrivals procedures will ensure that the aircraft configuration 

and speed are stabilised at substantial distances from touchdown. Thus, the 

procedures provided in the performance manuals may not always result in the lowest 

noise levels for a given operation. 

In the early years of jet transport operations, the aircraft manufacturers concentrated 

on improving aircraft performance. Few powerful engines were available and aircraft 

thrust to weight ratios were relatively low, resulting in long takeoff distances and poor 

climb performance. As a result of the poor performance, there was little scope to 

reduce ground noise levels by altering operational procedures, other than by directing 

flights away from populated areas. However, as aircraft and engine technologies 

developed, aircraft performance improved allowing operational procedures to be 

altered to reduce ground noise levels at specific locations. Examples include the use 

of overspeed during takeoff to improve initial climb performance and the use of thrust 

cutback shortly after takeoff. Such operational procedures became known as noise 

abatement procedures. In order to standardise their use the International Civil 

Aviation Organisation (ICAO) introduced two standard procedures, ICAO procedure 

A and ICAO procedure B. Procedure A is intended to reduce ground noise levels 

further away from the airport. It recommends thrust cutback at I ,500ft and flap 
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retraction at 3,000ft. Procedure B is intended to reduce noise levels close to the airport 

and recommends flap retraction at 1,000ft followed by thrust cutback at 5° flap. More 

recently research has been undertaken to develop improved noise abatement 

procedures. Boeing has recently proposed a modified ICAO B procedure which 

recommends cutback at 1,000ft (Cadoux & Ollerhead 1996). It is estimated the 

procedure will reduce Boeing 747-400 flyover noise levels by 2dBA relative to the 

standard ICAO B procedure. 

The following sections of this chapter will analyse existing methodologies used to 

construct flight profiles and develop alternative methodology that may be integrated 

within the aircraft design and noise prediction models. 

5.2 Analysis of Existing Methodologies 

The most widely adopted methodology for constructing flight profiles is presented in 

SAE-AIR-1845 (SAE 1986). This was first published in 1986 and details the 

mathematical modelling for the construction of flight profiles suitable for noise 

modelling applications and also details how specialised Noise Power Distance (NPD) 

curves may be defined from certification test data. The methodology is consistent 

with that used in the Federal Aviation Administration (FAA) Integrated Noise Model 

(INM). This was first released in 1977. 

The flight profiles methodology presented in the SAE report constructs the flight 

profiles in a specific manner. First the three dimensional flight profile is separated 

into two independent flight profiles, one in the XZ plane and another in the XY plane. 

The first profile in the XZ plane describes the change of height and speed of the 

aircraft relative to the distance travelled from the start of roll. The second profile in 

the XY plane describes the aircraft ground track including any turn manoeuvres. The 

two profiles are considered to be independent and thus it is assumed that a turn 

manoeuvre does not affect the climb rate or acceleration of the aircraft in the XZ 

plane. Once constructed the two profiles are merged to define the three dimensional 

flight path of the aircraft as a function of time as shown in Figure 5.2. 
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Figure 5.2: Minimum distance between aircraft and ground points 

The second way in which the profiles differ from actual flight profiles is that they are 

constructed from straight line segments. The nodes which join the segments together 

normally define changes in aircraft configuration and engine thrust settings. In this 

manner it is possible to include operational parameters such as the point of thrust 

cutback and the flap retraction/deployment schedule. A typical departure flight profile 

as shown in Figure 5.3 may consist of up to 10 segments defining the takeoff roll and 

climb to 1O,OOOft. 

A departure profile must begin with a takeoff ground roll. After rotation the ground 

roll segment is normally followed by climb at constant speed to a given altitude. 

Following this, segments are defined to accelerate the aircraft to en-route climb speed 

and retract the flaps from the takeoff setting. This choice of segments is illustrated in 

Figure 5.4. Arrows indicate the possible combination of segments. 
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Climb: 

Climb to 3,000n 
Flap O· 
Climb Power =-----... 
Constant speed 

Accelerate to 260kts 
Flap 0' 
Climb Power 
Climb at 1,000n 

\ 

~ Acceleration: 

Accelerate to 198kts 
. Flap 5° 

Acceleration: T/O Power 

Accelerate to 178kts 
Flap 15' 
T/O Power 
Climb at 1542ft1min 

Climb at 1542ft1mln 

Figure 5.3: Construction of a departure flight profile 

~-->t Constant speed r--_ 
climb 

START -+ Takeoff ground 
roll 

Level fight 

---..JAccelerating climb I---~ 

I---FINISH 

Figure 5.4: Sequence of segments for a departure flight profile 

An arrival flight profile normally consists of around 7 segments, The arrival profile 

must end with a landing ground roll. Previous segments may include descent and level 

flight. The segments are normally defined to bring the aircraft from the terminal 

airspeed and clean configuration to the approach speed with landing flap selected and 

undercarriage down, The choice of segments is illustrated in Figure 5.5, 
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Land ground -+ FINISH 
roll 

Figure 5.5: Sequence of segments for an arrival flight profile 

The SAE-AIR-1845 methodology utilises a set of equations developed for each 

segment type to relate aircraft configuration/thrust to aircraft airspeed and distance 

travelled. Aircraft reference data is defined to describe key aerodynamic and engine 

thrust characteristics. The data is held as a series of dimensional and non-dimensional 

coefficients. INM includes a database of coefficients for over 100 aircraft. It is 

important to note that the dimensional data in INM in stored in English units. 

Before an alternative methodology is developed it is essential to understand the SAE 

methodology, including the origin of specific aerodynamic and engine performance 

coefficients. The equations for each segment type will be analysed in turn and 

equivalent expressions developed for the SAE-AIR-1845 coefficients. 

5.3 Departure Flight Profile - SAE-AIR-1845 Methodology 

5.3.1 Takeoff Ground Roll 

This section describes the method used by SAE-AIR-1845 to determine the takeoff 

ground roll distance. The methodology assumes that a specified take-off thrust is used 

to accelerate the aircraft to a climb speed. During rotation and initial climb airspeed is 

assumed constant. Undercarriage is assumed to be retracted shortly after liftoff. 
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The actual takeoff ground roll distance is approximated to an equivalent takeoff 

ground roll distance which begins at the start of roll and ends where the straight line 

extrapolation of the initial climb flight path intersects the runway. This is shown 

diagrammatically in Figure 5.6. 

Equivalent Takeoff Distance 

Extrapolation of inital 
climb segment 

Figure 5.6: SAE-1845 equivalent takeoff field length 

The equivalent takeoff ground roll distance is calculated using 

where 

Initial 
Climb 

(5.1) 

B is a coefficient appropriate to a specific airplane/flap deflection combination 

for the reference conditions including the 8-knot headwind. 

W is the airplane brake release gross weight. 

N number of engines providing thrust. 

Fn net thrust calculated for the airspeed and engine power settings used during the 

initial climbout. 

8"" ratio of ambient air pressure to the standard-day sea level values. 

9"" ratio of the ambient temperature to the standard-day sea level values. 

In order to understand the origins of equation (5.1), a equivalent expression will be 

derived using Newton's laws and flight mechanics theory. 
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Since this equation defines the ground roll distance based upon available thrust and 

aircraft weight, we can begin with the standard equation of motion for constant 

acceleration, 

and 

(5.2) 

where: 

V velocity 

U start velocity 

S distance travelled 

a acceleration 

It is assumed that the start velocity, U is zero and the end velocity, V is equal to the 

climb speed, V2. Equation (5.2) assumes constant acceleration. In practice the 

acceleration will vary during the ground roll. However, based on energy analysis the 

mean speed will be at v2h/2 orO.707V2. 

From section 5.3:2, 

thus 

(5.3) 

Where, C defines the climb speed, V 2 and is a function of wing reference area, take

off lift coefficient and W is the aircraft take-off weight. 
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From Newton's laws 

Ma =(T-D) 

Since both thrust and drag are speed and weight dependent, it can be assumed that 

(l-kt)T (l-k,)T.g T 
Acceleration = = = k, -

M W W 

Substituting equations (5.3) and (5.4) into equation (5.2), 

Assuming 

then 

C' 
k3 =-k, 

2 

aw' 
S=k --

3 0 T 

(5.4) 

(5.5) 

(5.6) 

The effects of atmospheric temperature changes are included by introducing 0am into 

the W and T functions 

(5.7) 

Comparing this with the SAE-AIR-1845 function (equation (5.1)), we can deduce that 

k3 is equal to B. Analysing equation (5.7), shows that the coefficient B is dimensional, 

with units ofMb in English units and is also a function of coefficient C. 
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5.3.2 Initial Climb 

This section describes the method used by SAE-AIR-1845 to determine the initial 

climb gradient and the ground distance travelled during the initial climb phase whilst 

climbing at constant equivalent airspeed. 

The initial climb equivalent airspeed is dependent on the aircraft stall speed and thus 

is dependent on the takeoff flap angle and the brake release gross weight. The 

equivalent airspeed is calculated using 

Vc =C.JW (5.8) 

where: 

C coefficient appropriate to the flap setting. 

W brake release gross weight. 

This may be compared with the classical equation defining stall speed 

tpscL MAX 

W 
(5.9) 

Noting that from the gas equation, the properties of the air are 

p = crpo and cr = (j/9 

we can rearrange the stall speed equation such that 

V'I,II = I (9)°·5 1'7""'--- X - .JW 
tPOSC L (j 

MAX 

(5.10) 

The climb speed, V 2 for civil transport aircraft is normally defined as 
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hence, 

Substituting into equation (5.1 0) we have 

V2 = 
1 (9) 0.5 

/-,--- X - .JW 
tpOSCLro 0 

(5.11) 

And comparing this with the SAE fonn we can deduce that 

C= 1 
(5.12) 

The above coefficient is dimensional with SI units ofkg°.5/m°.5 English units of 

slugo.s Ift°'s. 

The average geometric climb angle for climb with a given configuration at constant 

equivalent airspeed is given by 

(5.13) 

where the factor 1.01 accounts for the increased climb gradient associated with the 8-

knot headwind and the acceleration inherent in climbing at a reference equivalent 

airspeed of 160 knots. FN/8 is the net corrected thrust per engine, N the number of 

engines and R is the nondimensional ratio of the airplane's drag coefficient to lift 

coefficient for a given flap setting and airplane configuration. 
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The distance traversed along the ground track whilst climbing at an angle y to a 

specified increment in pressure altitude, Ab above the runway elevation can then be 

calculated using 

Ab 
s =-

C tany 

In order to understand equation (5.13), an alternative form is developed using 

standard flight mechanics theory. Figure 5.7 shows free-body diagram for an aircraft 

climbing at constant equivalent airspeed. Although the aircraft is climbing at constant 

equivalent airspeed, true airspeed will increase due to lapse rate effects resulting in a 

decrease in temperature and air density with increasing altitude. 

L 

~ 
Mg 

Figure 5.7: Forces acting on a climbing and accelerating aircraft 

Resolving along the aircraft axis, 

T-D- Wsin9= Ma 

Noting that a = dV and M = W 
dt g 

T-D-Wsin9= W.dV 
g dt 
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T-D- Wsin9- W. dV = 0 
g dt 

. dV dV dh 
Notmgthat -=-.- gives 

dt dh dt 

. W dV dh 
T-D-Wsm9--.--=O 

g dh dt 

T-D . I dV dh 
--=sm9+---=O 

W g dh dt 

Noting that dh = C and sin9 = C 
dt V 

(T-D) 

W 

Rearranging gives, 

. 9 I dV V . 9 sm +--. sm 
g dh 

9 = arcsin ~(~T_-_D--,-)---,
W(I+ V dV) 

g dh 

5, Flight Profile Modelling 

(5.14) 

The effect of a headwind may be considering by including an additional term, 

(5.15) 

Introducing,5 into the thrust and weight terms and noting that D / W = D / L gives, 
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8 = arcsin (5.16) 

Comparing with equation (5.13), it can been seen that T = NFn and that R = D/L, 

which is the reciprocal of the aircraft lift/drag ratio. The constant 1.0 I of equation 

(5.13) is now seen to be equivalent to, 

( V ) 
V-V 

Constant = w 

(
1+ V dVJ 

g dh 

(5.17) 

For flight in the Troposphere it can be shown that the denominator is a function of 

aircraft Mach number. Noting that the relationship between true airspeed and 

equivalent airspeed is 

(5.18) 

where cr is the ratio of ambient to sea-level air density. Differentiating equation (5.17) 

with respect to cr gives 

(5.19) 

The ambient density ratio is defined as 

(5.20) 
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where a and b are 

b=.JL.-l 
RL 

Differentiating equation (5.20) with respect to h gives 

dcr = -ab(l- ah r 
dh 

Noting that the ambient temperature ratio e = 1- ah gives 

dcr cr 
-=-ab
dh e 

5. Flight Profile Modelling 

(5.21) 

(5.22) 

(5.23) 

Combining equations (5.19) and (5.23) and multiplying by V /g gives 

V dV V dV dcr V cr-1I2 
--= ---= -ab--VE 
g dh g dcr dh 2g e 

V dV V ab VE 
g dh = 2g e Fa 

Substituting for VE using equation (5.18) 

V dV V2 ab 
--=--
g dh 2g e 

Noting that V. 2 = yRT , V., 2 = yRTo and e = T / To 
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V dV V2 ab 
--= 
gdb 2g V. 2 IV., 2 

V _dV_ = abV.,2 M2 

2g gdb 
(S.2S) 

For ISA conditions 

V., = ~yRTo = "'1.4 x 287 x 288.IS = 340.26ms-1 

Evaluating equations (S.2I) and (S.22) and substituting into equation (S.2S) gives 

V dV = 0.5668M 2 
gdb 

(S.26) 

Assuming a reference equivalent airspeed of 160 knots corresponds to a Mach number 

of approximately 0.24. Substituting this value into equation (S.26) and assuming a 

reference headwind of 8 knots, the constant of equation (S.17) becomes 

( 
160 ) 

Constant = 160 - 8 = 1.017 

(I + 0.S668x 0.242) 

The result compares favourably with that used in equation (S.13) from the SAE 

methodology. 

5.3.3 Accelerating Climb 

This section describes the method used by SAE-AIR-184S to determine the ground 

distance travelled in accelerating from a initial speed V,, to a final airspeed V,b' 

whilst climbing at a specified vertical speed or average rate of climb. 
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Departure flight paths include accelerating segments after the initial constant speed 

climb segment to enable the airspeed to be sufficiently high in order that the flaps 

may be retracted safely. 

The horizontal, or ground track distance traversed whilst accelerating from an initial 

true airspeed Via to a final true airspeed V'b and climbing at a specified average true 

vertical speed or average rate of climb V.. may be calculated using 

s = (1/2gXO.95)(V'b 
2 

- V" 
2

) 

a [N(Fn/tSam).,g/(W/tSam).,g] -Ravg -(V .. /V,avg) 
(5.27) 

where: 

g is the acceleration due to gravity = 9.81m1s2 or 32. 17ft1s2
• 

The nondimensional factor 0.95 represents the headwind effect on the ground-track 

distance when climbing at a reference climb speed of 160 knots into an 8-knot 

headwind. 

Units for V'a' V'b and g must be consistent with those for sa . 

The height gain during the segment, ~h , is then calculated from 

Ah = (saV .. /V,avg)10.95 

At the beginning of the acceleration segment, the airplane's pressure altitude is known 

as that at the end of the previous segment. Thus tS am and 0' am are also known at the 

beginning of the segment. The pressure altitude and hence tS am and O'am are, however, 

unknown at the end of the segment. Thus, it is necessary to estimate the pressure 

altitude at the end of segment in order to estimate values for tS am and 0' am • The 

calculated height gain is then compared against the estimated height gain and 

additional iterations carried out as required. 
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Returning to Figure 5.7 and resolving the forces along the aircraft axis and assuming 

the aircraft to be accelerating from V" to Vtb 

T-D- Wsine = Ma (5.28) 

Noting that for constant acceleration a = (Vtb 
2 

- V" 
2

) and substituting into equation 
2s 

(5.28) gives 

Noting that M = Wig and dividing through by W gives 

T D . e 
----SIn 
W W 

(Vtb
2 

- Vta
2

) 

2sg 

Rearranging and noting for small angles sin e = e radians 

s _ (1I2gXVtb 2 - Vta 2) 
- [(T/W)-(D/W)-e] 

Noting that e = V tz IV tavg , D I W = R and including /) am in the thrust and weight 

terms gives 

Finally the wind effect is including, giving 

(5.29) 
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Noting that at a reference climb equivalent airspeed of 160 knots into an 8-knot 

headwind the ground distance travelled becomes 

S (0.95X1l2gXVtb
2 

- V" 
2

) 

[(T IOaJ/(W I Oam)]- R - (V tz IV"vg) 
(5.30) 

It can be seen that equation (5.30) is identical to equation (5.27). 

5.3.4 Continued Climb After AccelerationlFlap Retraction 

This section describes the method used by SAE-1845 to determine the climb rate and 

distance travelled whilst climbing at constant equivalent airspeed. 

Additional segments may be added to the takeoff departure profile for flight at 

constant equivalent airspeed and constant airplane configuration. The climb angle is 

calculated using 

y = arcsin(0.95{[N(Fn /oamtg I(W/oamtg]-R}) (5.31) 

Equation (5.31) is similar to equation (5.13), with exception that the constant in the 

arcsin argument is modified due to the assumption of reference equivalent climb 

speed of 250 knots. 

An equivalent expression may be derived for equation (5.31) as shown in section 

5.3.2 which gives 

e = arcsin (5.32) 
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Noting that the reference speed is now 250 knots and with an 8-knot headwind gives 

( 
V ) = 250 = 1.033 

V-V 250-8 w 

An equivalent airspeed of 250 knots corresponds to a Mach no. of approximately 

0.39. Thus using equation (5.26) gives 

(5.33) 

Combining the two values above gives a constant of 0.95 which matches the value in 

equation (5.31). 

5_3.5 Thrust Modelling 

The performance of the aircraft during the takeoff phase is highly dependent on the 

thrust available. Aircraft thrust does not remain constant during takeoff and decays 

with both increasing aircraft speed and increasing altitude. Engine performance data 

describing these effects is normally obtained from engine manufacturers. The data is 

then normally implemented in the fonn of engine lookup tables. Interpolation routines 

are then used to determine the precise engine thrust for a given altitude and speed 

combination. Although SAE-AIR-1845 was published in 1986, some of the basic 

methodology dates back to the mid 1970's and even the fastest computers lacked the 

processing power of today's desktop computers. In order to reduce the computation 

required the SAE methodology uses a simplified form of the engine lookup table. The 

net corrected thrust per engine is defined as 

where: 

F 
-" =E+FV+Gh+HT"", 
0"", 

F" net thrust per engine 

(5.34) 
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5"" ratio of the ambient air pressure to the standard air pressure at mean sea level 

(=101325Pa). 

V Calibrated or equivalent airspeed 

h pressure altitude above sea level at which the airplane is operating 

T"" is the ambient air temperature in which the airplane is operating 

E, F, G and H are constant coefficients which are determined for a particular engine at 

specific thrust ratings used by the airplane during takeoff/climb. 

Two thrust ratings are normally specified in the INM database. These correspond to 

the maximum takeoff power setting and a maximum climb power setting. Table 5.1 

lists data from the INM database for the Boeing 757-200 with Rolls Royce RB211-

535E4 engines. 

Power setting E F G H 
(Ib) (lb/kt) (lb/ft) (lbI"F) 

Takeoff 37092 -33.5 0.3998 0 
Climb 29350 -29.5 0.4153 0 

Table 5.1: INM engine performance coefficients 

The data shows the well known effect that thrust decreases with increasing forward 

speed. In practice this effect is non-linear. However, since airspeed do not vary 

significantly during departure, the SAE methodology assumes that the F coefficient 

will remain constant as airspeed changes. The above data is derived from engine 

lookup tables/charts which describe the thrust loss with both forward speed and 

altitude. 

Engine performance data was obtained from Simpkin (1996a) for comparison with the 

SAE data, To illustrates how the coefficients E, F, G and H were determined, it is 

necessary to express the SAE thrust data as a function of Mach number. This may be 

done by first constructing a height/speed departure profile. With the true airspeed 

known at each segment, together with airplane altitude, the airplane Mach number 

may be calculated. Table 5.2 shows the height/speed and thrust data for a standard 

Boeing 757-200 departure profile contained in the INM database. From this data, the 

speed of sound and thus Mach number have been calculated. 
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Speed Speed Height Height Temp Mach No. Net Thrust 
(knots) (m/s) (ft) (m) (K) H (Ib/Eng.) 

0 0.00 0 0 288.15 0.000 36556 
158 81.28 0 0 288.15 0.239 31802 
160 82.30 1000 305 286.17 0.243 32202 
166 85.39 1083 330 286.00 0.252 32065 
187 96.19 1384 422 285.41 0.284 31515 
193 99.28 1435 437 285.31 0.293 24526 
222 114.20 1673 510 284.84 0.337 23643 
243 125.00 1836 560 284.51 0.370 23121 
248 127.57 3000 914 282.21 0.379 23604 
262 134.77 3114 949 281.98 0.400 23268 
271 139.40 5500 1676 277.25 0.417 24259 
280 144.03 7500 2286 273.29 0.434 25090 

Table 5.2: Departure flight profile data for Boeing 757-200 

The net corrected thrust per engine (Fn/o) may be plotted against Mach number. 

Figure 5.8, shows the results of this comparison. 

It can be seen that the maximum takeoff thrust for this engine corresponds to an EPR 

value of approximately 1.70. The maximum climb power setting corresponds to an 

EPR value of approximately 1.57. 
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Figure 5.8: Engine performance curves with departure thrust profile illustrated 
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It is clear that the assumption of a linear decay of net corrected thrust with airplane 

velocity breaks down above Mach 0.4. However, since most departure flight profiles 

operate in the Mach range of 0.2-0.4, the approximation is seen to be acceptable. 

5.4 Arrival Flight Profile - SAE-AIR-1845 Methodology 

The following section describes the methodology used in SAE-AIR-1845 to construct 

an arrival flight profile. The key difference between the arrival and departure phase is 

that in the arrival case, the descent angle is known and the flight mechanics equations 

are thus solved to determine the thrust settings required to maintain the prescribed 

arrival flight path. 

5.4.1 Landing Approach 

The SAE-AIR-1845 methodology assumes that the landing approach speed is 

approximately 10 knots higher than the reference approach speed. This assumption 

enables the approach speed to be related to the landing gross weight using an equation 

of the same form as equation (5.8), 

(5.35) 

where the coefficient D is evaluated for a specific landing flap setting. In order to 

integrate the SAE methodology into the aircraft design model it is necessary to 

deduce an equivalent expression for the D coefficient in terms of the key design 

parameters. 

The equivalent airspeed may be expressed as 

v -~ .pp - Ip se 
2 0 L 

(5.36) 

where: 

W landing approach gross weight (N) 

Po air density at sea level (kgm-3) 

S aircraft reference wing area (m2
) 
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CL landing approach lift coefficient (-) 

The civil transport aircraft operations, the approach airspeed may be related to stall 

speed using 

(5.37) 

where Vs is the aircraft stalling speed. Re-writing (5.36 in terms of CL gives 
MAX 

w 
V,pp = 1.3 /---

tpoSCLMAX 

Where CL is the maximum lift coefficient for a specific flap deflection angle. 
MAl< 

Comparison with equation (5.35) shows that coefficient D is related to CL in the 
MAX 

following expression 

(5.38) 

Both S and CLMAX are output from the aircraft design model with the latter also being 

dependent on the landing flap deflection angle. 

5.4.2 Descent at constant equivalent airspeed 

The SAE methodology assumes that equation (5.13) may be used for descent at 

constant equivalent airspeed. The constant in equation (5.13) is altered to account for 

flight into an 8-knot headwind and the deceleration inherent in flying a descending 

approach at constant equivalent airspeed. The equation, thus becomes 

(5.39) 

During the landing approach phase, the descent angle remains constant. For civil 

transport operations, the descent angle is typically 30
• In order to fly a descending 
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approach, the aircraft is not required to use maximum available thrust as is assumed 

during the takeoff phase. The actual thrust setting required may be obtained by 

solving equation (5.39) for aircraft thrust, which gives 

(S.40) 

Equation (S.40) is also valid for level flight, where y=0. The coefficient R represents 

the drag-lift ratio for the associated flap setting used with or without landing gear 

extended. The SAE methodology recommends that the flap setting is set according to 

actual flight operations. This is implemented in the INM database as flap/speed 

schedules which relate aircraft flap setting to the landing airspeed. Typical approach 

profiles, begin at the terminal manoeuvring speed (2S0 knots) with flaps retracted and 

end with the final approach landing airspeed, defined by equation (5.3S) with landing 

flap selected and landing gear extended. 

The coefficient in equation (S.39) is obtained using equation (S.17) which gives 

Constant = ( ) 
1+ VdV 

gdh 

I 
(S.41 ) 

Noting that from equation (S.26) for constant speed climb in the troposphere we have 

V dV = 0.S668M' 
gdh 

However, for descent in the troposphere 

V dV = -0.S668M' 
gdh 

(5.42) 

A reference airspeed of 160 knots corresponds to a Mach number of approximately 

0.242. Thus the denominator may be written as 
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After accounting for flight into an 8 knot headwind the constant becomes 1.034, 

which approximates to that used in equation (5.39) from the SAE analysis. 

5.4.3 Land Phase 

The land step as defined in the SAE methodology computes the distance travelled 

from touchdown until reverse thrust and/or braking is applied. For this step the 

distance is 10 percent of the total roll out distance. The roll out distance is defined in 

feet as 

Roll Out Distance = 0.9 x Maximum Landing Distance - 954 

The factor 954 subtracts the air portion of flight (flare) from the maximum landing 

distance. The factor 0.9 accounts for the fact that typical landing weights are 

somewhat lower than maximum landing weights and hence the roll out distance is 

reduced. 

The land step is followed by the first deceleration segment. This distance is defined to 

be 90 percent of the roll out distance. The starting speed is assumed to be slightly less 

than the touchdown speed. To simulate reverse thrust, the starting thrust is 60 percent 

of maximum static thrust for jet transport aircraft. 

The second deceleration step distance is zero and defines the end of the arrival profile. 

The starting speed is defined as 30 knots, representing taxi speed. The thrust setting is 

set at 10 percent of the maximum static thrust value. 

5.5 Profile Modelling - A flight mechanics approach 

The following sections will develop alternative flight profile methodologies for both 

departure and arrival flight profiles. These resultant flight profiles will then be 

compared with SAE-AIR-1845 flight profiles. 

199 



5. Flight Profile Modelling 

The approach employs a segmented flight profile methodology as used in SAE-AIR-

1845. Changes, include the addition of headwind as a direct variable in the 

methodology. Although a standard 8-knot headwind will be assumed for flight 

profiles, the headwind variable will remain in the equations, so its effect can be seen 

directly. In contrast the previous sections have shown that the SAE approach 

incorporates the 8-knot headwind assumption into equations as a fixed value and then 

offers equations to adjust for headwinds other that the standard value. 

Aircraft design data, analogous to the SAE coefficient B, C, D and R will be input 

directly from the aircraft design model. Thus changes in design characteristics will be 

reflected in departure profiles. 

Engine performance data is input from engine lookup tables which define the decay of 

thrust with increasing speed and altitude. Different tables will used for maximum 

takeoff and maximum climb settings. The tables will not be simplified, instead two 

dimensional polynomial interpolation will used to ensure that the interpolated data is 

accurate and smooth. 

5.5.1 Departure Profiles 

The departure flight profile consists of similar segments to that used in the SAE 

method. However, the takeoff ground roll has been split into two discrete segments, 

including a ground roll segment that accelerates the airplane to liftoff speed, followed 

by a transition segment where it is assumed that the airplane follows a circular arc 

trajectory from rotation until it reaches the initial climb angle. At the end of transition 

the aircraft will be at some height above the runway elevation and the departure 

profile may proceed with either a constant speed climb or an accelerating climb. 

Additional segments are then provided to accelerate, climb and retract flaps so that the 

profile finishes with the aircraft at the en-route climb speed with flaps retracted. The 

inter-relation between segments is shown in Figure 5.9. 
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Figure 5.9: Sequence of segments for a departure profile 

The thrust coefficients used in the SAE methodology are replaced by engine 

performance data provided in tabular format as used in the aircraft design model. The 

tables define the affect of airspeed and height on net thrust available. The data within 

the tables is not approximated to an equivalent straight line relationship of thrust with 

airspeed as with the SAE methodology. Instead 2D polynomial interpolation is used 

to determine engine performance values from the tabulated data. 

5.5.2 Takeoff ground roll 

The takeoff ground phase accelerates the aircraft to the liftoff speed. During this 

phase, the engine thrust decreases with increasing forward speed whilst drag increases 

with increasing forward. Whilst it is possible to approximate the average acceleration 

at 0.707 (11 J2) of the liftoff speed, the requirement to compute aircraft position, 

configuration and engine power setting at 0.5 second intervals to calculate integrated 

noise levels implies that a step-wise calculation procedure is preferable. 

During the takeoff ground roll, several forces act on the aircraft. These are 

represented as a free body diagram in Figure 5.10. 
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L 

t •• a 

D ..... ~- ~ 0-'--'''0 .... _ ........ ···0· ...... ······· 0 --" T 

! 
w 

Figure 5.10: Forces acting on aircraft during ground roll 

Resolving horizontally, 

T-D-R=ma 

Noting the that the force due to friction may be expressed as R = Jl(mg - L) gives, 

ma = T-D-Jl(mg-L) 

thus the acceleration may be calculated using, 

a = _T_-_D_---'Jl'--'('--m-==g'-.--_L-'-.) (5.43) 
m 

For a dry concrete runway, Jl is typically equal to 0.03. The aircraft drag may be 

calculated using 

(5.44) 

CDO and k are dependent on the aircraft configuration. They are normally output from 

the aerodynamics module within the aircraft design model. The lift coefficient during 

the takeoff ground may be estimated as a function of the wing angle of attack. During 

this phase the wing angle of attack is equal to the wing-body setting angle, which is 
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typically around 2_3°. Using appropriate lift curve slope data, the wing-body setting 

angle may be related to the aircraft lift coefficient. For civil transport aircraft, typical 

values for the lift coefficient will be around 0.8. The aircraft lift is then calculated 

using 

I 2 
L=-pVSC L 

2 
(5.45) 

Initially, the aircraft velocity is zero, hence the aircraft lift and drag are zero. Thus 

equation (5,43) simplifies to 

a = _T_-..!...J..l""g (5.46) 
m 

In equation (5,46)the aircraft thrust will be equal to the maximum static thrust. 

However, during the takeoff ground roll, the thrust will decrease due to the effects of 

increasing forward speed. This is handled using engine performance data from the 

aircraft design model as discussed in Chapter 4. 

Once the initial acceleration is known, the aircraft speed at the end of segment may be 

calculated using 

V=U +a~t (5.47) 

where initially, U is zero and ~t is a small time increment. The time increment has to 

be sufficiently small such that the assumption of constant acceleration during the 

segment remains valid. Since the flight profile data is required at 0.5 second intervals, 

it seems appropriate to have a time increment of 0.5 seconds. Smaller values would 

lead to a slight increase in accuracy for the calculation, but would significantly 

increase the computation required. This is addressed in more detail in section 5.7 

The distance travelled during the segment is then calculated using 
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(5.48) 

The velocity at the end of the segment then becomes the initial velocity for the next 

segment. The distance travelled during each segment is summed to give the total 

distance travelled. This step-wise calculation continues until the aircraft reaches the 

liftoff speed. This is typically defined as 1.1 times the stall speed. However, typical 

operational procedures increase these values by 10 knots. Thus the liftoff speed is 

defined as 

mg 
Vlof = 1.I0Vs + 5.144 = 1.10 + 5.144 

tpSC LMAX 

(5.49) 

Note, the above equation is written in SI form, thus the 10 knot increase corresponds 

to 5. 144ms·1
• The reference wing area, S, takeoff mass, m, and the maximum lift 

coefficient, C
LMAX 

are all taken as output from the aircraft design model. 

5.5.3 Transition to climb 

During transition, the aircraft is assumed to follow a circular arc flight path until the 

aircraft climb gradient equals the initial climb gradient. The aircraft is assumed to 

accelerate from the liftoff equivalent airspeed, VIOf to the initial climb equivalent 

airspeed, V 2. The average speed during transition is given as 

(5.50) 

Noting that during this phase, the aircraft lift is greater than the aircraft weight such 

that, 

L=nW (5.51) 

where n is the load factor during transition which is typically equal to 1.1. The radius 

of the circular arc flight path may then be written as 
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2 
R = Vim", 

g(n -I) 

The distance travelled along the arc is then given as 

s=Re (5.52) 

where e is the initial climb gradient after transition. Similarly the height at the end of 

transition is given by 

h = R(I- cose) (5.53) 

As mentioned in section 5.5.2, the aircraft thrust and position are required at half 

second intervals. It simple to divide the transition phase into a number of equal angle 

segments. However, since the aircraft is accelerating during transition, the angle of 

each segment will decrease assuming a constant time step. 

The average acceleration during transition may be estimated using 

a 

where t is the duration of transition. This may be estimated using 

s 
t=--

V trnns 

(5.54) 

(5.55) 

Once the average acceleration is known, standard linear acceleration equations may 

be used to determine the increase in airspeed and distance travelled during a segment. 

The angle traversed to segment i is then computed using 
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9=~ , R (5.56) 

and the height is given by 

h=R(I-cos9;) (5.57) 

5.5.4 Initial climb at constant equivalent airspeed 

The climb angle for climbing flight at constant equivalent airspeed may be expressed 

in a similar form to equation (5.13) except that the effect of headwind is removed 

giving 

T D 

9 =arcsin W L 

(
1+ V dV) 

g dh 

(5.58) 

For climb in the troposphere at constant equivalent airspeed, the expression in the 

denominator may be expanded using equation (5.26) to give 

VdV 2 
1+--=1+0.5668M 

gdh 

where M is the aircraft Mach number. 

The headwind effect is removed from the climb angle, since in practice it will not 

effect the climb angle, but simply effect the ground distance travelled. Thus the 

ground distance travelled whilst climbing at an average angle 9 from height hi to 

height h2 into a headwind V w is 

(5.59) 
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5.5.5 Accelerating climb 

In section 5.3.3, equation (5.29) was developed for estimating the ground distance 

travelled whilst climbing at an average climb rate. This gives 

s=(V"Vg -Vw ) (1I2gXVtb
2 
-Vta

2
) 

V"Vg [T/W]- Co -(V IV ) C tz tavg 
L 

(5.60) 

where: 

V"Vg aircraft average true airspeed (rnIs) 

V w headwind speed (rnIs) 

V" initial true airspeed (rnIs) 

Vtb final true airspeed (rnIs) 

T aircraft thrust (N) 

W aircraft gross weight at takeoff (N) 

CD I CL aircraft drag to lift ratio 

V tz aircraft average vertical speed (rnIs) 

At the beginning of the segment, the true airspeed is known. The final airspeed must 

be defined as an input parameter for the profile segment, along with the average 

vertical speed, V tz. If the vertical speed input is too high, the aircraft may be incapable 

of accelerating, even at the takeoff power setting. The SAE methodology recommends 

that climb rates be obtained from actual operations. This has been accomplished by 

the F AA and average climb rates for different aircraft have been incorporated into the 

INM database. This data is used for comparison purposes with SAE flight profiles. 

The height at the end of an accelerating segment is not known. Thus pressure ratio is 

not known and hence aircraft thrust at the end of the segment is also unknown. 

Therefore, the height at the end of the segment must be estimated to allow the above 

equation to be used. The program then iterates until the convergence between the 

estimated and calculated height values. The drag to lift ratio is obtained for the current 

aircraft configuration from the aircraft design model. If flaps are retracted during the 
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segment, the drag to lift ratio is the average of the values before and after flap 

retraction. 

5.5.6 Additional segments at constant equivalent airspeed climb 

Additional segments of flight at constant equivalent airspeed are handled like the 

initial climb segment in a similar manner to the SAE methodology. The climb angle is 

defined as 

T D ---
e = arcsin W L 

(
1+ V dV) 

g dh 

The denominator may be expanded to 

1+ V dV =1+0.5668M2 
g dh 

(5.61) 

The equivalent airspeeds after flap retraction are, in general, greater than those during 

the initial climb phase with a typical speed of 250 knots corresponding to a Mach 

number of 0.40. Thus the denominator of equation (5.61) is equal to 1.09. The ground 

distance travelled is then computed in a similar manner to the initial climb segment 

using 

(5.62) 

Due to the greater airspeeds, the effect of the headwind will be reduced relative to that 

calculated for the initial climb phase. 

5.5.7 Level flight 

For level flight, equation (5.58) is rearranged to give the thrust required to maintain 

level flight such that 
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Noting that for level flight 9=0 and L=W gives 

where: 

1 2 
T=D=-pV SC D 2 

p ambient air density (kg/m') 

V aircraft true airspeed (m/s) 

S aircraft reference wing area (m2) 

CD aircraft drag coefficient for configuration (-) 

5.5.8 Arrival Profiles 

5. Flight Profile Modelling 

(5.63) 

(5.64) 

The arrival profile modelling also uses a segmented approach to generate a flight 

profile. The flight profile takes aircraft from a terminal manoeuvring airspeed of 

approximately 250 knots and reduces the airspeed to the landing approach speed 

whilst descending to bring the aircraft onto the final approach in the landing 

configuration. Finally the aircraft touches down and is brought to a taxi speed using 

braking and reverse thrust. The sequence of segments is highlighted in Figure 5.11. 

Arrow indicate the possible choice of segments. 
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Figure 5.11: Sequence of segments for arrival flight profile 

5.5.9 Descent at constant equivalent airspeed 

Descent at constant equivalent airspeed will result in a gradual reduction in true 

airspeed. Returning to Figure 5.7 which shows the forces acting on an aircraft during 

climbing flight. Assuming that the aircraft may be decelerating and resolving forces 

along the aircraft axis gives 

T = D+Mgsin9+Ma (5.65) 

Note, that for descent, 9 is negative. The above equation may be expanded such that 

T = D+Mgsin9+M
dV 

dt 

N · h dV dV db . otmg t at - = -- gives 
dt db dt 

T =D+Mgsin9+M
dV 

db 
db dt 
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where dh / dt is the aircraft rate of descent. This may be expressed as ye. Substituting 

this into the equation (5.66) gives 

T=D+Mgsin9+M
dV 

V9 
dh 

Noting for small angle sine = e radians and simplifying gives 

(
V dV) T=D+Mg9 1+-; dh (5.67) 

In section 5.3.2, for climb flight at constant equivalent airspeed it what shown that 

true airspeed increases and that 

V dV = 0.5668M2 
g dh 

However, descending flight will result in a reduction of true airspeed and thus 

V dV = -0.5668M2 
gdh 

It is likely that segments flown with constant equivalent airspeed will occur during the 

final approach phase when the aircraft is in stable configuration. This phase 

corresponds to speeds around 150knots and a Mach number of 0.24. 

1- 0.5668M2 = 1- 0.5668 x 0.242 = 0.967 

Hence the thrust setting required for a constant equivalent airspeed descent at angle 9 

is given by 

T = D + 0.967Mg9 (5.68) 

211 



5. Flight Profile Modelling 

The drag is calculated using appropriate values for the aircraft true airspeed, air 

density. Aerodynamic coefficients for the aircraft configuration are obtained from the 

aircraft design model. 

The distance travelled during the segment is computed from the geometry and 

including the effects of headwind as 

s = [V - V w] (hi - h2 ) 

g V tanS 
(5.69) 

The headwind is seen to reduce the distance travelled by the aircraft over the ground. 

5.5.10 Decelerating Decent 

A decelerating descent will occur if the thrust setting is less than the combined forces 

resulting from descent and deceleration. The maximum deceleration available at the 

particular flight condition will be when the thrust setting is at idle or zero effective 

thrust. It is only possible to determine the thrust setting for a deceleration segment 

provided that both the speed and height are known at both the start and end of the 

segment. Arrival flight profiles in the INM database are segmented such that these 

conditions are satisfied. 

Again, with reference to Figure 5.7, the forces acting on the aircraft during a 

decelerating descent may be resolved along the aircraft axis such that 

T - D - MgsinS = Ma 

where for descent S is negative. Assuming linear deceleration gives 

a 

Combining equations (5.70) and (5.71) gives 
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(5.72) 

Since the height at the beginning and end of the segment is know, we can express the 

air distance travelled as 

(5.73) 

Substituting for s and noting for small angles sin9=tan9=9 radians gives 

(5.74) 

The ground distance travelled during the segment is then given by 

(5.75) 

where V,v is the average true airspeed for the segment. 

5.5.11 Flare 

The final descent segment, normally flown at constant equivalent airspeed ends at the 

flare height, which is typically 50ft for transport aircraft operations. At this point the 

aircraft is assumed to be at the approach speed which is normally defined as 1.3 times 

the stall speed plus 10 knots. The flare is characterised by a circular arc that brings the 

aircraft height down to zero. During flare airspeed is reduced and it is assumed that 

the aircraft touches down at 1.15 times the stall speed plus 10 knots. 

The average speed for the flare manoeuvre is then given by 

(5.76) 
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The air distance travelled during flare may be computed using, 

s= Mg [(Va,,2-Vld2)+hf] 
D-T 2g 

(5.77) 

The term Mg!(D-T) may be approximated such that 

(5.78) 

Hence 

s = .!..[(Va,p 
2 
- Vld 2) + hf] 

a 2g 
(5.79) 

where a is the approach angle and hr is the height at the beginning of flare. Referring 

to Figure 4.43 (p.14S), it can be seen that the air distance travelled may also be 

expressed as 

h f Ra 
s=-+-a 2 

(5.80) 

During the flare, aircraft lift is greater than the weight as it counteracts the centripetal 

force of the flare manoeuvre. Aircraft load factor is often used to express the ratio of 

aircraft lift to weight and for the flare manoeuvre may be expressed as 

V 2 
n=l+~ 

Rg 

Rearranging in terms of flare radius gives 
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Lan & Roskam (1981) and Raymer (1992) both recommend a load factor of 1.2 for 

transport type aircraft. However, Lan & Roskam (1981) suggests that if the 

touchdown speed is know, then the load factor may then computed based on the air 

distance travelled. The assumption of a touchdown speed of 1.15 times the stall speed 

plus 10 knots gives a load factor of approximately 1.07 for typical stall speeds. This is 

somewhat lower than the initial recommended value, but appears to be a more 

representative value for civil aircraft operations. 

5.5.12 Landing ground roll 

The landing roll begins at touchdown. The aircraft speed is typically 1.15 times the 

stall speed plus 10 knots. The landing ground roll may be split into several phases as 

shown in Figure 5.12. 

TOUCHDOWN -- Free roll f--. 
Braking I -- Braking --Reverse Thrust only FINISH 

Figure 5.12: Phases in the landing ground roll 

The free roll phase typically lasts 4-5 seconds. Ignoring the effects of friction, the 

distance travelled is computed using 

(5.81) 

where tft is the duration of the free roll. 

The second phase consists of braking. During actual operations, it is normal to initiate 

the braking phase with reverse thrust alone. After some nominal time period of 4-8 

seconds wheel braking is also used to reduce the aircraft speed. For simplicity, the 

methodology used here will assume that both braking and reverse thrust are applied 
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simultaneously. The braking phase with reverse thrust typically ends when the aircraft 

speed has reduced to approximately 40 knots, where reverse thrust is terminated to 

prevent ingestion of debris at low speed. The second braking phase is then entered 

with only wheel braking. The forces acting on the aircraft during a braked roll with 

reverse thrust are shown in Figure 5.13. 

D~·--

! 
w 

Figure 5.13: Forces acting on an aircraft during landing ground roll 

Resolving along the aircraft body axis gives 

T-D-Il(W -L) = Ma (5.82) 

Where R = Il(W - L) and 11 is the aircraft braking coefficient. Typical values for civil 

transport aircraft ranged between 0.3 and 0.5 with an average value being 0.4. For 

reverse thrust the thrust value in the above equation is negative. The deceleration is 

computed in numerical time steps of 0.5 seconds from t=O at touchdown until the end 

of the braking phase when aircraft speed is 40 knots. 

The change in aircraft speed is then computed using 

V'+O.l = V, + a.6.t (5.83) 

And the distance travelled is 
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(5.84) 

For the second braking segment, reverse thrust is cancelled by setting thrust to the 

ground idle setting. The aircraft speed and distance travelled during this phase are 

computed in a similar manner to the first braking phase. The second braking phase 

then ends when the aircraft speed reaches the taxi speed of 20 knots. This completes 

the landing ground roll. 

5.6 Turning Flight 

The methodology in SAE-AIR-1845 assumes no interaction between the XY plane 

and the XZ plane in terms of the flight mechanical analysis. However, it is well 

known that turns require additional lift to be produced, which in turn increases drag. 

This will clearly affect the aircraft flight profile in the XZ plane. The effects of the 

turn are, however, compensated for in different ways for takeoff profiles and landing 

profiles. 

During takeoff the thrust is set to maximum takeoff power for the initial segments and 

then at some point engine power is reduced to maximum climb power to increase 

prolong engine life and also for noise abatement purposes. Assuming the aircraft 

executes a turn shortly after takeoff the forces acting on the aircraft in steady turning 

flight are defined in Figure 5.14. The lift force must increase such that for steady 

flight, aircraft lift remains equal to the aircraft weight. 

Resolving the forces acting on the aircraft in the plane of the wing gives 

MV2 
Mgsin~ =--cos~ 

R 
(5.85) 

Resolving the forces acting on the aircraft normal to the plane of the wing gives 

MV2 

L = Mgcos~+--sin~ 
R 

(5.86) 
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Mg 

Figure 5.14: Forces acting on an aircraft in turning flight 

where M is the aircraft mass, V the aircraft true airspeed and R is the radius of the 

turn. 

Rearranging equation (5.85) gives 

1 V2 
tan~=-

g R 

Defining aircraft lift as 

L=nMg 

(5.87) 

(5.88) 

where n is the aircraft load factor in the turn. Substituting equations (5.87) and (5.88) 

into equation (5.86) gives 

n = cos~ + tan~sin~ (5.89) 

Note that the aircraft load factor is only a function of bank angle ~. Equation (5.89) 

may be used to quantify the effect of bank angle on aircraft load factor as shown in 

Table 5.3 noting that civil airline practice is to limit turns to less than 30° bank. 
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<1>(0) n 
30 1.155 
20 1.064 
10 1.015 
0 1.000 

Table 5.3: Normal load factor in a banked turn 

The results show that the main effect is to increase the normal load factor during a 

turn manoeuvre. This will increase the aircraft lift required by up to 15 percent for a 

30° bank angle and result in increased lift dependent drag. 

As an aircraft enters a turn it will use a variety of control deflections, but once in the 

steady state turn the deflections will be reduced as the aircraft is 'balanced'. During 

the turn, there will be a changed in tail lift, but this will tend to off-load the normal 

negative trimming load on the tail. It is difficult to predict accurately any changes in 

aircraft turn drag associated with the turn manoeuvre but any changes are likely to be 

small. Therefore the clean aircraft drag polar may be used. 

The increased lift and drag during a turn may be compensated for in different ways 

for departure and arrival operations. 

During the takeoff phase, aircraft thrust is typically set at maximum takeoff power 

and then after some period thrust is reduced to maximum climb power. Some of the 

thrust available is used to overcome drag, the remaining (excess) thrust being used to 

climb and accelerate the aircraft. If the aircraft enters a turn manoeuvre drag will 

increase reducing the amount of excess thrust available. If thrust is already set at 

maximum, additional thrust cannot be used to offset the increased drag encountered 

during the turn. Thus the climb rate and/or acceleration must be reduced. Since safety 

is of primary importance it is undesirable to reduce the rate of acceleration shortly 

after takeoff. Thus is likely that the climb rate will be traded for the increased drag 

arising from the turn manoeuvre. 

During the approach phase, aircraft thrust is set to overcome aircraft drag whilst 

maintaining a relatively constant descent rate. During the initial approach phase, the 

aircraft may also be decelerating. If the aircraft enters a turn manoeuvre, aircraft lift 

and drag will increase. Again safety is of primary importance, so it is undesirable to 
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increase descent rate and/or allow the aircraft to decelerate more rapidly. However, 

since thrust levels are relatively low during the approach phase it is possible to 

increase thrust to offset the effects of increased drag during a turn. 

It can be seen that turning flight will affect the flight track in the XZ plane for 

departures and thrust will increase during a turn for arrivals operations. Both cases 

have aircraft noise implications. For departures, the aircraft and thus the noise source 

will be closer to the ground, thus increasing noise levels on the ground. For arrivals 

the noise source will remain the same distance from the ground but source noise 

levels will be increased, thus increasing noise levels on the ground. 

The effects of turning flight are compounded by the desire to keep the aircraft noise 

source away from populated areas. At many airports this means that flight tracks often 

include 1800 turns, which during departures will have a significant effect on the 

aircraft height profile. Thus, turning the aircraft to avoid populated areas may reduce 

noise levels in one area, yet increase noise levels in another area. 

5.7 Implementation 

The numerical time step used in computing flight profiles is 0.5 seconds to provide 

data at the correct interval for noise exposure calculations. The profiles could of 

course be computed at fractions of this time step to increase accuracy. The 

disadvantage is that this increases the calculation time and the amount of data to 

manipulate. The duration of a typical departure profile that extends to 10,000ft is 

around 365 seconds for the Boeing 757-200 and 440 seconds for the Boeing 747-400. 

Using a time step of 0.5 seconds results in 730 and 880 node points respectively. 

Profiles computed with smaller time steps have been compared with the default value 

of 0.5 seconds to determine the associated error. Figure 5.15 compares the complete 

departure profile for a Boeing 757-200 aircraft computed using a 0.5 second time step 

with the profile computed using a 0.25 second time step. Because of the large distance 

covered along the x-axis it is difficult to see any discernible differences. However, the 

profile computed with a 0.25 second time step reached 10,000ft after 475.25 seconds 

compared with 481.5 seconds when using a 0.5 second time step. The difference is 
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associated with the shorter distance travelled during periods of acceleration with 

smaller time steps. 
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Figure 5.15: Effect of time step on computed flight profile 

This point is illustrated better by examining the profiles during the takeoff ground 

roll. This is where acceleration is greatest and hence the choice oftime step more 

critical. When using a time step of 0.5 seconds the distance to liftoff is computed to be 

l120m. With a 0.25 second time step the distance is 1091m, a reduction of 29m. The 

difference equates to an error of2.66 percent. This is illustrated in Figure 5.16 where 

the profile is redrawn at a more appropriate scale. More relevant to the noise 

calculation, however, is the height at 6.5km from start of roll which directly affects 

the flyover noise level. Comparison of the two profiles shows that the difference is 

just Srn, further justifying the use of a 0.5 second time step. 
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Figure 5.16: Effect of time step on computed flight profile near liftoff 

5.8 Validation 

5.8.1 Introduction 

The flight profiles model takes output from the aircraft design model in terms of 

aerodynamic data consisting of lift and drag coefficients for the clean configuration 

and also with flaps and undercarriage deployed. Procedure steps are used to define the 

type of takeoff or landing procedure. The model then outputs the aircraft position in 

terms of distance from the takeoff/landing threshold, altitude, speed and thrust in steps 

of one half second suitable for noise model calculations. Although the manufacturers 

produce equivalent flight profiles, these are not readily available. The F AA Integrated 

Noise Model (INM), however, produces takeoff and landing flight profiles using a 

similar but simplified system. 

The methods described in this chapter have been used to compute departure and 

arrival flight profiles for the Boeing 747-400 and Boeing 757-200 aircraft. These 

aircraft have been chosen, primarily, because the aircraft are well defined in the FAA 

INM 5.0 database. This enables the predicted profiles to be compared with published 

data demonstrating that aircraft position, configuration and thrust levels can be 

estimated for a variety of operating practices. These aircraft have also been chosen as 
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their powerplants are similar to the reference engine which is used for noise 

prediction validation in Chapter 7. 

5.8.2 Boeing 747-400 Departure Profile 

The procedure steps associated with the takeoff and approach profiles are show in 

Table 5.4. The takeoff profile differs from a pure certification takeoff profile in that 

the profile is extended to include flap retraction and acceleration. This enables a better 

comparison to be made with the INM generated profile. 

The takeoff procedure steps extract maximum climb rate up to the flyover measuring 

point, followed by thrust cutback to minimise source noise and maximise the source 

to measuring point distance. Following thrust cutback the aircraft accelerates and 

retracts flap on schedule. 

Step Step Type Flaps ID Thrust type Final Alt. Climb rate Final speed 
(ft) . (ft/min) (knots CAS) 

1 Takeoff 10 Takeoff - - -
2 Climb 10 Takeoff 1000 - 226 
3 Accelerate 10 Climb - 750 290 
4 Accelerate 5 Climb - 750 310 
5 Accelerate 0 Climb - 750 -
6 Climb 0 Climb 5500 - -
7 Climb 0 Climb 7500 - -
8 Climb 0 Climb 10000 - -

Table 5.4: Takeoff procedure steps for Boeing 747-400 

Equivalent profiles have been generated using INM 5.0 with the same procedure 

steps. Figure 5.17 shows the resulting height and thrust profiles for takeoff. 

The profiles correlate well with INM produced flight profiles. The INM model was 

initially developed in the early 1970's when computing power was limited and many 

simplifications were done to improve processing speed. These include simplified 

engine thrust lapse data and the use of lift-drag ratio coefficients as oppose to discrete 

profile and induced drag coefficients. This analysis actually demonstrates that the 

many assumptions used in INM do not significantly degrade the accuracy of the flight 

profiles produced. 
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Figure 5.17: Flight profile comparison for Hoeing 747-400 

5.S.3 Hoeing 747-400 Arrival Profile 

Standard arrival procedure steps are shown in Table 5.5. The initial speed of250 

knots is typically the maximum speed permitted during flight under airspace arrival 

control. Speed is then reduced and flap angle increased on schedule to bring to the 

aircraft down to the approach reference speed (1.3Vstall + 10knots). 

Step Step Type Flaps ID Start Alt. Start speed Land roll Thrust 
(ft) (knots CAS) (ft) (% static) 

1 Descend 5 6000 250 - -
2 Descend 10 3000 175.4 - -
3 Descend D-25 1500 161.4 - -
4 Descend D-30 1000 155.4 - -
5 Land D-30 0 - - -
6 Decelerate - 0 147.5 533.6 60 
7 Decelerate - 0 30 4802.4 10 

Table 5.5: Standard arrival procedure steps for Boeing 747-400 

In contrast to departures, the arrival procedure steps are much more constrained by 

safety requirements which dictate approach speeds during final approach. 

Additionally the aircraft height at the measuring point is constrained by the standard 

3° approach used. The predicted thrust profile is compared with the INM computed 

profile in Figure 5.18. Correlation is good although it is clear that the INM model 

interpolates between node points assuming flap changes act over a whole segment. 
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Figure 5.18: Arrival thrust profile for Boeing 747-400 

5.8.4 Boeing 757-200 Departure Flight Profile 
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As a twin engined aircraft and also due to it short haul design requirements, the 

Boeing 757-200 has a significantly higher thrust-weight ratio than the Boeing 747-

400. This enables it to climb much more rapidly and achieve greater altitude prior to 

engine cutback. This is illustrated by the fact that the Boeing 757-200 is able to 

reduce takeoff thrust at an estimated altitude of 2,800ft compared with the Boeing 

747-400 value of 1,000ft. Additionally to reduce noise it is also able reduce power to 

a greater extent than the Boeing 747-400 whilst maintaining similar climb rates. As 

for the Boeing 747-400, the profile has been extended to accelerate the aircraft and 

retract flaps on schedule. The associated procedure steps used to produce the INM 

departure profile are shown in Table 5.6. 

Step Step Type Flaps ID Thrust type Final Alt. Climb rate Final speed 
1ft) (Wmin) (knots CAS) 

1 Takeoff 15 Takeoff - - -
2 Climb 15 Takeoff 2800 - -
3 Accelerate 15 70% Climb - 1000 163 
4 Accelerate 5 70% Climb - 1000 183 
5 Accelerate 1 70% Climb - 1000 217 
6 Accelerate 0 70% Climb - 1000 237 
7 Accelerate 0 70% Climb - 1000 250 
8 Climb 0 70% Climb 10000 - -

Table 5.6: Departure procedure steps for the Boeing 757-200 
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The associated height and thrust profiles are shown in Figure 5.19. The profiles again 

correlate well with the INM profiles, the only discrepancy being the slightly high 

climb thrust setting. Comparison with Figure 5.17 shows the superior climb 

performance of the Boeing 757-200 over the Boeing 747-400, which is in part due to 

the twin-engined configuration. 
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Figure 5.19: Flight profile comparison for the Boeing 757-200 

5.S.5 Boeing 757-200 Arrival Flight Profile 

The standard arrival procedure steps are shown in Table 5.7. Again the initial aircraft 

speed is 250 knots prior to descent and flap deflection on schedule. 

Step Step Type Flaps ID Start AI!. Start speed Land roll Thrust 
(ft) (knots CAS) Jft) (% static) 

1 Descend 0 6000 250 - -
2 Descend 5 3000 160 - -
3 Descend 0-25 1500 136.7 - -
4 Descend 0-30 1000 134.7 - -
5 Descend 0-30 0 - 322.2 -
6 Decelerate - 0 127.8 2899.8 60 
7 Decelerate - 0 30 0 10 

Table 5.7: Arrival procedure steps for the Boeing 757-200 
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The predicted thrust profile is compared with the INM profile in Figure 5.20. 

Correlation is good at node points, although there is a slight under prediction at high 

power settings. It is interesting to note that at low flap angles thrust levels are close to 

zero indicating that idle power is used. It is during these periods at relatively high 

speeds that airframe noise may become dominant. Again, the INM output between 

node points assumes that the aircraft configuration is constantly changing. This 

difference will not affect certification noise level prediction, since the reference point 

is 2.3km from touchdown but may affect any contour comparisons with INM. 
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Figure 5.20: Arrival thrust profile for the Boeing 757-200 

5.9 Summary 
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This chapter has analysed and expanded on existing methods for the computation of 

flight profiles during departure and arrival operations. The method utilises aircraft 

performance data predicted using methods described in chapter 4 and operating 

procedure steps that may be varied to simulate a variety of airline operating practices. 

The method uses a fixed time step of 0.5 seconds to provide data at the required 

intervals for noise model calculations. Smaller time steps have been shown to offer 

marginal improvements in accuracy with increased computation time. Comparisons 

with INM 5.0 flight profiles illustrate that the method works well and also that the 

input data used from chapter 4, i.e. aerodynamic coefficients are estimated well. 
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6. Noise Model 

6.1 Introduction 

This chapter describes the generation of engine performance data suitable for use with 

engine component noise models and then describes the source noise models used. The 

source noise models used for noise prediction are taken from the NASA ANOPP 

model presented by Zorurnski (1982) which is itself a collection of papers by different 

authors. Since noise prediction is based on several noise components the noise model 

process is arranged in a modular manner as shown in Figure 6.1. 

Input Data Input Data 
(from Aircraft Design Model) (from Flight Profiles Model) 

1 1 r-----------------------------------
Source Noise 

I Airframe Noise I Fan Noise 

Core Noise 

Turbine Noise 

Jet Noise 

Noise Suppression 

----------------1-----------------
r-----------------------------------l 
: Atmospheric Effects : 
I I 

:: I I :: . Absorption Lateral attenuation 

~~~~~~~~~~~~~~~~~~[~~~~~~~~~~~~~~~~~: 
: Output : 
I I 

i Point noise levels I Noise contours I i 
I I L ___________________________________ I 

Figure 6.1: Structure of the noise model 
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Empirical data is input from the aircraft design model describing the performance 

characteristics of the engine components. The reliance on empirical data is 

undesirable, but theoretical methods are complex and do not provide sufficient 

accuracy at the low power settings encountered during the approach phase. Additional 

data input from the aircraft design model includes geometrical information used to 

compute airframe noise levels. Input data from flight profiles consists of aircraft 

positional information together with configuration and thrust setting data which have 

been computed at one-half second intervals in accordance with ICAO Annex 16 

recommendations for aircraft noise measurements. The source noise models used are 

based on published methods and are described in detail in the following sections. The 

noise suppression model then reduces the source noise levels in accordance with 

established methods. The computed noise levels are then corrected for atmospheric 

effects which include atmospheric absorption and lateral attenuation. The basic model 

output is one-third octave band sound pressure levels. These are then converted to 

specific noise metrics for either point noise levels or contours using established 

methods. 

6.2 Engine Performance Data 

The NASA ANOPP model requires a substantial amount of data in order to estimate 

engine component noise levels. Figure 6.2 gives an indication of the data required. 

The data consists of geometrical information and also mass flow rates, temperatures, 

pressures and exit velocities. The geometrical information may be readily obtained 

from publications such as Jane's All The World's Aircraft (1996). Engine. 

performance data, such as flow rates, temperatures and pressures may be estimated 

relatively easily for the design case (full power), but off design performance data is 

difficult to estimate accurately at low power settings due to the variability of 

fan/compressor efficiencies and surge margin effects. Alternative sources of engine 

performance data are commercially available engine 'decks' that predict engine 

performance data through a mixture of empirical and theoretical methods. Based on 

current theoretical methods, the engine 'deck' approach is at present the most suitable 

method for assembling the data required by ANOPP. To assist with obtaining data, 

Rolls Royce Commercial Aero Engines Ltd was approached to provide the necessary 

data. 

229 



6. Noise Model 

Parameters required for NASA ANOPP Source Noise Prediction Program 

Jet Noise Parameters 

Primary Stream: Jet Noise Parameters 

Fan Geometry 

Fan Noise Parameters 

Fan mass flow rate 
Fan rotational speed 

-----
Fully expanded jet area 
Mach number 
Jet velocity 

Turbine Geometry 

Primary Stream: 

Jet Geometry 

Plug diameter 

Total temperature rise across fan Core/Combustor Geometry Core Noise Parameters 

Turbine inlet cross-sectional area 
Rotor blade mean axial chord of 
last stage 
Number of turbine stages 

Combustor entrance area Combustor entrace mass flow rate Turbine Noise Parameters 
Combustor entrance total pressure 
Combustor entrance total temperature Fuel-to-air ratio 
Combustor exit total temperature Core mass flow rate 
Design turbine temperature extraction Turbine rotational speed 

Figure 6.2: Parameters required for NASA ANOPP Source Noise Prediction Program 
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The engine deck produces data representative of a modem high bypass ratio turbofan 

engine with two-stream exhaust flow and no exhaust mixing. The data as obtained, 

presents key engine perfonnance characteristics at different power settings. In order to 

fully integrate with the aircraft design model, it is desirable to scale the engine 

perfonnance data as a function of maximum engine power. This may be achieved by 

using the data in non-dimensional fonn. This is accomplished by defining the data at 

specific fractions of maximum static thrust. 

Table 6.1 represents the data obtained from the engine deck at specific thrust setting 

intervals. The data was obtained for two altitudes and two flight speeds, appropriate to 

the takeoff and landing phases. 

Some of the data in required by ANOPP, e.g. static temperatures and exit velocities 

listed in Table 6.1 were computed from other parameters, e.g. stagnation temperatures 

and exit flow Mach numbers. Static temperatures were computed using, 

(6.1) 

where T is the stagnation or total temperature, t is the static temperature, V is the flow 

velocity and y is the ratio of the specific heat at constant pressure, Cp to the specific 

heat at constant volume, Cv. The value ofy varies with flow temperature as shown in 

Figure 6.3 (p.235) from Cohen et al (1996). 

For the turbine exit static temperature, the flow is at an average temperature of around 

1 ,OOOK and the fuel to air ratio is typically of the order 0.16. Using Figure 6.3, these 

values correspond to average y value of 1.3. For the first row in Table 6.1, the turbine 

exit static temperature was then computed using equation (6.1): 

t = 1119.2 1086.56K 
1 + (1.3 -1) x 0.823 2 

2 
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Run Thrust Altitude Mach Fan mass Fan Temp rise Combustion Combustion Combustion Combustion Fuelwto-air Turbine Turbine exit 
No. setting No. flow rate speed across fan entrance entrance total entrance total exit total ratio mass flow total 

mass flow pressure temperature temperature rat. temperature 

(%) (ft) (-) (kg/s) (rpm) (K) (kg/s) (N/m') (K) (K) (-) (kg/s) (K) 
1 100 0 0.00 1164.04 3181.53 60.8782 135.593 4148710 923.265 1851.30 0.02304 173.560 1199.614 
2 80 0 0.00 1054.01 2902.07 48.4246 115.310 3371187 869.452 1698.18 0.02008 146.803 1097.599 
3 60 0 0.00 918.01 2606.61 38.3838 96.068 2686759 817.603 1559.99 . 0.01758 121.723 1006.444 
4 40 0 0.00 754.31 2223.95 26.8728 75.429 1986339 754.602 1388.36 0.01458 94.993 893.772 
5 20 0 0.00 536.00 1639.96 14.1038 50.184 1217180 661.933 1182.99 0.01152 62.857 764.434 
6 100 0 0.25 1204.86 3158.93 59.7729 138.180 4225558 925.926 1849.25 0.02293 176.803 1198.497 
7 80 0 0.25 1107.47 2931.20 49.1038 120.034 3530331 879.691 1717.45 0.02037 152.862 1110.904 
8 60 0 0.25 988.24 2675.51 39.8921 102.052 2885541 833.166 1592.82 0.01809 129.415 1028.739 
9 40 0 0.25 844.37 2346.07 29.3083 82.840 2222800 777.829 1439.67 0.01537 104.467 927.587 

10 20 0 0.25 653.03 1843.87 16.8242 58.821 1465765 693.648 1246.96 0.01239 73.778 803.Q12 
11 100 0 0.40 1240.09 3097.24 56.6660 138.609 4203850 921.255 1820.25 0.02224 177.061 1179.689 
12 80 0 0.40 1149.62 2910.16 47.4031 121.629 3569024 882.047 1709.61 0.02011 154.762 1107.057 
13 60 0 0.40 1043.51 2665.91 38.5796 104.455 2952562 838.245 1591.48 0.01795 132.372 1028.615 
14 40 0 0.40 916.75 2365.55 28.4856 85.961 2312854 786.611 1446.76 0.01536 108.354 932.863 
15 20 0 0.40 750.40 1924.27 16.7703 63.011 1583403 708.567 1266.87 0.01257 79.016 815.897 
16 100 2000 0.00 1096.47 3205.12 61.9124 129.032 3947369 919.658 1850.91 0.02310 165.229 1199.067 
17 80 2000 0.00 994.95 2898.79 48.5522 109.232 3183314 862.541 1688.22 0.01996 139.066 1090.133 
18 60 2000 0.00 866.73 2606.97 38.4563 90.862 2532848 810.777 1550.53 0.01748 115.143 999.567 
19 40 2000 0.00 712.11 2225.48 26.9668 71.299 1871646 748.241 1380.22 0.01450 89.800 887.719 
20 20 2000 0.00 506.08 1642.94 14.1619 47.403 1145635 655.844 1175.06 0.01145 59.379 758.295 
21 100 2000 0.25 1137.56 3176.54 60.5100 131.466 4017756 921.692 1847.12 0.02296 168.263 1196.639 
22 80 2000 0.25 1046.61 2932.01 49.4233 113.999 3344410 873.426 1709.49 0.02029 145.188 1104.738 
23 60 2000 0.25 933.97 2678.76 40.0825 96.778 2728631 826.910 1584.51 0.01801 122.735 1022.528 
24 40 2000 0.25 797.76 2349.86 29.5063 78.486 2100122 771.759 1432.25 0.01531 98.989 921.991 
25 20 2000 0.25 616.41 1647.47 16.9368 55.639 1381890 687.490 1239.03 0.01232 69.796 796.950 
26 100 2000 0.40 1172.41 3107.38 57.4126 132.096 4003730 917.110 1818.19 0.02227 168.794 1177.577 
27 80 2000 0.40 1087.30 2914.56 47.8262 115.683 3388040 876.453 1703.64 0.02007 147.220 1102.311 
28 60 2000 0.40 986.55 2672.12 38.9280 99.229 2798969 832.556 1585.47 0.01792 125.773 1024.024 
29 40 2000 0.40 866.12 2371.58 28.7900 81.559 2189445 780.911 1440.78 0.01533 102.825 928.251 
30 20 2000 0.40 707.90 1928.35 16.9316 59.677 1494811 702.464 1259.25 0.01251 74.844 810.037 

Table 6.1: Engine cycle performance data for five different power settings 
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Run Thrust Altitude Mach Design turbine Turbine exit Primary stream Primary stream Primary stream Primary stream Primary stream 
No. Setting No. temperature static fully expanded Mach number total temperature jet velocity jet density 

extraction temperature jet area 

(%) (ft) (-) (K) (K) (m') (-) (K) (m/s) (kg/m') 
1 100 0 0.00 651.69 1086.563 0.8466 0.832846 1199.614 449.614 0.325 
2 80 0 0.00 600.58 1022.837 0.8361 0.698059 1097.599 369.122 0.345 
3 60 0 0.00 553.55 959.115 0.8290 0.573563 1006.444 297.901 0.368 
4 40 0 0.00 494.59 868.209 0.8168 0.443045 893.772 224.199 0.407 
5 20 0 0.00 418.56 754.855 0.8015 0.290852 764.434 143.080 0.468 
6 100 0 0.25 650.75 1081.624 0.8441 0.848738 1198.497 457.039 0.326 
7 80 0 0.25 606.55 1028.583 0.8326 0.730448 1110.904 386.497 0.343 
8 60 0 0.25 564.08 973.951 0.8277 0.612389 1028.739 319.051 0.362 
9 40 0 0.25 512.08 895.216 0.8153 0.490985 927.587 250.028 0.394 

10 20 0 0.25 443.95 788.778 0.7939 0.346647 803.012 171.789 0.448 
11 100 0 0.40 640.56 1064.425 0.9612 0.849659 1179.689 454.120 0.332 
12 80 0 0.40 602.55 1022.060 0.8313 0.744592 1107.057 392.722 0.345 
13 60 0 0.40 562.87 969.896 0.8137 0.635303 1028.615 330.131 0.364 
14 40 0 0.40 513.90 896.979 0.8025 0.516432 932.863 262.595 0.394 
15 20 0 0.40 450.97 798.475 0.7729 0.381396 815.897 188.881 0.442 
16 100 2000 0.00 651.84 1082.299 0.8484 0.848091 1199.067 456.323 0.326 
17 80 2000 0.00 598.09 1014.126 0.8365 0.706865 1090.133 371.707 0.348 
18 60 2000 0.00 550.96 951.558 0.8295 0.579957 999.567 299.620 0.371 
19 40 2000 0.00 492.50 861.793 0.8172 0.447836 887.719 225.493 0.410 
20 20 2000 0.00 416.77 748.606 0.8019 0.293748 758.295 143.761 0.472 
21 100 2000 0.25 650.48 1076.230 0.8458 0.863639 1196.639 463.321 0.328 
22 80 2000 0.25 604.75 1020.573 0.8334 0.741480 1104.738 390.241 0.346 
23 60 2000 0.25 561.98 966.561 0.8276 0.621307 1022.528 321.982 0.365 
24 40 2000 0.25 510.26 889.011 0.8161 0.497312 921.991 251.979 0.397 
25 20 2000 0.25 442.08 782.519 0.7947 0.350631 796.950 172.752 0.451 
26 100 2000 0.40 640.61 1058.660 0.8401 0.865362 1177.577 460.674 0.333 
27 80 2000 0.40 601.33 1015.102 0.8256 0.756797 1102.311 397.184 0.348 
28 60 2000 0.40 561.45 963.796 0.8144 0.645448 1024.024 333.790 0.366 
29 40 2000 0.40 512.53 891.558 0.8035 0.523808 928.251 265.074 0.396 
30 20 2000 0.40 449.21 792.352 0.7743 0.385743 810.037 190.007 0.446 

Table 6.1 (continued) 
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Run Thrust Altitude Mach Secondary Secondary Secondary Secondary Secondary 
No. Setting No. stream fully stream Mach stream total stream jet stream jet 

expanded jet number temperature velocity density 
area 

(%) (It) (-) (m') (-) (K) (m/s) (kg/m') 
1 100 0 0.00 2.6508 0.923977 359.028 322.578 1.141 
2 80 0 0.00 2.6671 0.836915 346.575 291.133 1.152 
3 60 0 0.00 2.6766 0.731685 336.534 254.465 1.154 
4 40 0 0.00 2.6815 0.603362 325.023 209.439 1.160 
5 20 0 0.00 2.6838 0.431589 312.254 149.580 1.170 
6 100 0 0.25 2.6434 0.959674 357.923 334.262 1.157 
7 80 0 0.25 2.6554 0.883919 347.254 307.132 1.166 
8 60 0 0.25 2.6613 0.793136 338.042 275.721 1.168 
9 40 0 0.25 2.6565 0.683455 327.458 237.213 1.173 

10 20 0 0.25 2.6286 0.539682 314.974 187.087 1.182 
11 100 0 0.40 2.6399 0.991916 354.816 344.933 1.179 
12 80 0 0.40 2.6476 0.923536 345.553 320.672 1.185 
13 60 0 0.40 2.6581 0.842006 336.730 292.535 1.188 
14 40 0 0.40 2.6568 0.746121 326.636 258.866 1.194 
15 20 0 0.40 2.6433 0.622102 314.920 215.629 1.202 
16 100 2000 0.00 2.6495 0.930069 360.062 323.044 1.140 
17 80 2000 0.00 2.6664 0.843809 346.702 291.592 1.154 
18 60 2000 0.00 2.6758 0.737932 336.606 254.947 1.156 
19 40 2000 0.00 2.6813 0.608483 325.117 209.834 1.161 
20 20 2000 0.00 2.6838 0.435347 312.312 149.888 1.171 
21 100 2000 0.25 2.8426 0.967742 358.660 335.094 1.157 
22 80 2000 0.25 2.6541 0.892203 347.573 307.957 1.167 
23 60 2000 0.25 2.6612 0.800402 338.233 276.403 1.169 
24 40 2000 0.25 2.6572 0.689441 327.656 237.732 1.174 
25 20 2000 0.25 2.6295 0.543933 315.087 187.318 1.183 
26 100 2000 0.40 2.6392 1.001295 355.563 346.039 1.180 
27 80 2000 0.40 2.8463 0.932772 345.976 321.705 1.187 
28 60 2000 0.40 2.6577 0.849953 337.078 293.347 1.189 
29 40 2000 0.40 2.6571 0.752625 326.940 259.433 1.195 
30 20 2000 0.40 2.8443 0.626476 315.082 215.722 1.203 

Table 6.1 (continued) 
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Figure 6.3: Estimation of specific heat at constant pressure 

(source: Cohen et a11996) 

Analysis of the data shows that there is little variation in critical parameters, e.g. 

velocities, mass flow rate, with altitude and forward speed. This is however, not too 

surprising considering the narrow speed and altitude range that the data covers. For 

each parameter required within the model, a correlation function was determined as a 

function of percentage thrust setting. At any given point in a flight profile the thrust 

setting is known and thus the engine status is also known. The appropriate methods 

can then be used to determine the source noise levels. 

The use of the data is illustrated in Figure 6.4 which plots the separate flow velocities 

against thrust setting (%). Continuos functions have been developed from the data and 

are used in the prediction of source noise levels, in this case for jet noise prediction. 
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Figure 6.4: Variation of exit velocity with engine power setting 
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6.3 Airframe Noise Model 

The airframe noise prediction model is based on methods presented by Fink (1977), 

Zorumski (1982) and ESDU (1992). All of the these models use the same basic 

procedure to predict third octave band component noise levels and only differ in the 

empirical coefficients and functions used. 

The third octave band sound pressure level (SPL) is computed using 

2 4 2 

SPL=IOlogp2+IOlog P c2 -lOlog PJ
2 

Prer Po 
(6.2) 

where p2 is the non-dimensional mean square acoustic pressure. The second term 

accounts for the p2 term (SI units ofp2 are N2/m4) being non-dimensionalised by p2c' 

which has equivalent units: 

Thus, 

P _ kg/m3 

c -rn/s 

p2 _ kilm6 

c4 _ m4/s4 

Noting that a Newton has equivalent units ofkgm/s2 we can write that 

hence the second term of equation (6.2) is dimensionally correct. 

The non-dimensional mean square acoustic pressure for each airframe component is 

given by 
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6. Noise Model 

(6.3) 

where Pbw
2 is given by 

(6.4) 

where k1, k2, are constants and k3 is the boundary layer thickness, all of which are 

dependent on the airframe component under consideration. The acoustic power, P is 

non-dimensionalised by pc3b/. The term D( ~,8) is the directivity function for the 

component under consideration and is dependent on azimuth angle (~) and polar angle 

(8). The term F(Sr) is the spectrum function of the component and is dependent on the 

Strouhal number (Sr) of the given component. The spectrum function determines both 

the third-octave band spectrum shape through its dependence on Strouhal number and 

hence third-octave band centre frequency and also the spectrum level. 

The Strouhal number, Sr, is defined in generalised form given by 

ff ( Sf =- I-Mcose) 
Mc 

(6.5) 

where R. is the length scale characteristic of the airframe component. The term 

(1- Mcos8) is the Doppler frequency factor and accounts for frequency changes due 

to motion of the aircraft. The remaining part of equation (6.5) is frequency x length / 

velocity. This is the parameter noted by Lighthill (Appendix A) to be approximately 

constant for a wide range of Reynolds numbers. 

Returning to equation (6.3), the term 47tR2 in the denominator accounts for the decay 

in mean square acoustic pressure due to spherical spreading of the sound waves. The 

remaining term in the denominator is a source amplification factor and accounts for 

motion of the aircraft. 
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6. Noise Model 

The directivity functions, Strouhal number and spectrum functions are described in 

Table 6.2. The directivity functions are empirically based from test measurements of 

both whole aircraft tests, e.g. Fink's Lockheed LlOll TriStar measurements (Fink 

1977) and discrete components, e.g. Heller et al (1976) who analysed noise generated 

by aircraft landing gear. Although the generalised form of Strouhal number was given 

earlier, examination of Table 6.2 shows that the Strouhal number for the wing and tail 

surfaces is a function of Reynolds number, although, the exponent -0.2 suggests that 

the effect is small. 

The constants kI, k2 and the function k3 are described in Table 6.3 for each airframe 

component. The constant k2 is the flow Mach number index used to estimate the 

acoustic power of a component. For the wing and tail surfaces the acoustic power is 

proportional to Vs. The theoretical value is V6 since the sound is generated due to 

distributed dipoles according to CurIe (1955) as discussed in more detail chapter 2. 

The reduction is typically due to a reduction in turbulence levels and based on 

experimental results. The acoustic power of the trailing edge flaps and landing gear is, 

however, proportional to V6
• 

The mean square acoustic pressure is computed for each airframe component in turn 

for each third octave band frequency. The minimum distance, azimuth and polar 

angles are determined from the flight profile geometry which is generated using the 

methods described in Chapter 5. 

For the leading edge slats there are two contributing noise components. The first is the 

airframe noise produced by deployment of the leading edge slats. The second 

component is the added wing noise due to the change in flow over the wing as a result 

ofleading edge slat deployment. 
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6. Noise Model 

Airframe Component Directivity, D(~,e, Strouhal number, S, Spectrum function, F(S" 

4cos2 «jlcos2(e/2Xl- cose) (e < 900) 0.37X{~~ J(VSw f2 (l-Mcose) 0.613(lOS,)5 [(lOS,)' 5 + 0.5 J Conventional wing 
4cos2 «jlcos2(e/2) (e > 900) b w vb w V 

Horizontal tail 4cos2 «jlcos2(e/2) 0.37X{~.!!.. )(VSh f2 (l-Mcose) 0.613(10S,t[(lOS,)'5 +0.5J 
bh vbh V 

Vertical tail 4sin 2 «jlcos2(e/2) 0.37Xr(~ )(VSy f2 (l-Mcose) 0.613(lOS, t [(lOS,)1.5 + 0.5]-4 
by vby V 

Leading edge slats 
4cos2 «jlcos2(e/2) 0.37Xf(~ )(VSw f2 (l-Mcose) 0.613(lOS, t [(lOS,)' 5 + 0.5]-4 

- Added wing noise b w vbw V 

Leading edge slats 4cos2 «jlcos2(e/2) 0.37Xf(~ )(VSw f2 (l-Mcose) 0.613(2.19S, t [{2.19S,)'5 + 0.5 J 
b w vbw V 

Single and double fS 0.0480S, (S, < 2) rru"" 00,0, 00", ,'nOoo,;)' (0 <90
0

)) 

_r (l-Mcose) 
slotted flaps brV 0.1406S, -055 (2:> S,) 

3(sinl5r cos9+cosl5r :inecos«jlY (9) 900) 
fS 0.0257S, (S, < 2) 

Triple slotted flaps (1-cos9t _f (l-Mcose) 
brV 0.0536S, -0,0625 (2:>S,) 

Table 6.2: Airframe directivity, Strouhal and Spectrum functions (source: ESDU, 1990) 
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Airframe Component Directivity, D(~,el Strouhal number, S, Spectrum function, F(S,1 

One and two wheel 1.5 sin 2 e (e < 900
) [d 

-(l-Mcose) ( 2 t2
.
25 

landing gear unit 
13.59S, 30.0 + S, 

1.5 sin 2 e(l- coset (e > 900
) 

V 

One and two wheel 3sin2 esin2 ~ (e < 900
) [d 

2( 8 t 
landing gear strut 

-(l-Mcose) 5.325S, 30.0 + S, 
3sin2 esin2 ~(l-cose)' (e > 900

) 
V 

Four wheel landing 1.5sin2 e (e <900
) [d 

-(l-Mcose) 2( 2tI.5 
gear unit 1.5 sin 2 e(l- cos e)' (e > 900

) 
V 

0.0577S, 5.0 + 025S, 

Four wheel landing 3sin2 9sin2 ~ (9 < 900
) [d 

3( 2t' -(l-Mcose) 1.280S, 1.06 + S, 
strut 3sin2 9sin2 ~(l-cos9)' (9) 900

) 
V 

Table 6.2 (continued) 
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Airframe Component k, k2 k. 

( f2 Wing 4.464x10-5 5 0.37S
w 

VSw . 

vb w 

Horizontal tail 4.464x10-5 5 0.37Sh(VSh f2 
vbh 

Vertical tail 4.464x10-5 5 0.37S
v
(VS V f2 

vb v 

Leading edge slats 4.464x10·5 4 O.37S
w

(VSW f2 
vb w 

Single or double slotted 
2.787x10-4 6 S,sin2o, 

trailing edge flaps 

Triple slotted trailing edge 
3.509x10·' 6 S,sin2o, 

flaps 

One or two wheel landing 
4.349x10·' 6 nd2 

gear unit 

Four wheel landing gear 
3.414x10-4 6 nd2 

unit 

Landing gear strut 2.753x10-4 6 Sd 

Table 6.3: Airframe noise prediction coefficients, kh k2' k.3 (source: ESDU, 1990) 
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Example: 

The ESDU method (ESDU 1992) was developed using a large amount of measured 

data for the Lockheed TriStar wide-bodied airliner and is thus used in this example. 

Input data for the calculation is listed in Table 6.4. The sound pressure level is 

computed for each component at each third octave band frequency. 

Airframe Geometry: 
Wing span (m) 
Wing area (m2

) 

Vertical tail height (m) 
Vertical tail area (m2

) 

Horizontal tail span (m) 
Horizontal tail area (m) 
Flap span (m) 
Flap area (m2

) 

Flap angle (') 
Number of flap slots 
Number of nose wheels 
Diameter of nose wheel (m) 
Nose gear strut length (m) 
Number of main wheels per unit 
Number of main gear units 
Diameter of main wheel (m) 
Main gear strut length (m) 

Position Data: 
Height (m) 
Polar angle (') 
Azimuthal angle (') 

Ambient Conditions: 
Temperature (K) 
Pressure (Pa) 
Density (kg/') 
Kinematic viscosity (kgm2s·1

) 

Speed of sound (m/s) 
Aircraft speed (m/s) 
Mach Number 

47.4 
321.1 

9 
51.1 
21.8 

119.1 
24.9 
49.8 

o 
2 
2 

0.9 
2.03 

4 
2 

1.3 
3.03 

120 
50 
o 

288.15 
101325 

1.225 
1.46E-05 

340.3 
78.7 

0.231 

Table 6.4: Lockheed TriStar input data (source: ESDU, 1990) 

Taking the clean wing as a example component the, the value ofk3 from Table 6.3 is 

k3 = 0.37 x 321.5 x (78.7 x 321 ;5)-0.2 = 3.651m2 
1.46xl0-

The clean wing dimensionless acoustic power from equation (6.4) is 
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Pb2 = 4.464 x 10-5 x 0.235 x 3.651 = 1.0789 x 10-7 

The clean wing directivity function is computed from Table 6.2 as 

The clean wing Strouhal number for a third octave band frequency of 50Hz is 

computed from Table 6.2 as 

Sr =0.37X50X(321.5)( 78.7x321.5 )-0.2 (1-0.231xcos90) 
47.4 1.46 x 10-5 x 47.4 78.7 

Sr = 0.0489 

The clean wing spectrum is then computed from Table 6.2 to be 

F(S.) = 0.613(10 x 0.0489)' [(10 x 0.0489)15 + 0.5]-4 

F(Sr)= 3.416xlO-2 

The clean wing dimensionless mean square acoustic pressure then computed from 

equation (6.3) as 

1.0789 x 10-
7 X2.0x3.416xl~-2 =4.074xlO-14 

411 x 1202(1- 0.231 x cos90) 

Using equation (6.2) the third octave band SPL is 

The procedure is repeated for the remaining third octave band frequencies and 

airfrarne components. For time dependent metrics the calculations are then repeated 

for different aircraft positions. The complete spectrum is illustrated in Figure 6.5. 

243 



6. Noise Model 

80.0 

75.0 

iD 
:2. 70 0 ..J . 
0-

'" '" c 
~ 65.0 
~ 
> 
.'9 
u 
0 
"E 60.0 
:E .... 

55.0 

50.0 
10 100 1000 10000 

Frequency (Hz) 

Figure 6.5: Clean wing third octave band sound pressure levels 

The effect of high lift devices and undercarriage on airframe noise is illustrated in 

Figure 6.6 which shows the third octave band sound pressure levels for the Lockheed 

TriStar in the clean and landing configuration. 
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Figure 6.6: Airframe sound pressure levels for clean and landing configurations 
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6"4 Fan Noise Model 

The fan noise model methodology is that presented by Zorumski (1982) from the 

NASA ANOPP model and was developed by Heidmann (1975) and is to date the only 

freely available fan noise prediction model due to the commercial sensitivity of fan 

characteristic data. Recently Hough and Weir (1996) produced a correction to the 

Heidmann model for small engines in the 13-26kN range. The engines are much 

smaller than considered in this project and thus the basic Heidmann model is stilI 

used. The model predicts both the broadband noise and the pure tones for an axial 

flow compressor or fan. The method utilises empirically based directivity and 

spectrum functions dependent on frequency and polar directivity angle. 

The model predicts the mean square acoustic pressure for both inlet and discharge 

noise components. The individual components are as follows: 

Inlet Noise 

• Inlet broadband noise 

• Inlet rotor-stator interaction tones 

• Inlet flow distortion tones 

• Combination tone noise 

Discharge Noise 

• Discharge broadband noise 

• Discharge rotor-stator interaction tones 

The method requires input data describing the fan entrance and exit flow parameters. 

The model outputs the mean square acoustic pressure as a function of frequency and 

polar directivity angle. It is assumed that fan noise does not vary with azimuth 

directivity angle. 

The far field mean square acoustic pressure for the fan is expressed as 

( 2)' = p"A"D(e)s(,,) 
p 47t(r2)' (1-M~ cos e)' 

(6.6) 
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Where p' is the non-dimensionalised acoustic power, A' is the non-dimensionalised 

fan cross-section area, D(e) the directivity function and S(11) is the spectrum function. 

The first term in the denominator accounts for the decay in mean square acoustic 

pressure due to spherical spreading. The source to observer distance, r is non-

dimensionalised with respect to Fe, where Ae is the engine reference area. The 

remaining term in the denominator is a source amplification term and accounts for the 

motion of the aircraft noise source. 

The spectrum function is dependent on the frequency parameter 11, which is defined as 

f 
11 = (1- M~ cos e)

fb 

where fb is the blade passing frequency defined as 

f _ N'Bc~ 
b - d' Fe 

(6.7) 

(6.8) 

and N' is the non-dimensionalised blade speed, B is the number of rotor blades, and d 

is the non-dimensionalised fan rotor diameter. The Mach number term in equation 

(6.7) is the Doppler factor and accounts for the forward motion of the aircraft. 

The acoustic power for the fan is defined, in generalised form as 

p' = KG(i,jXs' t'(k.l)M
m 
b(rh'/ A' XLH' Y 

xF(M"Mm) 
(6.9) 

Equation (6.9) is valid for all fan noise components. The values of coefficients K and 

G are a function of the fan noise component being considered. Coefficients i,j, k and I 

define the fan configuration. Coefficients i and j are defined as follows 
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i = 1 

i=2 

j=1 

j=2 

6. Noise Model 

(Fan with no inlet guide vanes) 

(Fan with inlet guide vanes) 

(13) 1.05) 

(cS:S; 1.05) 

Where cS is the fundamental tone cut-off factor which is defined as 

(6.10) 

and V is the number of stator vanes, B is the number of rotor blades. The fan rotor tip 

Mach number Mt is expressed as 

(6.11) 

It is assumed that if Mt > 1.05, then cS = Mt. Thus fundamental tone cut-off only 

occurs when 0 is less than 1.05. The tone cut-off factor is used to determine the range 

of tip Mach numbers over which the fundamental blade passing frequency dominates. 

The term a(k,l) in equation (6.9) is the rotor-stator spacing exponent. This is a 

function of the noise component under consideration and the coefficients k and I 

which are defined as 

and 

k =1 

k=2 

1=1 (No inlet flow distortion) 
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1=2 (Inlet flow distortion) 

The parameter s' is the non-dimensionaIised rotor-stator spacing. Inlet flow distortion 

is assumed to occur during static and low speed operations, i.e. start of roll and 

landing. The general effect of inlet flow distortion is to reduce rotor-stator spacing 

effects. 

The parameter Mm in equation (6.9) is the design point Mach number index which is 

defined as 

(6.12) 

where Md is the design value of the relative tip Mach number. The exponent bin 

equation (6.9) accounts for the effect of Mm on each fan noise component. The design 

point Mach number is nonnally defined as the fan aerodynamic design point, i.e. the 

cruise condition. 

The tenn rh' in equation (6.9) is the non-dimensionalised fan mass flow rate and the 

tenn !!. T is the non-dimensionalised temperature rise across the fan. The final tenn in 

equation (6.9) is the power function which is dependent on fan relative tip Mach 

number, Mr and the design point Mach number index, Mm. 

The values of Md and Mr used in the model were obtained together with the other 

engine performance parameters as described in section 6.2. 

Each fan noise component has its own empirically defined directivity and spectrum 

function. Using these functions and the acoustic power computed from equation (6.9) 

mean square acoustic pressures are computed using equation (6.6). The broadband 

noise is output as discrete third octave band data. However, the pure tone noise 

components are output at discrete frequencies. Thus, the pure tones must be added to 

the appropriate third octave band. For a given third octave band centre frequency 

parameter 1'] the lowest harmonic number that falls within the band is 
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(6.13) 

and the highest harmonic number is 

(6.14) 

where [l indicates the integer part of the enclose real number. 1fll1 > 'I1u there is no 

tone within the band. If '111 S; 'I1u then there are 'I1u - '111 + I tones within the band. The 

pure tone mean square acoustic pressures for each harmonic number are then added to 

the appropriate band, the tones being propagated to the observer as third octave band 

data. 

The empirical data and coefficients used for each fan noise component presented by 

Zorurnski (1982) are now briefly introduced. 

6.4.1 Inlet Broadband Noise 

Inlet broadband noise is associated with unsteady flow passing rotating blades and the 

resulting turbulence produced. The unsteady flow arises from blade boundary layer 

turbulence, blade wakes, blade tip vortices, and nacelle inlet flow. 

The acoustic power due to inlet broadband noise is given by 

(6.15) 

The constant a(k,l) is given by 

(6.16) 

and k and I are as defined earlier. 

The power function F(Mr) is computed using 

249 



F=I 

F = 0.8IM,-2 
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(M, S; 0.9) 

(M, > 0.9) 

The directivity function is tabulated in Table 6.5. The data is suitable for curve fitting 

which provides the following continuous function 

10g(D) = -1.8710 x 10-693 + 1.806x 10-492 

+ 0.003949 -3.701 

The spectrum function is given by 

where cr is the geometric mean deviation and is equal to 2.2. 

8(°) Broadband log,o D 8(°) Broadband log,o D 
0 0.43 

10 0.53 100 -1.32 
20 0.63 110 -1.87 
30 0.63 120 -2.42 
40 0.63 130 -2.97 
50 0.43 140 -3.52 
60 0.18 150 -4.07 
70 -0.12 160 -4.62 
80 -0.47 170 -5.17 
90 -0.87 180 -5.72 

(6.17) 

(6.18) 

Table 6.5: Fan broadband noise directivity function (source: Zorumski, 1982) 

6.4.2 Inlet Rotor-Stator Interaction Tones 

Discrete tones occur due to lift fluctuations on rotor or stator blades. Interaction tones 

are produced by rotor blades intersecting wakes from preceding stator vanes or inlet 

guide vanes. The tones are propagated as spinning duct modes. The model simply 

predicts the far field characteristics and does not attempt to determine the 

characteristics of each propagated mode. 

The acoustic power due to inlet rotor-stator interaction tones is given by 
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p' = (2.683 X 10-4 )o(i,jXs' t'(k.I)M m 431 (rn' / A') 
x (l1TYF(M"Mm) 

The constant G(i, j) is defined as 

[ 
1 0.580] 

G(i,j) = 0.625 0.205 

and 

a(k'l)=[~ ~] 

The power function, F(M" Mm) is given by 

F = 0.397Mm -2.ll (Mr ~ 0.72) 

6. Noise Model 

(6.19) 

(6.20) 

F = 2.053Mm -2.lI M,s (0.72 < Mr ~ 0.866Mm 0.462) (6.21) 

(0.866Mm 0.462 < Mr ) 

The acoustic power is computed using equation (6.19). The mean square acoustic 

pressure is then computed using equation (6.6). The directivity function D is tabulated 

in Table 6.6. The data is suitable for curve fitting which produces the following 

continuous function 

log(D)=-1.717xlO·69l +1.683xlO-le 2 +0.003669-3.448 (6.22) 

The spectral function is a discrete function given by 

(6.23) 
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where 111 and 11u are the lower and upper values of the harmonic number associated to 

the third octave band centre frequency 11. For n=1 

and forn> I 

S 1 i . _ [0.449 0.136] 
(, ,J)- 0.799 0.387 

S(n i .) = [0.250 0.432] x 1O-0.3(n-2) 
, ,J 0.101 0.307 

where i and j are fan configuration parameters as defined earlier. 

9tO) Discrete tone 109100 9(°1 Discrete tone 109'00 
0 0.30 

10 0.45 100 -1.30 
20 0.60 110 -1.85 
30 0.60 120 -2.40 
40 0.60 130 -2.95 
50 0.48 140 -3.50 
60 0.25 150 -4.05 
70 -0.08 160 -4.60 
80 -0.45 170 -5.15 
90 -0.85 180 -5.70 

(6.24) 

(6.25) 

Table 6.6: Fan discrete tone directivity function (source: Zorumski, 1982) 

6.4.3 Inlet Flow Distortion Tones 

Inlet flow distortion tones are produced as the result of unsteady lift on blades. The 

procedure predicts the average far field noise produced. 

The acoustic power due to inlet flow distortion tones is 

(6.26) 

where a(k,I) is determined using equation (6.20). The power function is that used for 

the inlet rotor-stator interaction tones equation (6.21). The mean square acoustic 
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pressure is computed using equation (6.6). The directivity function is the same as that 

used for the inlet rotor-stator interaction tones. The spectrum function is given by 

(6.27) 

where 111 and 11u are the lower and upper values of the harmonic number associated to 

the third octave band centre frequency 11. 

6.4.4 Combination Tone Noise 

Combination tone noise occurs when the rotor blade tip velocity exceeds Mach I. At 

these velocities shock waves are formed at the leading edge of each rotor blade, which 

propagate through the engine inlet as a series of Mach waves. The resulting noise 

spectrum contains harmonics of the shaft speed instead of blade passing frequency 

and is often referred to as "buzz-saw" noise. 

The acoustic power due to combination tone noise is defined as 

(6.28) 

The model computes the acoustic power for three harmonics of the shaft rotational 

speed. These are then expressed as fractions of the fundamental tone of the blade 

passing frequency. The constant K for each harmonic is 6.225x I 0-4 for 1 Is 

fundamental combination tone, 2.030x 1 0.3 for the 114 fundamental combination tone 

and 2.525x 1 0-3 for the 112 fundamental combination tone. 

The constant G(ij) is defined as 

(6.29) 

The values on the bottom row of the matrix are reduced due to the presence of inlet 

guide vanes which inhibit the propagation of combination tones through the inlet. 
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The power function F for the 1/8 fundamental combination tone is given by 

F(M,)= 0 
F(M,)= 10-675(161-M,) 

F(M,) = 1O-121(M,-161) 

(M, ::; I) 

(I::; M, ::; 1.61) 

(1.61 <M,) 

The power function F for the 1/4 fundamental combination tone is given by 

F(M,) = 1O-14.7S(1322-M,) 

F(M,) = 1O-1.33(M,-I322) 

(M, ::; I) 

(I ::; M, ::; 1.322) 

(1.322<M,) 

The power function F for 1/2 fundamental combination tone is given by 

F(M,) = 10-318S(1.146-M,) 

F(M,) = 10-141(M,-1.146) 

(M, ::; I) 

(I::; M, ::; 1.146) 

(1.146 < M,) 

(6.30) 

(6.31) 

(6.32) 

The mean square acoustic pressure is computed for each combination tone separately 

using equation (6.6). The three harmonics are added to the appropriate third octave 

band. 

The directivity function is assumed to be the same for all harmonics and is tabulated 

in Table 6.7. The data is suitable for 'curve fitting' which produces the following 

continuous function 

10g(D) = 7.530x 10·12 a 6 ·4.397 x 10·9as + 9.639x 10.7 a 4 

-9.587xlO,sa 3 +3.954xlO·3 a 2 -3.693xI0·2a-0.387 
(6.33) 

The spectrum function S is defined separately for each fundamental combination tone 

as follows 
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1 Is fundamental combination tone 

S(1']) = 0.405(81'])' 

S(1']) = 0.405(81']t' 

1/4 fundamental combination tone 

S(1']) = 0.520(41'])5 

S(1']) = 0.520(41']t5 

1 h fundamental combination tone 

S(1']) = 0.332(21'])' 

S(1']) = 0.332(21'])-' 

Combination tone 
S(O) directivity 109100 

0 -0.43 
10 -0.33 
20 -0.18 
30 0.02 
40 0.32 
50 0.52 
60 0.52 
70 0.17 
80 -0.23 
90 -0.38 

6. Noise Model 

(1'] ~ 0.125) 

(1'] > 0.125) 

(1'] ~ 0.25) 

(1'] > 0.25) 

(1'] ~ 0.5) 

(1'] > 0.5) 

S(O) Combination tone 
directivity 109100 

100 -0.43 
110 -0.48 
120 -0.53 
130 -0.58 
140 -0.63 
150 -0.68 
160 -0.73 
170 .-0.78 
180 -0.83 

(6.34) 

(6.35) 

(6.36) 

Table 6.7: Fan combination tone directivity function (source: Zorumski: 1982) 

6.4.5 Discharge Broadband Noise 

Discharge broadband noise results from unsteady flow passing rotating blades and the 

resulting turbulence produced. The unsteady flow arises from blade boundary layer 

turbulence, blade wakes, blade tip vortices, and fan discharge flow. 

The acoustic power for discharge broadband noise is given by 
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6. Noise Model 

where G(ij) is given by 

G(i,j) = [~ ~] 

The factor G is used to increase the magnitude of the acoustic power when inlet guide 

vanes are present. 

The parameter a(k,l) is the same as that for the inlet broadband noise ((6.16). The 

power function F is given by 

F(M.) = I 
F(M,) = M,-2 

(M, ~ 1.0) 

(M, > 1.0) 
(6.38) 

The mean square acoustic pressure is computed using equation (6.6). The directivity 

function 0 is tabulated in Table 6.8. The data is suitable for 'curve fitting' which 

produces the following continuous function 

10g(O) = -1.871 x 10";93 + 1.806 x 10-492 + 3.942 x 10.29 - 3.701 (6.39) 

The spectral function S is the same as that for the inlet broadband noise as described 

by equation (6.18). 

8(°) Directivity level, 
109100 8(°) 

Directivity level, 
109100 

0 -3.70 
10 -3.27 100 0.19 
20 -2.84 110 0.34 
30 -2.41 120 0.43 
40 -1.98 130 0.46 
50 -1.55 140 0.26 
60 -1.12 150 -0.14 
70 -0.69 160 -0.54 
80 -0.34 170 -1.04 
90 -0.04 180 -1.54 

Table 6.8: Fan discharge broadband directivity function (source: Zorumski, 

1982) 
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6. Noise Model 

6.4.6 Discharge Rotor-Stator Interaction Tones 

Discharge rotor-stator interaction tones are created by similar mechanisms to those for 

inlet rotor-stator interaction tones. These tones, however, propagate through the 

bypass duct towards the rear of the engine. 

The acoustic power is given by 

(6.40) 

The matrix G(ij) is given by 

[ 
1 0.580] 

G{i, j) = 2.50 0.820 

The matrix values account for the effects of inlet guide vanes and fundamental tone 

cut-off. The matrix a(k,l) is the same as that used for the inlet rotor-stator interaction 

tones (equation (6.20)). 

The power function F is the same as that used for the discharge broadband noise 

(equation (6.38)). 

The mean square acoustic pressure for the discharge rotor-stator interaction tones is 

computed using equation (6.6). The directivity function D is tabulated in Table 6.9. 

The data is suitable for 'curve fitting' which produces the following continuous 

function 

(6.41) 

The spectrum function S is the same as that used for the inlet rotor-stator interaction 

tones as described in equations (6.23) through to (6.25). 
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6. Noise Model 

9(°) 
Olrectivity level, 

109100 9(°) 
Oirectivity level, 

109100 

0 -3.45 
10 -3.05 100 0.15 
20 -2.65 110 0.35 
30 -2.25 120 0.45 
40 -1.85 130 0.45 
50 -1.45 140 0.25 
60 -1.05 150 -0.10 
70 -0.65 160 -0.45 
80 -0.35 170 -0.85 
90 -0.05 180 -1.35 

Table 6.9: Fan discharge rotor-stator interaction tones directivity function 

(source: Zorumski, 1982) 

6.4.7 Fan Noise Output 

The third octave band mean square acoustic pressure is the sum of the mean square 

acoustic pressures for the six fan noise components. The total is then multiplied by the 

number of engines to produce the total mean square acoustic pressure for the aircraft. 

The total mean square acoustic pressure is computed as a function of frequency and 

polar directivity angle. It is assumed that the mean square acoustic pressure does not 

vary with azimuth angle. 

The third octave band sound pressure level (SPL) is then computed using 

Example: 

2 4 

SPL = 1010g~2)' + 1010g p~ c~ 
Pref 

(6.42) 

The Boeing 757-200 is used as a example to demonstrate the fan noise prediction 

component. Only inlet broadband noise, inlet combination tones, discharge broadband 

noise and discharge rotor-stator interaction tones are considered. The other pure tones 

are assumed to decay within the engine and hence they are not estimated. This 

approach was used by both Kappa and Willshire when analysing the Douglas DC I 0 

aircraft. This issue is discussed further in chapter 7. The fan input data is shown in 

Table 6.10. 
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6. Noise Model 

lnout Parameter 
Number of engines 2 
Fan diameter (m) 1.95 
Power setting (%) 47.0 
Mean blade chord (m) 0.25 
Number of fan blades 22 
Number of stator blades (fan OGV) 60 
Rotor-stater spacing (m) 0.15 
Fan design Mach number 1.45 
Speed of sound (m/s) 90.61 
Mach number 0.247 
Ambient density (kg/m') 1.131 
Propagation distance (m) 827 
Third octave freQuency 1Hz) 50 

Table 6.10: Boeing 757-200 fan input data 

Using the power setting of 47 percent the fan performance parameters are computed 

using the data in Table 6.1 and are listed in Table 6.11. 

Fan Performance Parameter 
Non-dimensional rotational speed 0.3451 
Non-dimensional mass flow rate 0.3581 
Non-dimensional temperature rise across fan 0.1152 
Fan axial flow Mach number 0.3581 
Fan rotor tip Mach number 1.0843 
Fan rotor relative tip Mach number 1.1419 

Table 6.11: Boeing 757-200 fan performance data 

The fan noise calculation output is listed in Table 6.12. The blade passing frequency 

is computed to be 1300Hz. This value will increase for higher power settings and 

decrease for lower power settings as the engine rotational speed changes. If the 

fundamental blade passing frequency can be measured accurately it is sometimes 

possible to deduce engine speed and hence power setting from the data. For the first 

third octave band (50Hz) there are no harmonics in the band and hence the discharge 

rotor-stator spectrum function is zero. Combination tone noise is not purely tonal as it 

extends on either side of the harmonic frequency and is thus propagated to the 

observer as broadband noise. This is possible because the combination tones or 

'buzzsaw' noise act over a wide range of frequencies. In this case combination tone 

noise is only present as the fan is supersonic (tip Mach number 1.084). 
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Parameter 
Fan blade passing frequency (Hz) 
Fan design point Mach number index 
Fan frequency parameter 
Lowest harmonic number 
Highest harmonic number 
Number of tones in band 

Inlet Broadband Noise 
Power function 
Spectrum function 
Directivity function 
Acoustic power 
Dimensionless mean square acoustic pressure 

Inlet Combination Tones 
One-eighth tone power function 
One-eighth tone directivity function 
One-eighth tone spectrum function 
One-eighth tone acoustic power 
Dimensionless mean square acoustic pressure 

One-quarter tone power function 
One-quarter tone directivity function 
One-quarter tone spectrum function 
One-quarter tone acoustic power 
Dimensionless mean square acoustic pressure 

One-half tone power function 
One-half tone directivity function 
One-half tone spectrum function 
One-half tone acoustic power 
Dimensionless mean square acoustic pressure 

Discharge Broadband Noise 
Power function 
Spectrum function 
Directivity function 
Acoustic power 
Dimensionless mean square acoustic pressure 

Discharge Rotor-Stator Interaction Tones 
Power function 
Directivity function 
Spectral function 
Acoustic power 
Dimensionless mean square acoustic pressure 

Table 6.12: Boeing 757-200 fan noise output data 

6. Noise Model 

1300.4 
1.45 

3.55x10-2 

1 
o 
o 

0.6289 
9.65x10-B 

0.1403 
1.26x1Q-6 

5.85x10-21 

6.92x104 

0.414 
1.13x10-3 

2.05x10-9 

3.29x1Q-19 

0.00157 
0.414 

4.54x10-5 

1.56x10-8 

9.77x10-20 

0.741 
0.414 

1.52x104 

8.89x10" 
1.92x10-18 

0.767 
9.65x10" 

0.942 
2.99x10-7 

9.35x10-21 

1 
0.917 

o 
3.04x10·7 

o 

The individual dimensionless mean square acoustic pressures are summed and 

converted to a third octave band SPL using equation (6.42). This gives a sound 

pressure level of 41.86dB. The calculation is then repeated for the remaining third 

octave band centre frequencies. The resulting third octave band spectrum is shown in 

Figure 6.7. 
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Figure 6.7: Fan third octave band spectrum 

6.5 Combustion Noise Model 

The combustion noise model predicts the third octave band sound pressure levels 

(SPL) for conventional combustors used in gas turbine engines. The method is that 

presented by Zorumski (1982), which itself is based on a method proposed by Matta 

(1976) as an addition to SAE ARP 876. 

The method uses empirical data to determine directivity and sound spectra functions 

as a function of frequency and polar directivity angle. 

The method requires input data in the form of combustor entrance and exit flow 

parameters. This is input empirically using the engine deck data presented in section 

6.2. The method outputs the mean square acoustic pressure as a function of third 

octave band frequency and polar directivity angle. It is assumed that the combustion 

noise does not vary with azimuth angle. 

The far field mean square acoustic pressure is computed using 
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6. Noise Model 

( 2)' = p'o(e )s(F) 

p 41l{r' )2(1_ M~ coset 
(6.43) 

The first term in the denominator accounts for the noise decay due to spherical 

spreading. The distance from the aircraft to the observer, r' is non-dimensionalised by 

Fe . The Mach number term in the denominator of accounts for the source 

amplification effect due to forward motion of the aircraft. 

The non-dimensional acoustic power is dependent on the combustor entrance and exit 

flow parameters such that 

(6.44) 

where Tt and Tj' are the combustor inlet and exit temperatures respectively, non

dimensionalised with respect to T~. P:i is the combustor inlet total pressure, non-

dimensionalised with respect to P ~ and AT;" is the turbine temperature extraction at 

the engine design point, non-dimensionalised with respect to T ~ . 

The directivity function O(e) is a function of polar directivity angle and is tabulated in 

Table 6.13. The data is suitable for curve-fitting with a polynomial which yields the 

following expressions 

and 

logo(e) = -9.604 x 1O.12 e 6 + 2.973x 10·ges 

-3.341 x 10-7 e 4 + 1.762 x 10-se3 (0<e<130) 

-4.273 x 1O-4e 2 + 8.676x 1O-3 e - 0.8521 

10gD(e) = 1.639 x 10-se3 -7.444x 1O.3 e 2 

+1.0916-51.63 
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6. Noise Model 

The spectrum function is dependent on the parameter 10glO(flfp), where fp is the peak 

frequency defined as 

f = 400 
p I-M~cose 

(6.46) 

The spectrum function is tabulated in Table 6.14 as a function OflOglO(f/fp). This data 

is also suitable for curve fitting which results in the following expression 

S(P) = -2.505 x 10-1 p' + 6.484 X 10-1 p4 

+5.578xI0·lp3 -3.527p2 -0.155P-0.806 
(6.47) 

9(0) 109100 
0 -0.85 

10 -0.80 
20 -0.75 
30 -0.70 
40 -0.65 
50 -0.60 
60 -0.54 
70 -0.44 
80 -0.32 
90 -0.16 

100 0.06 
110 0.35 
120 0.50 
130 0.37 
140 0.16 
150 -0.20 
160 -0.55 
170 -0.80 
180 -0.90 

Table 6.13: Combustion noise 

directivity function (source: 

Zorumski, 1982) 
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L09,of/fp L09,oF 
-1.1 -4.30 
-1.0 -3.85 
-0.9 -3.35 
-0.8 -2.85 
-0.7 -2.40 
-0.6 -2.00 
-0.5 -1.65 
-0.4 -1.35 
-0.3 -1.10 
-0.2 -0.95 
-0.1 -0.80 
0.0 -0.80 
0.1 -0.85 
0.2 -0.95 
0.3 -1.15 
0.4 -1.40 
0.5 -1.65 
0.6 -1.95 
0.7 -2.35 
0.8 -2.70 
0.9 -3.15 
1.0 -3.55 
1.1 -4.00 
1.2 -4.40 
1.3 -4.75 
1.4 -5.25 
1.5 -5.70 
1.6 -6.20 

Table 6.14: Combustion noise 

spectrum function (source: 

Zorumski, 1982) 



6. Noise Model 

The mean square acoustic pressure can now be evaluated using equation (6.43) for 

each third octave band frequency. It is assumed that the mean square acoustic pressure 

does not vary with azimuth angle. The third octave band sound pressure level (SPL) is 

then computed using 

2 4 

SPL = 1010g(p2 r + 1010g p~ c; (6.48) 
Pref 

Example: 

The input data for the Boeing 757-200 combustion noise calculation is given in Table 

6.15. Results from the noise calculation are given in Table 6.16. 

Input Parameter 
Number of engines 2 
Engine diameter (m) 1.95 
Engine reference area (m') 2.986 
Combustor entrance area (m') 0.1 
Dimensionless mass flow rate 0.0359 
Dimensionless combustor entrance pressure 24.28 
Dimensionless combustor entrance temperature 2.774 
Dimensionless combustor exit temperature 5.196 
Dimensionless design turbine temperature extraction 1.845 

Table 6.15: Combustion noise input data 

Calculation 
Peak frequency, fp (Hz) 398.15 
Spectrum function 4.30xl0" 
Directivity function 0.718 
Acoustic power 4.72xl0·s 

Dimensionless mean square acoustic pressure 1.51 xlO-1s 

Table 6.16: Combustion noise calculation 

The third octave band SPL is then computed using equation (6.48) to be 40.79dB. The 

calculation is then repeated for the remaining third octave band centre frequencies. 

The third octave band spectrum is shown in Figure 6.8. 
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Figure 6.8: Core noise third octave band spectrum 

6.6 Turbine Noise Model 

The turbine noise model uses the method developed by Smith and Bushell (1969). 

The method predicts the broadband noise for an axial flow turbine. Empirical data is 

used for the directivity and spectrum functions. 

The method requires the input of geometrical and performance data for the turbine. . 

Geometrical data is typically obtained from published drawings of existing engines. 

Engine data presented in section 6.2 is used to describe turbine performance. 

The far field mean square acoustic pressure is computed using 

2 _ P'A' D(e)F(f') 

p - 41tr'2 (1- Mcoset 
(6.49) 

Where p' is the non-dimensional acoustic power, A' is the turbine cross-sectional 

area, non-dimensionalised by the engine cross-sectional area, D is the directivity 

function and F is the spectrum function. The minimum distance between the source 

and observer, r, is non-dimensionalised by square root of the engine cross-sectional 

area. 
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6. Noise Model 

The remaining term in the denominator is the source amplification factor and accounts 

for motion of the source. 

The spectrum function is dependent on the HelmhoItz number which is defined as 

fC' .fA. 
f' = ,e (I-Mcos9) (6.50) 

c 

where C' is the dimensionless mean axial chord of the last turbine stage rotor blades, 

Ae is the engine cross-sectional area and c is the ambient speed of sound. The 

Helmholtz number is computed for each third octave band frequency, f. 

The non-dimensional acoustic power p' for the turbine is given as 

(6.51) 

where N, is the number of turbine stages and rh' is the non-dimensional engine core 

mass flow rate. 

The blade tip Mach number is computed as 

M = 1tN' Y,R'T: 
t 2 

Y~ 
(6.52) 

where N' is the non-dimensional rotational speed and T', is the turbine exit static 

temperature. Both values are obtained from the engine performance data tables. 

y, is the local ratio of specific heats and R' is the local non-dimensional gas constant 

(R' = R, /R~). The values ofR, and y, are obtained from Figure 6.3 using 

appropriate values of temperature and fuel to air ratio. 

The directivity function D is dependent on the polar directivity angle. This is 

tabulated in Table 6.17. From the data the following best function was computed 
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1010gD = -1.663 x 10-11 a 6 + 9.855 x 10-9a' 

-1.987 x 10-6 a 4 + 1.444 x 10-4 a 3 

-1.575 x 10-3a2 + 4.456 x 10-2a 

-13.439 

6. Noise Model 

(6.53) 

The best fit function includes terms to the power six to provide the highest correlation 

with the experimental data (R=0.999). 

The spectrum function F is dependent on the Helrnholtz number. The data for the 

spectrum number is tabulated in Table 6.18. From the data the following best fit 

function was computed 

1010gF = -1.559(logf' t -IO.OI(logf' y 
- 28.86(logf' y -17.43(logf') 

-12.45 

The function has a correlation coefficient of 0.996. 

(6.54) 

The non-dimensional mean square acoustic pressure is computed using equation 

(6.49). This is then multiplied by the total number of engines. The acoustic power is 

computed from equation (6.51). The directivity and spectrum functions are computed 

from equation (6.53) and equation (6.54) respectively. 

The third octave band sound pressure level (SPL) is then computed using 

pc2 

SPL = 1010gp2 + 2010g-
Pref 

(6.55) 

where p and c are the ambient air density and ambient speed of sound at the aircraft 

altitude respectively. The reference mean square acoustic pressure, pref is taken to be 

2xlO's Pa. 
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9(°) 10109,,0 
0 -13.400 

10 -13.100 
20 -12.300 
30 -11.000 
40 -9.100 
50 -6.700 
60 -3.800 
70 -1.700 
80 0.100 
90 2.000 

100 3.100 
110 3.000 
120 2.300 
130 1.300 
140 -0.700 
150 -2.000 
160 -2.900 
170 -3.500 
180 -3.700 

Table 6.17: Turbine noise directivity 

function (source: Zorumski, 1982) 

Example: 

6. Noise Model 

109,.f* 101091.F 
-1.700 -29.900 
-1.600 -27.400 
-1.500 -24.900 
-1.400 -22.400 
-1.300 -20.400 
-1.200 -18.700 
-1.100 -17.100 
-1.000 -15.600 
-0.900 -14.200 
-0.800 -12.900 
-0.700 -11.700 
-0.600 -10.600 
-0.500 -9.800 
-0.400 -9.200 
-0.300 -9.000 
-0.200 -9.500 
-0.100 -10.500 
0.000 -12.200 
0.100 -14.700 
0.200 -17.800 
0.300 -21.300 
0.400 -25.100 
0.500 -28.900 

Table 6.18: Turbine noise spectrum 

function (source: Zorumski, 1982) 

Input data for the Boeing 757-200 turbine noise estimation is shown in Table 6.19. 

Input Parameter 
Number of engines 2 
Engine diameter (m) 1.95 
Engine reference area (m') 2.986 
Turbine inlet area (m') 0.07 
Turbine rotor diameter (m) 0.53 
Rotor blade mean chord (m) 0.045 
Number of turbine stages 4 
Air-to-fuel ratio 0.0164 
Dimensionless mass flow rate 0.0359 
Dimensionless rotational speed 0.0345 
Dimensionless exit static temperature 3.22 

Table 6.19: Turbine noise input data 

Calculated data is shown in Table 6.20. 
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Calculation 
Helmhollz number 6.76x10·' 
Blade tip Mach number 0.653 
Spectrum function 3.34x10·7 

Directivity function 1.631 
Acoustic power 1.82x10·6 

Dimensionless mean square acoustic pressure 1.51 x1 0.16 

Table 6.20: Turbine noise calculation 

Using equation (6.55) the third octave band SPL is computed to be -1.93dB. In 

practice this is an impossible result. However, at higher frequencies turbine noise does 

generate realistic sound pressure levels as shown in Figure 6.9. Compared to the 

previous noise sources analysed, turbine noise is of significantly higher frequency. In 

practice the high frequency content is 'washed out' over long propagation distances as 

a result of atmospheric absorption and thus turbine noise is rarely a significant noise 

source. 
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Figure 6.9: Turbine noise third octave band spectrum 

269 



6. Noise Model 

6.7 Jet Noise Model 

The NASA ANOPP model recommends several jet noise models depending upon of 

the nozzle configuration and characteristics. Since the data presented in section 6.2 is 

for an engine with a two-stream exhaust flow, of which the inner stream is faster than 

the outer stream, the Stone jet noise model (Stone 1980) is most appropriate. 

The model described here is that presented by Zorumski (1982) which is based an 

updated version of the Stone jet noise model (Stone 1980). 

The model is similar to the previous noise models and uses empirical data for 

directivity and spectrum functions. The total broadband noise is made up of 

contributions from jet mixing noise and shock noise. 

6.7.1 Jet Mixing Noise 

The jet mixing noise mean square acoustic pressure at distance r from the nozzle is 

given by 

(6.56) 

In equation (6.56), the term p2(900
) is the mean square acoustic pressure calculated at 

a the reference distance Fe from the nozzle exit at a polar angle of 900
, where D is 

the directivity function, F the spectral function, H the forward flight effects factor and 

Gc and Gp are nozzle configuration factors. 

Each of the factors in equation (6.56) will be briefly described. A fuller understanding 

of the method may be obtained from Zorumski (1982) or Stone (1980). 

The mean square acoustic pressure at the reference distance Fe, at a polar angle of 

900 is given by 

270 



6. Noise Model 

(6.57) 

where A;.i is the non-dimensional fully expanded jet area, p; and V; are the non

dimensional fully expanded jet density and velocity respectively. All the parameters 

are evaluated for the primary exhaust stream and are non-dimensionalised by Ae, 

p" and Coo respectively. The power OlD is an empirically determined function of V; 
given by 

_ 2(V;t -0.6 
OlD - \l (V; J.5 + 0.6 

(6.58) 

The spectrum function F(S, e') is dependent on the jet mixing Strouhal number S, and 

the modified polar angle given by 

e'=e(v;t (6.59) 

The Strouhal number is defined as 

(6.60) 

and f" is the He1mholtz number given by 

f' = fF- (6.61) 
Coo 
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M~ is the aircraft Mach number and 1\ is the angle between the aircraft flight vector 

and engine axis in degrees, T; is the fully expanded primary jet temperature non

dimensionalised by T~. The is the jet diameter d;.1 is defined as 

(6.62) 

Stone (1980) obtained the spectrum function, F(S,9') empirically. The data is shown 

in Table 6.21. 

The function 0(9') is derived from empirical data and is tabulated in Table 6.22. A 

best function was obtained from the tabulated data which gives the expression 

1 OloglOD =- 0.04989' + 5.4537 

The forward flight effects factor, H is given by 

where 

1.8{[VI'(1-M/VI'r r5 _(VI,)35} 
p.6 + [VI' (1- M/VI'»'3 ITO.6 + (VI' )35 1 

The nozzle configuration factors Gc, gc, Gp. gp are defined as follows. 

For a coaxial nozzle, Gc is given by 
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(
T; )"2j( '/ ')m 1.2[1 + A;.2 (V; Y / A;.I (V; r t I 

G c = -, I-V2 VI + (' / ') (6.66) 
T2 I + A j •2 Av 

The exponent m, is given by 

m=6 

For single nozzle, Gc is equal to I. 

The factor Gp is given by 

( 

2 Jo
.
3 

2Rd 
Gp = 0.10+ 2 

I+Rd 

where ~ is given by 

with 
4A' 

d' = _j,1 (d' Y -d' h,1 7t + p p 

and , ~4A;,1 d - --e,1 - 1t 

(A;'2/A;,1 <29.7) 

(A;,)A;,I ~29,7) 

(6.67) 

(6.68) 

(6.69) 

(6.70) 

where A;,1 is the primary nozzle area non-dimensionalised by Ae and d; is the plug 

diameter non,dimensionalised by ..fA.. 

The factor gc is given by 
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g, = (1- T;f,/T; t 
g, = 1 

where f, is determined empirically and tabulated in Table 6.23. 

6.7.2 Total Jet Noise 

6. Noise Model 

(Coaxial nozzle) 

(Single nozzle) 

The total far field mean square acoustic pressure for is computed by multiplying the 

jet mixing noise mean square acoustic pressure by the number of engines. 

The third octave band sound pressure level (SPL) is then obtained using 

2 4 

SPL = IOlog(P2)' + IOlog Pro c; (6.71) 
Pref 
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6. Noise Model 

1010910 S 1 OIo~ 10 F for 9' of 
0 10 20 30 40 50 60 70 80 90 100 110 120 130 140 150 160 170 180 

-1.700 -39.1 -39.1 -39.1 -39.1 -39.1 -39.1 -39.1 -39.1 -39.1 -39.1 -39.1 -39.1 -42.4 -43.0 -44.5 -42.4 -36.4 -32.8 -29.4 
-1.600 -36.8 -36.8 -36.8 -36.8 -36.8 -36.8 -36.8 -36.8 -36.8 -36.8 -36.8 -36.8 -40.0 -40.2 -41.3 -39.3 -31.9 -28.7 -25.6 
-1.500 -34.5 -34.5 -34.5 -34.5 -34.5 -34.5 -34.5 -34.5 -34.5 -34.5 -34.5 -34.5 -37.6 -37.4 -38.2 -36.2 -27.9 -25.0 -22.2 
-1.400 -32.3 -32.3 -32.3 -32.3 -32.3 -32.3 -32.3 -32.3 -32.3 -32.3 -32.3 -32.3 -35.2 -34.6 -35.0 -33.1 -24.3 -21.7 -19.2 
-1.300 -30.0 -30.0 -30.0 -30.0 -30.0 -30.0 -30.0 -30.0 -30.0 -30.0 -30.0 -30.0 -32.8 -31.8 -31.8 -29.9 -21.1 -18.8 -16.6 
-1.200 -27.7 -27.7 -27.7 -27.7 -27.7 -27.7 -27.7 -27.7 -27.7 -27.7 -27.7 -27.7 -30.4 -29.0 -28.7 -26.8 -18.3 -16.3 -14.3 
-1.100 -25.4 -25.4 -25.4 -25.4 -25.4 -25.4 -25.4 -25.4 -25.4 -25.4 -25.4 -25.4 -28.0 -26.2 -25.5 -23.6 -15.9 -14.1 -12.4 
-1.000 -23.2 -23.2 -23.2 -23.2 -23.2 -23.2 -23.2 -23.2 -23.2 -23.2 -23.2 -23.2 -25.6 -23.4 -22.4 -20.5 -13.8 -12.3 -10.9 
-0.900 -21.1 -21.1 -21.1 -21.1 -21.1 -21.1 -21.1 -21.1 -21.1 -21.1 -21.1 -21.1 -23.2 -20.6 -19.3 -17.5 -12.1 -10.9 -9.7 
-0.800 -19.1 -19.1 -19.1 -19.1 -19.1 -19.1 -19.1 -19.1 -19.1 -19.1 -19.1 -19.1 -20.8 -17.8 -16.1 -14.7 -10.8 -9.8 -8.9 
-0.700 -17.4 -17.4 -17.4 -17.4 -17.4 -17.4 -17.4 -17.4 -17.4 -17.4 -17.4 -17.4 -18.5 -15.2 -13.2 -12.1 -9.9 -9.0 -8.4 
-0.600 -15.9 -15.9 -15.9 -15.9 -15.9 -15.9 -15.9 -15.9 -15.9 -15.9 -15.9 -15.9 -16.2 -13.1 -11.3 -9.9 -9.2 -8.5 -8.9 
-0.500 -14.7 -14.7 -14.7 -14.7 -14.7 -14.7 -14.7 -14.7 -14.7 -14.7 -14.7 -14.7 -14.1 -11.5 -10.0 -8.3 -8.7 -9.0 -9.9 
-0.400 -13.7 -13.7 -13.7 -13.7 -13.7 -13.7 -13.7 -13.7 -13.7 -13.7 -13.7 -13.7 -12.2 -10.2 -9.4 -7.7 -9.2 -10.0 -11.8 
-0.300 -12.8 -12.8 -12.8 -12.8 -12.8 -12.8 -12.8 -12.8 -12.8 -12.8 -12.8 -12.8 -10.9 -9.6 -9.1 -8.3 -10.2 -11.8 -13.9 
-0.200 -12.1 -12.1 -12.1 -12.1 -12.1 -12.1 -12.1 -12.1 -12.1 -12.1 -12.1 -12.1 -10.2 -9.3 -9.4 -9.7 -12.0 -13.8 -16.0 
-0.100 -11.6 -11.6 -11.6 -11.6 -11.6 -11.6 -11.6 -11.6 -11.6 -11.6 -11.6 -11.6 -9.9 -9.6 -9.9 -11.6 -13.9 -15.8 -18.1 
0.000 -11.3 -11.3 -11.3 -11.3 -11.3 -11.3 -11.3 -11.3 -11.3 -11.3 -11.3 -11.3 -10.2 -10.2 -10.9 -13.4 -15.8 -17.8 -20.2 
0.100 -11.1 -11.1 -11.1 -11.1 -11.1 -11.1 -11.1 -11.1 -11.1 -11.1 -11.1 -11.1 -10.6 -11.4 -12.4 -15.2 -17.7 -19.8 -22.3 
0.200 -11.2 -11.2 -11.2 -11.2 -11.2 -11.2 -11.2 -11.2 -11.2 -11.2 -11.2 -11.2 -11.1 -12.7 -14.0 -17.0 -19.6 -21.8 -24.4 
0.300 -11.3 -11.3 -11.3 -11.3 -11.3 -11.3 -11.3 -11.3 -11.3 -11.3 -11.3 -11.3 -11.8 -14.0 -15.6 -18.8 -21.5 -23.8 -26.5 
0.400 -11.7 -11.7 -11.7 -11.7 -11.7 -11.7 -11.7 -11.7 -11.7 -11.7 -11.7 -11.7 -12.7 -15.3 -17.2 -20.6 -23.4 -25.8 -28.6 
0.500 -12.3 -12.3 -12.3 -12.3 -12.3 -12.3 -12.3 -12.3 -12.3 -12.3 -12.3 -12.3 -13.7 -16.6 -18.8 -22.3 -25.3 -27.8 -30.7 
0.600 -13.0 -13.0 -13.0 -13.0 -13.0 -13.0 -13.0 -13.0 -13.0 -13.0 -13.0 -13.0 -14.7 -18.0 -20.4 -24.1 -27.2 -29.8 -32.8 
0.700 -13.7 -13.7 -13.7 -13.7 -13.7 -13.7 -13.7 -13.7 -13.7 -13.7 -13.7 -13.7 -15.8 -19.3 -22.1 -25.9 -29.1 -31.8 -34.9 
0.800 -14.6 -14.6 -14.6 -14.6 -14.6 -14.6 -14.6 -14.6 -14.6 -14.6 -14.6 -14.6 -16.9 -20.7 -23.7 -27.7 -31.0 -33.8 -37.0 
0.900 -15.6 -15.6 -15.6 -15.6 -15.6 -15.6 -15.6 -15.6 -15.6 -15.6 -15.6 -15.6 -18.0 -22.0 -25.3 -29.5 -32.9 -35.8 -39.1 
1.000 -16.7 -16.7 -16.7 -16.7 -16.7 -16.7 -16.7 -16.7 -16.7 -16.7 -16.7 -16.7 -19.2 -23.4 -26.9 -31.3 -34.8 -37.8 -41.2 
1.100 -17.8 -17.8 -17.8 -17.8 -17.8 -17.8 -17.8 -17.8 -17.8 -17.8 -17.8 -17.8 -20.4 -24.7 -28.5 -33.1 -36.7 -39.8 -43.3 

Table 6.21: Jet mixing noise spectrum function (IOIogIOF) (source: Zorumski 1982) 
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1010910 S 1010! 10 F for S' of 
0 10 20 30 40 50 60 70 80 90 100 110 120 130 140 150 160 170 180 

1.200 -18.9 -18.9 -18.9 -18.9 -18.9 -18.9 -18.9 -18.9 -18.9 -18.9 -18.9 -18.9 -21.6 -26.1 -30.1 -34.9 -38.6 -41.8 -45.4 
1.300 -20.1 -20.1 -20.1 -20.1 -20.1 -20.1 -20.1 -20.1 -20.1 -20.1 -20.1 -20.1 -22.8 -27.5 -31.7 -36.7 -40.5 -43.8 -47.5 
1.400 -21.3 -21.3 -21.3 -21.3 -21.3 -21.3 -21.3 -21.3 -21.3 -21.3 -21.3 -21.3 -24.0 -28.8 -33.3 -38.5 -42.4 -45.8 -49.6 
1.500 -22.4 -22.4 -22.4 -22.4 -22.4 -22.4 -22.4 -22.4 -22.4 -22.4 -22.4 -22.4 -25.2 -30.2 -34.9 -40.3 -44.3 -47.8 -51.7 
1.600 -23.6 -23.6 -23.6 -23.6 -23.6 -23.6 -23.6 -23.6 -23.6 -23.6 -23.6 -23.6 -26.4 -31.5 -36.5 -42.0 -46.2 -49.8 -53.8 
1.700 -24.8 -24.8 -24.8 -24.8 -24.8 -24.8 -24.8 -24.8 -24.8 -24.8 -24.8 -24.8 -27.6 -32.8 -38.1 -43.8 -48.1 -51.8 -55.9 
1.800 -26.0 -26.0 -26.0 -26.0 -26.0 -26.0 -26.0 -26.0 -26.0 -26.0 -26.0 -26.0 -28.8 -34.1 -39.7 -45.6 -50.0 -53.8 -58.0 
1.900 -27.2 -27.2 -27.2 -27.2 -27.2 -27.2 -27.2 -27.2 -27.2 -27.2 -27.2 -27.2 -30.0 -35.5 -41.3 -47.4 -51.9 -55.8 -60.1 

Table 6.21 (continued) 
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6(°\ 10109'00 
110 0.00 
120 -0.51 
130 -1.07 
140 -1.56 
150 -1.98 
160 -2.55 
170 -3.00 
180 -3.50 
190 -4.01 
200 -4.52 

Table 6.22: Jet mixing noise directivity function (source: Zorumski, 1982) 

log(l + A;.2/ A;.l) F. for V; Iv; of 
0.20 0.40 0.60 0.80 1.00 

0.00 0.00 0.00 0.00 0.00 0.00 
0.05 0.04 0.05 0.06 0.05 0.04 
0.10 0.07 0.90 0.12 0.10 0.08 
0.15 0.11 0.13 0.18 0.15 0.12 
0.20 0.14 0.17 0.23 0.20 0.16 
0.25 0.16 0.21 0.28 0.25 0.20 
0.30 0.19 0.25 0.33 0.29 0.23 
0.35 0.21 0.28 0.37 0.33 0.26 
0.40 0.24 0.31 0.41 0.37 0.30 
0.45 0.25 0.35 0.45 0.40 0.32 
0.50 0.27 0.38 0.48 0.43 0.35 
0.55 0.28 0.41 0.51 0.46 0.38 
0.60 0.28 0.43 0.53 0.48 0.41 
0.65 0.29 0.46 0.56 0.52 0.43 
0.70 0.29 0.48 0.59 0.54 0.45 
0.75 0.30 0.51 0.61 0.56 0.48 
0.80 0.30 0.53 0.64 0.59 0.50 
0.85 0.30 0.55 0.65 0.61 0.52 
0.90 0.30 0.57 0.67 0.63 0.54 
0.95 0.30 0.59 0.69 0.64 0.56 
1.00 0.30 0.61 0.71 0.65 0.58 
1.05 0.30 0.63 0.73 0.68 0.60 
1.10 0.30 0.65 0.74 0.69 0.61 
1.15 0.30 0.66 0.75 0.70 0.63 
1.20 0.30 0.68 0.77 0.72 0.65 
1.25 0.30 0.69 0.78 0.73 0.66 
1.30 0.30 0.71 0.79 0.74 0.67 
1.35 0.30 0.72 0.81 0.75 0.69 
1.40 0.30 0.73 0.82 0.76 0.70 
1.45 0.30 0.74 0.83 0.77 0.71 
1.50 0.30 0.76 0.84 0.78 0.73 
1.55 0.30 0.77 0.85 0.80 0.74 
1.60 0.30 0.78 0.86 0.81 0.75 

Table 6.23: Jet mixing noise coaxial nozzle flow parameter (source: Zorumski, 

1982) 

277 



6. Noise Model 

Example: 

The jet mixing noise input parameters are listed in Table 6.24. The noise calculation 

results are shown in Table 6.25. 

Input Parameter 
Number of engines 
Engine diameter (m) 
Engine reference area (m') 
Plug nozzle diameter (m) 
Nozzle configuration 
Plug configuration 

Primary Stream 
Dimensionless jet fully expanded jet area 
Jet Mach number 
Dimensionless jet total temperature 
Dimensionless jet velocity 
Dimensionless jet density 

Secondary Stream 
Dimensionless jet fully expanded jet area 
Jet Mach number 
Dimensionless jet total temperature 
Dimensionless jet velocity 
Dimensionless jet density 

2 
1.95 

2.986 
0.2 

Coaxial nozzle 
Nozzle with plug 

0.275 
0.535 
3.350 
0.823 
0.337 

0.890 
0.725 
1.150 
0.754 
1.035 

Table 6.24: Jet mixing noise input data 

Noise Calculation 
Helmholtz number 
Dimensionless primary jet diameter 
Dimensionless plug nozzle hydraulic diameter 
Dimensionless nozzle equivalent diameter 
Stationary jet density exponent 
Modified directivity angle (") 
Mean square acoustic pressure (at 90°) 

V;/vt 
log(l + A;.2! A;.,) 
f, 
gc 
gp 
Gc 
Gp 
Strouhal number 
Spectrum function 
Directivity function 
Moving aircraft jet density exponent 
Forward flight effects factor 
Dimensionless mean square acoustic pressure 

Table 6.25: Jet mixing noise calculation 
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0.259 
0.592 
0.424 
0.592 
0.255 
88.86 

1.187x10·7 

0.916 

0.627 

0.455 
1.185 
0.876 

5.15 
0.928 
0.686 

6.43x10·2 

1 
-0.566 
0.317 

5.14x10·14 



6. Noise Model 

The third octave band jet noise spectrum is shown in Figure 6.10. Smith (1989) notes 

for two stream jet flows that the core stream contains most of the low frequency 

energy and the bypass stream contains a greater proportion of higher frequency 

content. This can be seen in Figure 6.10 as there is a small second peak around 

200Hz, associated with the bypass stream. The effect is small for this case as the 

parameter V; /Vt' is relatively high at this power setting. For different power settings 

and different engines with lower values for V; /vt' the second peak will occur at a 

higher frequency and be more pronounced. 
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Figure 6.10: Jet noise third octave band spectrum 

6.8 Total Aircraft Noise 

During this chapter third octave band sound pressure levels have been estimated for 

all major airframe and powerplant components. Theses components can be summed 

logarithmically to determine the overall third octave band spectrum. This is illustrated 

in Figure 6.11 for the Boeing 757-200 overhead the flyover measuring point (8=90°). 

Although jet noise is a significant noise source, the low power setting at this point has 

reduced the magnitude of jet noise (compared with say full power) and hence both fan 

and core noise are also significant. Airframe noise is seen to be around l5dB below 

the total noise level. 
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Figure 6.11: Overall third octave band spectrum 

6.9 Noise Suppression 

Suppression technologies discussed in chapter 2 showed that lining the interior of the 

nacelle with a multi-layered material, typically consisting of a honeycomb core, 

enabled sound energy to be absorbed within the nacelle structure. The process is 

complex and the effectiveness of absorbent liners is a function of engine power level, 

third octave band frequency and directivity angle. In this model noise suppression is 

handled according to the ICAO Noise Prediction Subcommittee recommendations 

reported by Zorumski (1982). The method assumes that the suppression value for 

each noise component is dependent upon the amount of liner used in the engine. It 

was noted in Chapter 2 that the Rolls Royce RB211 contains 21m2 ofliner material. 

Figure 6.12 shows the locations and extent of noise suppression on a modern turbofan 

engine. 
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Fan bypass duct (inner wall) and core 
suppression material 

Inlet noise 
suppression material 

Fan bypass duct (outer wall) 
suppression material 

~I 
1'" I 

Internal jet 
exhaust mixer 

Figure 6.12: Application of engine noise suppression technology (engine cross

section source: Jane's All The World's Aircraft) 

6.9.1 Inlet Noise Suppression 

The fan inlet noise is assumed to be suppressed 10dB per fan diameter of equivalent 

length of effective wall lining. The subcommittee recommended the overall 

suppression is limited to IOdB. This basic model agrees with reports that McDonnell 

Douglas extended the nacelle inlet to increase the space available for acoustic liner 

(Aviation Week & Space Technology 1993). Inspection ofa modem nacelle and 

turbofan engine shown in Figure 6.12. shows that it is possible to achieve the 

maximum 10dB suppression of fan inlet noise. 

6.9.2 Bypass Duct Noise Suppression 

The bypass duct may be lined on either inner or outer walls or both. If only the inner 

wall is lined the suppression is recommended to be 4.9dB/m of liner. If only the outer 

wail is lined the suppression is 6.6dB/m. If both walls are lined the suppression is 

9.8dB/m per metre. The subcommittee recommended a maximum attenuation of 10dB 

for engines with a bypass ratio greater than 2. Inspection of Figure 6.12 shows that it 

is likely that modem engines will attain the maximum attenuation of 10dB. 
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6. Noise Model 

6.9.3 Core Noise Suppression 

The ICAQ noise subcommittee recommended that core noise is attenuated 3.3dB/m of 

acoustic liner. Inspection of Figure 6.12 shows that approximately Im of liner may be 

incorporated in a modem engine, corresponding to an attenuation of3.3dB. 

6.9.4 Turbine Noise Suppression 

Any liner designed to suppress core noise will also suppress turbine noise by the same 

amount. Additionally, lining designed to reduce turbine noise may attenuate turbine 

noise at 9.8dB/m. The subcommittee recommended that the maximum attenuation be 

limited to 20dB. Based on Figure 6.12 it is possible to consider O.5m of liner 

surrounding the turbine. Combined with the core suppression this suggest a total 

attenuation of 8.2dB which will be used as a baseline for the validation and 

application scenarios. 

6.9.5 Jet Noise Suppression 

Jet noise suppression is achieved through the use of flow mixers. These either, in the 

case of a turbojet engine mix the core exhaust flow with the atmosphere, or in the case 

of a turbofan engine mix the hot core exhaust flow with the colder and slower moving 

bypass exhaust flow. The engine shown in Figure 6.12 uses a internal mixer to reduce 

core exhaust velocities. 

The ICAQ subcommittee presented a method to determine jet noise attenuation for a 

supersonic flow which is slowed with the use of a mixer. In the case of the empirical 

data used in the model, the engine does not contain a mixer and thus jet noise 

suppression is inappropriate. Additionally, examination of Table 6.1 shows that 

neither of the exhaust flows ever become supersonic. In view of this the engine will 

be assumed to have no jet noise suppression. 

6.10 Atmospheric Effects 

The noise prediction models described in the previous sections assume that the sound 

propagates from the source following the laws of spherical spreading. However, 

additional sound decay occurs in the atmosphere due to molecular absorption. At the 

peak noise level frequencies, it may only amount to 1 to 2dB but is included here for 

completeness. Additionally all the engine noise prediction methods assume that there 
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is no directivity effect in the XY plane. In practice when the measuring point is not 

directly under the flight path noise levels will be attenuated compared to those 

predicted for direct over flights. This effect is increased when the aircraft is on the 

ground and at the same level as the measuring point. Often airborne and ground 

attenuation effects are grouped together and termed lateral attenuation. 

The following sections present standard methods for the computation of atmospheric 

absorption rates and lateral attenuation effects. 

6.10.1 Atmospheric absorption 

The atmospheric absorption model used is that presented by Zorurnski (1982) which 

is based on ANSI S 1.26-1978 (ANSI 1978). Atmospheric absorption is dependent on 

atmospheric conditions and in particular the relative humidity of the atmosphere. 

Standard conditions for aircraft certification define a relative humidity level of70 

percent. 

The absolute humidity level is computed from the relative humidity using 

h = (~: ) x I 0(8.4256-1O(1O.1995/T'}-4.9221og T') (6.72) 

where p* is the non-dimensional pressure (relative to 101325Pa) and T* is the non

dimensional temperature (relative to 288.l5K). 

The atmospheric absorption coefficient is expressed as 

ex. = a. c1 + a mt + (X.vib,o + cx.vib,n (6.73) 

where Clcl is the c1assicalloss due to thermal and viscous effects, Urot is the molecular

absorption loss resulting from rotational relaxation of oxygen and nitrogen molecules. 

Clvib,o and Clvib,n are the molecular-absorption loss due to vibrational relaxation of 

oxygen and nitrogen molecules respectively. 
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The relaxation frequencies in hertz for nitrogen and oxygen are computed using the 

following empirical expressions 

f = * I(T *)1/2(293 151T)1/2 rI,n P . 

x (9.08 + 340.65hexp{- 6. 178[(T *t1/3 -I]}) 

f<1.o = P * {24 + 44100h[(0.05 + h)/(0.391 + h)D 

The classical and rotational absorption coefficients are combined together and 

computed using 

(6.74) 

(6.75) 

(6.76) 

The absorption coefficient due to vibrational relaxation of oxygen molecules is given 

by 

U"b.o = (9.555 X 10-4 Xf/c, XT *t
S/2 

x exp[7.771(T* -I)/T * ][2f x f<1.0/(f 2 + f,;Jj 
(6.77) 

The absorption coefficient due to vibrational relaxation of nitrogen molecules is given 

by 

U"b.o = (1.683 X 10-4 
Xf/c, XT *t/2 

x exp[11.633(T * -1)/T*][2f X f'l.n /(f 2 + f,;..)j 
(6.78) 

In the above equations, Cr is the reference speed of sound at sea-level ISA conditions 

and f is the third octave band frequency. The relaxation coefficients are computed for 

each of the 24 third octave bands. The total absorption coefficient is then computed 

using equation (6.73). 

The absorption levels computed using the above equations have units of nepers per 

metre. They are converted to decibels by multiplying by 8.69. At a given aircraft 
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location the total atmospheric absorption is the absorption rate in decibels per metre 

multiplied by the distance between the noise source and the measuring point. 

Example: 

Using ANSI S126 atmospheric absorption coefficients have been computed as a 

function of third octave band centre frequency for ISA conditions and 70 percent 

relative humidity. The relaxation frequencies for nitrogen and oxygen are 77.2Hz and 

3755Hz respectively. The absorption coefficient is plotted in Figure 6.13 as decibels 

per lOOm. The effect is small for frequencies below 1000Hz. Above this value, the 

absorption coefficient is increases rapidly. Over relative large propagation distances 

atmospheric absorption will tend to 'wash out' high frequency sound. 
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Figure 6.13: Atmospheric absorption coefficients 

6.10.2 Lateral attenuation 

100000 

Lateral attenuation defines the attenuation of sound levels for when the aircraft flight 

path does not path directly over the measuring locations. For noise certification 

measuring points this only applies to the sideline measuring point, but lateral 

attenuation is, however, important when computing noise contours. 
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Zorumski (1982) presents a method to account for lateral effects, ground reflection 

and attenuation in the NASA ANOPP model. The method is complex and requires 

that the one-third octave bands are subdivided into smaller bands, typically one

fifteenth octave bands, before corrections are made. 

An alternative and now widely adopted standard for lateral attenuation effects is 

presented in SAE-AIR-1751 (SAE 1981). The method combines the effects of both 

over-ground attenuation and air-to-ground attenuation. The attenuation levels are 

separated into categories, first when the aircraft is on the ground and secondly when 

the aircraft is in the air. The two scenarios are depicted in Figure 6.14. 

Lateral distance Lateral distance 
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Figure 6.14: Geometry for the calculation oflateral attenuation 

When the aircraft is located on the ground the attenuation in decibels is given by the 

following equations 

G(.e) = 15.09(1- e -0002741) 

G(g) = 13.86 

O:s; g :s; 914 

g >914 
(6.79) 

where G(g) is the over-ground lateral attenuation in decibels as a function oflateral 

distance g. 

When the aircraft is airborne the following equations apply. For lateral distances 

greater than 914m, the air-to-ground lateral attenuation is given by 
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0° => P => 60° 

60° => P => 90° 

6. Noise Model 

(6.80) 

where A(P) is the air-to-ground lateral attenuation in decibels and P is the elevation 

angle in degrees as defined in Figure 6.14. 

For lateral distances less than 914m, 

A(p,e) = [O(e)!A(p)l!13.86 (6.81) 

6.11 Noise Metrics 

The basic output from the noise model is one-third octave band SPL data. This is 

converted to an established noise metric using standard methods. One of the most 

noise metrics used is A-weighted SPL. This consists of a simple correction to the SPL 

at each one-third octave frequency. The A-weighting scale is designed to reflect the 

human response to aircraft noise. Figure 6.15 shows the A-weighting corrections as a 

function of third octave band frequency. 
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Figure 6.15: A-weighting scale 
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The maximum A-weighted SPL is often referred to as LAmax. Many airports now 

define noise limits based on LAmax including Heathrow, Copenhagen and Prague as 

discussed in Chapter 2. The metric has limitations in terms of how well it conveys the 

annoyance of aircraft noise but is simple to measure and calculate. 

Another popular metric is Perceived Noise Level (PNL). PNL is an old metric which 

in the late 1950's and early 1960's was deemed to best reflect human annoyance to 

aircraft noise. SPL data is first converted to Noy levels using either mathematical 

methods or a pre-determined Noy table. This method is described in full in ICAO 

Annex 16 (ICAO 1985) and CAP 335 (HMSO 1970). 

As well as attempting to relate sound pressure levels to the response of the human ear, 

it is also accepted that noise levels are a function of duration and spectral irregularities 

as well peak level. The noise duration may be included by integrating the noise 

energy in terms of the LAmax values over a given period. This results in the Sound 

Exposure Level metric often referred to as SEL. The significant noise from an over 

flight is integrated by including all LAmax values within 10dB of the peak LAmax value. 

This duration is illustrated graphically in Figure 6.16. 
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Figure 6.16: Definition of significant noise duration for SELIEPNL calculation 

Assuming that the noise level at time step K is LAmax(k) then the SEL is computed 

using 
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(6.82) 

where d is the duration and tJ.T is the time step which is recommended by rCAO to be 

one half second. The SEL metric is often used for computing airport noise contours 

due the relatively simple process used to compute integrated noise levels. 

Although SEL accounts for peak noise level and noise duration, it does not consider 

the spectral content of the noise. Aircraft noise is made up of several components 

which include broadband and pure tone noise. The latter results in sharp fluctuations 

in third octave band noise level. This is perceived by the human ear as more irritating 

than if the noise simply consisted of a constant level with respect to frequency. This 

effect is accounted for by analysing the change of noise level for each third octave 

band pair. The result is a tone correction value which is added to the peak noise level 

to account for the added annoyance caused by spectral irregularities. The tone 

correction is often added to the Perceived Noise Level (PNL) metric resulting in the 

Tone Corrected Perceived Noise Level (PNL T). This is normally done using the 

standard method which is described rCAO Annex 16 (rCAO 1985) and CAP 335 

(HMSO 1970). 

To account for the noise duration, the noise energy is then integrated between limits 

where the PNL T is 10dB below the peak PNL T value in a similar process to that used 

for computing SEL. Since PNL T is not known as a continuous function, but at 

discrete time intervals normally of 0.5 seconds, EPNL is given by 

EPNL = 1010g - LtJ.t x antilog--~ [( 
1 )dlAT PNLT(k)] 

T k.O 10 
(6.83) 

According to rCAO Annex 16, T=10s and tJ.T=0.5s. Equation (6.83) can now be re

written as 

EPNL=1010g Lantilog -13 
[ 

2d PNLT(k)] 

k.O 10 
(6.84) 
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where d is the integer number of points within the portion of significant noise. 

Thus, EPNL accounts for both the human ear's response to aircraft noise, peak level, 

spectral content, and the duration of the noise. The EPNL metric is primarily used to 

compute noise levels at the three certification measuring points during aircraft noise 

certification. It is seldom used for computing noise contours due to the processing 

time required. 

For the analysis undertaken in this thesis, the EPNL metric has been used to compare 

predicted and measured certification noise levels and also for point noise 

comparisons. For noise contours the A-weighted metric is used. 

Example: 

Figure 6.17 shows the PNLT time history for a Boeing 757-200 during the flyover 

measurement (6.5km from start of roll). The maximum PNLT value is 81.37PNdB. 

Integrating over the portion of significant noise results in an EPNL figure of 

82.7EPNdB. In this case the duration correction was 1.33dB. Whether the correction 

is positive or negative depends on aircraft type, speed and altitude. In most cases the 

correction is normally positive. 
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Figure 6.17: Boeing 757-200 PNLT time history 
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7. Model Validation 

7.1 Introduction 

The aim of this chapter is to demonstrate validation of the complete model. Although 

validation of sub-models has been shown in chapters 4 and 5 it is necessary to 

examine the interactions between sub-models in what is a highly complex subject. 

Noting the difficulty and sensitivity in obtaining flight path and noise data from 

aircraft manufacturers and other third parties, it is appropriate to validate the complete 

model against published aircraft noise certification data. The benefits of this approach 

stem from the highly regulated conditions under which aircraft noise certification is 

done. Systematic rules are laid in either FAR Part 36 or ICAO Annex 16 describing 

how an aircraft is flown during either departure or arrival certification tests. This 

information can be used to determine flight profiles and aircraft thrust settings to a 

high level of accuracy. The flight profile information is then used compute 

instantaneous noise levels at regular time intervals during the aircraft overflight. 

The approach of using published aircraft noise certification data was used to validate 

the NASA ANOPP model. Kappa (1979) reported results for the Douglas DC1 0 

compared with the highest published certification noise levels and found agreement to 

be within 2EPNdB. A similar study is now performed for the Boeing 747-400 and 

Boeing 757-200 aircraft which are available with the Rolls Royce RB211-524G/H 

and RB211-535E4 engines respectively. These two aircraft have been chosen since 

the engine used are similar to the generic engine for which data was obtained from 

Rolls Royce. Both are high bypass ratio 3-shaft turbofan engines. The fans use 

supersonic wide chord blades with no inlet guide vanes. The core of both engines is 

similar, the greater thrust of the RB211-5241H attributable to the larger diameter fan 

and increased mass flow rate which also increases engine bypass ratio. 

Before introducing any results it is useful to describe the certification process and the 

generation of flight profile data for each of the three certification measuring points. 
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7.1.1 Sideline 

The sideline certification noise level is arguably the most difficult of the three levels 

to predict. This is because the location is fixed only in one dimension, 450m to the 

side of the runway centreline. The sideline noise level is then defined as the maximum 

level at any point along this line. A typical departure footprint showing the location of 

the maximum sideline noise level is shown in Figure 7.1. 

Maximum sideline noise level 

• _ ••••• -- --. -- •••• -- ••••• " • ,,- -- -- -- -- -- " •...•••••••• " •• " ':;';---:=. ---"-=-"=" :'::':"" -- -" -- -- -- "" -" "--,, 

450m 

Figure 7.1: Typical departure noise footprint 

As the aircraft accelerates along the runway noise levels diminish as the duration of 

significant noise reduces, the EPNL metric used for certification accounting for 

duration of the noise event. After rotation noise levels begin to increase as the aircraft 

increases altitude and the effects oflateral attenuation are reduced. At some point the 

effects of increasing distance (height) and reducing lateral attenuation balance and the 

sideline noise level reaches a maximum and then begin to decrease. The aircraft 

height associated with maximum sideline noise levels is typically 1 ,OOOft for civil 

transport aircraft, irrespective of aircraft type. ICAO Annex 16, however, notes that, 

'sufficient lateral test noise measurements shall be used to demonstrate to the 

certificating authority that the maximum noise level on the lateral line has been 

clearly determined'. It is also important when the sideline certification test is carried 

out that it must not be affected by thrust cutback normally performed during the 

flyover certification test. 

292 



7. Model Validation 

7.1.2 Flyover 

The flyover certification noise level is measured at a point on the extended centre-line 

of the runway at a distance 6,500m from start of roll. The test is conducted such that 

the certificated noise level is the minimum achievable level. The reference takeoff 

flight is calculated according to ICAO Annex 16 as follows: 

a) Thrust cutback is made at a height of at least: 

aeroplanes with 2 engines or less - 300m (985ft) 

aeroplanes with 3 engines - 260m (855ft) 

aeroplanes with 4 engines - 210m (690ft) 

b) Upon reaching the height specified in a), the thrust or power shall not be 

reduced below that required to maintain: 

i) a climb gradient of 4 percent; and 

ii) in the case of multi-engined aeroplanes, level flight with one engine 

inoperative. 

whichever thrust or power is greater 

c) the speed shall be the all-engines operating takeoff climb speed selected by the 

applicant for use in operation, which shall be at least V 2 + 1 0 knots but not 

greater than V 2 + 20 knots and which shall be attained soon as practicable after 

liftoff and be maintained through the takeoff noise certification test. 

d) a constant takeoff configuration selected by the applicant shall be maintained 

throughout the takeoff reference procedure except that the landing gear may be 

retracted. Configuration shall be interpreted as meaning the conditions of the 

systems and centre of gravity position, shall include the position of lift 

augmentation devices used, whether the APU is operating, and whether air 

bleeds and power off-takes are operating. 
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e) the mass of the aeroplane at the brake release shall be the maximum takeoff 

mass at which the noise certification is requested. 

Determining the thrust required after cutback is relatively simple. The point of thrust 

cutback is more difficult to determine and several tests will be normally be done. For 

modelling purposes an iterative approach is taken beginning with thrust cutback at 

6,OOOm from start of roll. The ideal point is to complete cutback just prior to the 

duration of significant noise used in the EPNL calculations. This is illustrated in 

Figure 7.2. It is, however, possible through careful optimisation to delay cutback and 

include a proportion of full power noise in the EPNL calculation. This will slightly 

increase flyover height and reduce noise levels for the remainder of the flyover. This 

technique is illustrated by the dashed line in Figure 7.2. 
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Figure 7.2: Optimum thrust cutback height 

7.1.3 Approach 

The approach reference point is on the extended runway centreline, 2,OOOm from the 

landing runway threshold. Since the aircraft is required to cross the landing threshold 

at a height of 50ft (l5.24m) on a 30 gIideslope it is assumed that touchdown occurs 

300m later. Based on a total distance of 2,3 OOm the reference height at the measuring 

point is 120m. ICAO Annex 16 additionally notes that the approach reference flight 

path shall be calculated as follows: 

294 



7. Model Validation 

a) the aeroplane shall be stabilised and following a 3° glide path; 

b) the approach shall be made at a stabilised airspeed of not less than the 

minimwn value ofVREF + 10 knots with thrust or power stabilised during 

approach and over the measuring point, and continued to a normal touchdown; 

Note: The minimum value ofVREFis defined as 1.3Vs or approximate 

equivalent of 1. 23 VS1G. 

c) the constant approach configuration as used in the airworthiness certification 

tests, but with landing gear down, shall be maintained throughout the approach 

reference procedure; 

d) The mass of the aeroplane at the touchdown shall be the maximum landing 

mass permitted in the approach configuration defined in part c) at which noise 

certification is requested; and 

e) the most critical (that produces the highest noise level) configuration with 

normal deployment of aerodynamic control surfaces including lift and drag 

producing devices, at the mass at which certification is requested shall be 

used. This configuration includes all those items that will contribute to the 

noisiest continuous state at the maximwn landing mass in normal operation. 

7.2 Boeing 747-400 

The Boeing 747-400 is the latest derivative of the Boeing 747 four-engined wide 

bodied airliner which first entered service in 1970. The -400 series entered service in 

1988 and features advanced technology engines with Full Authority Digital Engine 

Control (FADEC). Externally the aircraft is differentiated from earlier versions by the 

increased wing span and winglets. The aircraft also makes use of advanced materials 

in the fuselage floors and undercarriage to reduce structural mass. The aircraft is 

available with either Pratt & Whitney PW4056, General Electric CF6-802C2-BIF or 

Rolls Royce RB211-524GIH turbofan engines, each of which produce between 252.4 

and 269.6kN of thrust. Certification noise levels for the three variants are listed in 

Table 7.1. 
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Location 
Certification Level (EPNdB) 

GE CF6-80C2B1 F PW4056 RB211-524H 
Sideline 98.2 101.5 99.5 
Flyover 99.8 99.7 98.8 
Approach 103.8 104.7 103.8 

Table 7.1: Boeing 747-400 certificated noise levels (source: FAA 1996) 

There is considerable variation in certificated noise levels between variants. In general 

the GE engine is the quietest, followed by the RR and PW engines. Although the RR 

engine contains an integrated exhaust mixer it does not significantly reduce sideline 

noise levels where jet noise is dominant. The two US engines have separate 'hot' and 

'cold' exhaust streams. Since the noise model is based on an engine with separate 

exhaust streams either of the US engines are most suitable for model validation. 

7.2.1 Flyover 

To achieve the minimum noise level at the flyover measuring point, the aircraft must 

reduce power at sufficient distance before the measuring point. The power level must 

be reduced to the maximum thrust level to produce a 4 percent climb gradient with all 

engines operating or level flight with one engine inoperative. In the case of the four

engined Boeing 747-400 the limiting factor is a 4 percent climb gradient with all 

engines operating. Flyover noise levels (EPNL) where then computed for different 

cutback heights. The results are shown in Figure 7.3. 
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Figure 7.3: Boeing 747-400 cutback height for minimum flyover noise 
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The optimum cutback height is seen to be around 1, 170ft. Below this height thrust 

cutback increases flyover noise level. Above this altitude the flyover time history 

includes greater proportions of full power noise and hence flyover noise increases. 

Above a height of about 1 ,500ft the flyover noise level remains constant. This is 

because the entire flyover time history is associated with full power, i.e. cutback is 

made beyond the measurement area and has no effect on flyover noise level. 

Comparing this level (99.83EPNdB) with the minimum level (96.36EPNdB) shows 

that thrust cutback is worth approximately 3.5EPNdB. The flight profile associated 

with minimum flyover noise is shown in Figure 7.4. Cutback occurs at 5.97km from 

start of roll- approximately 530m before the noise measuring point. 
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Figure 7.4: Boeing 747-400 certification takeoff profile 

The time history associated with minimum flyover noise is shown in Figure 7.5. 

Instantaneous tone corrected perceived noise level increases as the aircraft approaches 

the measurement point. The discontinuity visible at 82 seconds is the point of thrust 

cutback. Thus the optimum procedure includes a proportion of full power noise. The 

first peak around 85 seconds is due to fan noise. Fan noise then decreases once the 

aircraft passes overhead and the second peak is due to jet noise. This then decays as 

aircraft height and distance increase. The fan noise peak is around 2-3PNdB higher 

than the j et noise peak. 
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Figure 7.5: Boeing 747-400 flyover noise time history 

Predicted EPNL and Lmax flyover noise levels are shown in Table 7.2. The predicted 

noise levels compare favourably with certification data. In order to achieve the 

predicted levels, source levels from ANOPP have been reduced due to the use of 

noise suppression technology within the engine nacelle. The suppression levels are 

based on the method presented in chapter 6 and are listed and discussed further in 

section 7.4.1. The flyover time history and levels in Figure 7.2 are based on ISA 

conditions with zero wind. ICAO Annex 16 specifies that the reference conditions are 

ISA+10°C, 70 percent relative humidity and zero wind. It also notes that ISA data 

may be corrected to ISA+ 10°C by adding lEPNdB. This has been done for the 

comparison in Table 7.2. 

Metric 
Certification Prediction Difference 

(EPNdB) (EPNdB) (EPNdB) 
EPNL 98.8 97.36 -1.44 
Lmax 89.0 89.73 +0.73 

Table 7.2: Boeing 747-400 flyover noise prediction 

Good correlation is obtained for both Lmax and EPNL noise metrics. This suggests that 

both instantaneous maximum level and the duration of significant noise are 

approximately correct. The slight under prediction for EPNL is probably due to the 

higher bypass ratio of the generic engine data reducing jet exhaust velocities and 

hence the level of jet noise. 
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7.2.2 Sideline 

For the Boeing 747-400 at maximum takeoff weight, an altitude of 1,000ft 

corresponds to a distance of 5,550m from start of roll. Sideline noise levels have been 

predicted at this and additional points as shown in Figure 7.6. The maximum sideline 

noise level is seen to occur at a distance of approximately 5,500m for start of roll. 

This corresponds to an altitude of 980ft, close to the expected result. 
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Figure 7.6: Boeing 747-400 sideline noise 

Correcting the maximum value from Figure 7.6 to the reference conditions of 

ISA+IO°C gives a sideline noise level of 97.4EPNdB. A comparison with certification 

data is shown in Table 7.3. Lmax data is not reported by manufacturers for the sideline 

test. An under prediction of 2.1 EPNdB is found relative to the RB211-524H engined 

variant. Comparing with the GE CF6-80C2BIF powered Boeing 747-400 reduces the 

difference to -0.8EPNdB. The main reason for under prediction is likely to be the 

lower jet exhaust velocities used with the generic engine data, the under prediction 

being greater than for flyover test as jet noise is far more significant at the high power 

settings associated with the sideline noise certification test. 

Metric 
Certification Prediction Difference 

(EPNdB) (EPNdB) (EPNdB) 
EPNL 99.2 97.4 -2.1 

Table 7.3: Boeing 747-400 sideline noise prediction 
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7.2.3 Approach 

The approach procedure is highly constrained as described in section 7.1.3. Therefore 

it only necessary to predict a single level for each metric. The instantaneous Lmax 

value is very close to reported data as shown in Table 7.4. The EPNL value, however, 

is over 2.0EPNdB lower than the certificated noise level. This suggests that the 

estimated duration is lower than that determined during certification. This may be due 

to differences in both fan and jet noise characteristics, although both turbine and core 

noise are also contributing sources of approach noise. It is likely that differences in 

directivity characteristics could change the shape of the approach noise time history 

and hence the EPNL duration correction. 

Metric 
Certification Prediction Difference 

(EPNdB) (EPNdB) (EPNdB) 
EPNL 103.8 101.16 -2.64 
Lmax 94.2 93.85 -0.35 

Table 7.4: Boeing 747-400 approach noise prediction 

7.3 Boeing 757-200 

The Boeing 757-200 was the one of the first second generation airliners to be 

introduced in 1983. It was intended to replace the Boeing 727-200 in service by 

offering additional payload and range capabilities whilst promising to reduce fuel 

consumption by 30 percent. 

The aircraft was initially available with Rolls Royce RB211-535C engines, a 

derivative of the RB211-22 used on the Lockheed LlOII TriStar. Later aircraft were 

available with Pratt & Whitney PW2037IPW2040 engines and Rolls Royce RB211-

535E4 engines. The latter engine included new technology features such as wide 

chord fan blades and an integrated exhaust mixer. The configuration to be validated is 

the basic weight model Boeing 757-200 certificated at 99,792kg (220,000Ib) with 

178.4kN (40,100lb) Rolls Royce RB211-535E4 turbofan engines. 

Examination of Table 7.5 shows that certification sideline levels are around 93.0-

94.5EPNdB, the quietest engine being the RB211-535E4 with the integrated exhaust 

mixer. Based on this data the effect of the mixer can only be considered to be worth 1-

1.5dB at sideline. 
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Location 
Certification Level (EPNdB) 

RB211-535C RB211-535E4 PW2037 PW2040 
Sideline 94.0 93.3 94.0 94.5 
Flyover 85.5 82.2 86.2 84.6 
Approach 100.3 95.0 97.7 97.7 

Table 7.5: Boeing 757-200 certificated noise levels (source: FAA 1996) 

There are, however, large variations in flyover noise level. The differences are mainly 

due to different takeoff power ratings. The RB211-535C has a maximum rated thrust 

of 166kN (37,000Ib), similar to the PW2037. The RB211-535E4 and PW2040 have a 

maximum rated thrust of 178.4kN (40,100lb), which increases the initial climb rate 

and enables the test area to over flown at greater altitude thereby reducing noise 

levels. This effect is typically worth 1-I.5dB. The RB211-535E4 then reduces flyover 

noise by a further 1.5dB due to the integrated exhaust mixer. 

7.3.1 Flyover 

As a twin-engined aircraft the amount of thrust reduction or 'cutback' is dictated by 

the requirement to maintain level flight with one-engine inoperative. This results in a 

climb gradient of approximately 6.6 percent with all engines operating compared with 

the nominal 4 percent climb gradient. In order to find the optimum cutback point 

several cutback heights were investigated and flyover noise levels predicted as done 

for the Boeing 747-400. Figure 7.7 shows that the optimum cutback height is 2,500ft. 
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Figure 7.7: Boeing 757-200 minimum flyover noise 
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The plot is similar to that produced for the Boeing 747-400 aircraft. Above 

approximately 3 ,200ft the overflight is made entirely at full power and the predicted 

flyover EPNL remains constant. If cutback is performed below 2,500ft the flyover 

EPNL begins to rise as premature cutback decreases flyover height. The optimum 

profile with cutback at 2,500ft and cutback to a gradient of 6.6 percent is shown in 

Figure 7.8. It is interesting to that the optimum cutback height for twin-engined 

aircraft is significantly higher than for four-engined aircraft. 
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Figure 7.8: Boeing 757-200 certification takeoff profile 

Despite the limitation on level flight with one-engine inoperative it is also possible for 

twin-engined aircraft to cut back more deeply than four-engined aircraft. In this case 

the Boeing 757-200 can reduce power to 66 percent of maximum takeoff thrust. In 

contrast the Boeing 747-400 can only reduce power to 80 percent of maximum 

takeoff thrust. 

Metric 
Certification Prediction Difference 

(EPNdB) (EPNdB) (EPNdB) 
EPNL 82.2 83.70 +1.50 
Lmax 68.1 68.90 +0.80 

Table 7.6: Boeing 757-200 flyover noise prediction 
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7.3.2 Sideline 

The Boeing 757 -200 passes I ,000ft at a distance 2,500m from the start of roll. 

Sideline noise was estimate at this distance and several points close by. Figure 7.9 

illustrates that the maximum sideline level occurs at a distance of approximately 

2,450m. This corresponds to an aircraft height of 900ft, close to the expected 1,000ft 

point. 
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Figure 7.9: Boeing 757-200 sideline noise 

Correcting the maximum value to ISA+ 10°C conditions, gives an estimated sideline 

noise level of 95.70dB, 2.4EPNdB higher than the RB211-535E4 variant as shown in 

Table 7.7. If other variants of the Boeing 757-200 are considered (PW2040) then the 

difference is reduced 1.2EPNdB. This is quite respectable and of similar magnitude to 

the difference computed for flyover. The over prediction is most likely due to 

increased fan noise associated with the higher bypass ratio engine data used to model 

source noise levels. 

Metric 
Certification Prediction Difference 

(EPNdB) (EPNdB) (EPNdB) 
EPNL 93.3 95.70 +2.40 

Table 7.7: Boeing 757-200 sideline noise prediction 

303 



7. Model Validation 

7.3.3 Approach 

The Boeing 757-200 estimated approach noise levels are shown in Table 7.8. Both 

Lmax and EPNL values are below the lowest certification values. The under prediction 

for this test is consistent with Boeing 747-400 results. This is difficult to justify since 

the higher bypass ratio engine data would be expected to increase fan noise for the 

approach condition. It is, however, possible that the other sources dominant on 

approach, e.g. core and turbine noise, are under predicted. It is also possible that the 

higher bypass ratio enables the generic engine to generate the thrust required for a 

lower fan tip speed than the -535E4 engine and hence lead to a reduction of fan noise. 

Metric Certification Prediction Difference 
(EPNdB) (EPNdB) (EPNdB) 

EPNL 95.0 93.08 -1.92 
Lmax 85.3 84.68 -0.62 

Table 7.8: Boeing 757-200 approach noise prediction 

7.4 Discussion 

7.4.1 Assumptions 

The NASA ANOPP model computes unsuppressed source noise levels. However, 

many turbofan engines currently use suppression material to reduce noise levels at 

source. Based on the technology and application used in current engines that was 

discussed in Chapter 6 it was decided to make allowances for noise suppression using 

the standard ICAO recommendations. The suppression allowances are as follows: 

Fan: 10dB, corresponding to one fan diameter ofliner length surrounding the 

fan. 

Core: 1dB, corresponding to 0.5m length of liner surrounding the combustion 

chamber area. 

Turbine: Turbine noise is suppressed by any core suppression material. Thus the 

total suppression is assumed to be 1 dB. 

Jet noise: The model assumed a separate stream exhaust flow, thus no suppression 

due to mixing was assumed. Additionally shock noise suppression was 

ignored as the both nozzles were 'choked' at full power producing a 

maximum flow Mach number of 1.0. 
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Although these allowances may seem generous they are typical of the technology 

applied to current engines. The levels of fan noise suppression are also consistent with 

the levels assumed by Kappa (1976) and Willshire (1992) who both used 10dB of fan 

noise suppression when validating ANOPP for the Douglas DCI0 aircraft. 

7.4.2 Engine Cycle Issues 

The current noise model assumes separate exhaust streams. Based on certification 

noise for the RB211-535C turbofan engine which does not have a integrated mixer 

and the RB211-535E4 it may be assumed that the mixer decreases noise levels for the 

sideline and flyover locations by 1-1.5EPNdB. 

Additional differences between model predictions and certification data may be due to 

engine cycle differences. The RB211-535E4 thrust levels and engine cycle differ 

relative to the generalised engine performance data obtained from Rolls Royce to a 

greater extent than does the PW4056 or RB211-524H engines. This is illustrated in 

Table 7.9. 

Reference Data PW4056 RB211-535E4 
Static thrust (kN) 396.0 252.4 178.4 
Bypass ratio (-) 6.0 4.85 4.3 
Overall enqine pressure ratio (-) 40.0 30.2 25.8 

Table 7.9: Engine cycle characteristics 

The reference data is scaled for engines with different thrust output. However, in the 

case of the RB211-535E4 the static thrust is less than half that of the reference engine, 

requiring a substantial amount of scaling. The engine cycle is also different, 

particularly with respect to overall engine pressure ratio. 
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7.5 Conclusion 

The validation process has demonstrated good model correlation across all three 

certification measuring points for both the Boeing 757-200 and Boeing 747-400. Only 

two estimates are outside the nominal ±2EPNdB tolerance to which the NASA 

ANOPP model was originally validated. The validation process has also predicted 

instantaneous maximum noise levels (Lmax) as well as EPNL values. Good correlation 

suggests that the maximum level and the overflight noise time history are both 

estimated well. The flyover analysis, additionally estimated full power flyover noise 

levels showing that thrust cutback for the Boeing 747-400 aircraft is worth around 3-

3.5EPNdB and approximately 5.0EPNdB for the Boeing 757-200. 
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8. Application 

The completed model can be used to assess changes of aircraft configuration and 

operating practices. The aircraft configuration defines the basic aircraft layout, 

number of engines, wing area and flap system used. All of these parameters will affect 

the takeoff and landing performance of the aircraft and hence certification and 

community noise levels. Changing the aircraft configuration will also affect the 

aircraft mass and hence some additional changes to the airframe may be required. All 

changes will affect the aircraft unit cost and direct operating cost. Since both cost 

items are computed at the design level, the economic impact of the design changes 

can be contrasted with changes in noise level. 

The primary comparisons will be made at the three aircraft noise certification points. 

The three measuring points each identify particular noise characteristics of the 

airframe/engine combination which are now discussed. Sideline noise is almost 

exclusively dependent onjet noise, which itselfis highly dependent on the 

thermodynamic cycle used by the powerplant. Higher bypass ratios will reduce jet 

exhaust velocity and hence jet noise levels. Sideline noise levels will also be reduced 

by using less thrust during takeoff. The ability to reduce takeoff thrust is clearly 

dependent on the field length available. The airframe also contributes to takeoff 

performance, with the wing area and flap setting affecting takeoff speed. 

Flyover noise levels are dependent on jet noise levels, but with higher bypass ratio 

engines, fan noise is also prominent. Critically, flyover noise levels are also 

dependent on aircraft performance. Ifthe aircraft is flown such that it obtains 

maximum climb performance and then thrust is reduced to the minimum required 

levels then flyover noise levels should be reduced to a minimum. This practice is used 

for certification flight tests, each aircraft having a particular altitude at which thrust 

must be reduced just prior to the noise measuring point. The validation of the noise 

model for the Boeing 747-400 and 757-200 highlighted this with the Boeing 747-400 

required to reduce thrust at 1,170ft, whereas the Boeing 757-200 could reduce thrust 

at 2,500ft, yet both aircraft where just 6.5km from the start of roll. This contrasts with 

the standard ICAO A or B procedures often used by airlines. In practice the ICAO 

procedures result in thrust reductions occurring at around 1,500ft. For the Boeing 
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747-400 this would directly increase noise levels at 6.5km from the start of roll and 

for the Boeing 757-200 this would also increase noise levels through lost climb rate. 

Additionally if takeoff thrust is reduced to reduce sideline noise levels, it will have a 

detrimental effect on flyover noise levels. 

Approach noise levels are equally dependent on operating procedures, aircraft 

configuration and the engine thermodynamic cycle. At the approach reference point 

the aircraft is in a high drag and high thrust configuration compared to the initial 

approach phase. Thrust levels are still considerably lower than for the takeoff phase, 

resulting low jet noise levels, leading to fan noise being dominated during approach 

flight. With current technology engines airframe noise is not considered significant 

with airframe noise being some 6-1 OdB below fan noise levels. 

This chapter investigates the potential to reduce noise levels at all three points through 

changes to the aircraft configuration and operating practices. For each study an 

existing aircraft is used as the baseline. The first study analyses the effect of thrust

weight ratio on the sideline and takeoff noise levels. The second study analyses the 

effect of approach speed on approach noise levels. Finally the third study investigates 

the effect of approach angle on approach noise levels. 

8.1 Takeoff thrust-weight ratio 

8.1.1 Introduction 

The takeoff thrust weight ratio is defined during the conceptual design phase. The 

aircraft designer will have sized the engine based on three operating conditions which 

are: 

• Takeoff field length to suit operations 

• Second segment climb gradient with one-engine inoperative to meet airworthiness 

requirements 

• Gradient at top of climb for flexibility in manoeuvre 

For four-engined aircraft the specified takeoff field length or top of climb 

requirements will nonnally size the engine. For twin-engined aircraft, the loss of half 
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the thrust with one-engine inoperative normally leads to second-segment climb 

performance defining engine size. Recently, however, the use of high-bypass ratio 

engines has lead to top of climb performance being critical with some twin-engined 

aircraft. This is because high-bypass ratio engines lose more thrust with increasing 

speed and altitude than lower bypass ratio engines. For example the engines used on 

the Boeing 777 only produce about one-fifth of the sea-level static thrust at the top of 

climb. In some cases, meeting the top of climb requirement may result in short takeoff 

field lengths. 

To extend engine life, three ratings are normally specified by the manufacturer: 

maximum takeoff, maximum continuous and maximum climb thrust. The first setting 

is the full rated power of the engine and is normally used during takeoff and initial 

climb. Thereafter, engine thrust is normally reduced to maximum climb thrust to 

reduce engines temperatures and extend engine life. The use of maximum climb thrust 

is not time limited - it is normally used throughout the entire climb to the cruise 

altitude. The maximum continuous rating is normally used in the event of an engine 

failure after thrust has been reduced from the maximum takeoff setting. The actual 

setting is somewhere between maximum takeoff and maximum climb thrust. 

Many large airports have long runways built for the first generation of civil jet 

transport aircraft. If sufficient field length is available the operator may choose to use 

reduced power for the takeoff phase whilst still meeting associated safety 

requirements. The reduction in maximum takeoff thrust may be a few percent, or even 

a full reduction to equal maximum climb power, depending on takeoff weight. 

Because the takeoff phase is short, this thrust reduction does not have a significant 

effect on fuel usage and emissions but is primarily done to reduce the stresses on 

engine components and prolong engine life. The accumulated engine stresses 

resulting from an aircraft departure are related to the absolute stress level and the 

duration at that level. 
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Typical failure modes of components reported by Jones (1981) are: 

• Low cycle fatigue 

• Creep 

Low cycle fatigue is associated with components being stressed to a high level for a 

given number of cycles. This will occur on each departure when the engine is at full 

power. Using reduced power will reduce stress levels and allow additional cycles to 

be performed before component failure, thereby reducing maintenance costs. 

Where as low cycle fatigue affects many engine components, creep is associated 

mainly with hot section components such as turbine blades. Both thermal and 

centrifugal stresses are applied to turbine blades. Each time the blade is subjected to 

these stresses it will grow. This will reduce blade clearances and eventually lead to 

component failure. Lowering turbine entry temperature by using reduced takeoff 

thrust will prolong the blade life and allow the engine to remain 'on wing' longer 

further reducing maintenance costs. Using the engine performance data presented in 

section 6.2, Figure 8.1 illustrates the relationship between turbine entry temperature 

and thrust. 
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Figure 8.1: Reduction of turbine entry temperature with decreasing engine 

power 
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Reducing power levels by ten percent results in turbine entry temperature being 

reduced by 75°K. Thus, reducing takeoff thrust levels is expected to yield lower 

maintenance costs for the operator. Sideline noise should also be reduced through 

lower jet noise levels. Flyover noise levels are likely to be increased however since 

takeoff distance will be extended and initial climb performance reduced. 

Increasing thrust-weigh ratio from the baseline value will require more powerful 

engines with a consequent mass penalty on the airframe. Sideline noise levels would 

be expected to rise, whilst flyover should be reduced provided thrust is reduced just 

prior to the measurement point. Both of these cases will be analysed using the Boeing 

747-400 aircraft used for part of the validation exercise. 

8.1.2 Analysis 

The analysis was carried out assuming 100 percent takeoff power as the aircraft 

takeoff mass was reduced, thus effectively increasing the aircraft thrust-weight ratio. 

The exercise was then repeated assuming a constant thrust-weight ratio as aircraft 

takeoff mass was reduced. Thus at 90 percent takeoff mass, 90 percent of maximum 

takeoff power was used. Below 85 percent mass the thrust remains at 85 percent. This 

is coincident with the climb power setting for the engine performance data used. 

Reducing takeoff power further would have implied a thrust increase at the point of 

cutback. Cutback to climb power in each case was initiated at 6.0km to produce the 

minimum possible flyover noise level and reduce the amount of 'high power' noise in 

the flyover time history. This was achieved by altering the altitude at which thrust 

cutback was initiated. Table 8.1 shows the results obtained for the departures with no 

thrust reduction and Table 8.2 presents the results obtained assuming a constant 

aircraft thrust-weight ratio. Along with the sideline and flyover noise levels, cutback 

height and time at takeoff power is also presented. 

For the full power takeoffs, a slight decrease in sideline noise level is observed as 

takeoff mass is reduced. Although source noise levels remain unchanged the lighter 

aircraft climbs more rapidly as it passes over the monitor resulting in a slight 

reduction in sideline noise. 
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Takeoff Takeoff Cutback Time at Takeoff Sideline Noise Flyover Noise 
Mass Power height Power 
(%) (%) (ft) (seconds) (EPNdB) (EPNdB) 

100 100 1100 81.0 97.40 97.36 
90 100 1500 80.0 97.23 94.10 
80 100 2100 81.0 97.01 90.46 
70 100 2900 83.0 96.39 87.20 

Table 8.1: Departure characteristics using full power takeoffs 

Takeoff Takeoff Cutback Time at Takeoff Sideline Noise Flyover Noise 
Mass Power height Power 
(%) (%) (ft) (seconds) (EPNdB) (EPNdB) 

100 100 1100 81.0 97.40 97.36 
90 90 1250 84.5 90.69 95.87 
80 85 1600 86.5 87.26 93.72 
70 85 2200 86.0 86.64 90.44 

Table 8.2: Departure characteristics using reduced power takeoffs 

The time at full power is noted to remain nearly constant around 81 seconds. 

Although the lighter aircraft would be expected to reach the 6.0km point more 

quickly, the higher thrust-weight ratio is converted to increased altitude; at 70 percent 

takeoff mass the Boeing 747-400 has climbed to more than twice the altitude ofan 

aircraft at maximum takeoff mass. This presents a problem, since to obtain minimum 

flyover noise levels, the cutback height must be steadily increased as thrust-weight 

ratio is increased. For optimum noise benefits this would require different takeoff 

procedures for each takeoff mass, leading to increased pilot workload and reduced 

margins of safety. For this reason it is current practice to have only two defined 

departure procedures, a manufacturer's recommended procedure and an approved 

noise abatement procedure. 

Examining the results in Table 8.2 which were obtained by maintaining constant 

thrust-weight ratio as the takeoff mass is reduced shows that cutback height is reduced 

compared to full power departures. This will result in a lower altitude achieved and 

thus higher noise levels at the 6.5km point even though climb power remains the same 

as for the full power departures. The flyover noise levels are compared in Figure 8.2. 

As the takeoff mass is reduced the flyover noise levels decay at a lower rate than 

those for the aircraft operated at full power. Below 85 percent flyover noise levels 

decay at similar rates as takeoff power cannot be reduced any further. 
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Figure 8.2: Flyover certification noise levels with and without reduce takeoff 

thrust 

At these takeoff masses, which are representative of a large proportion of airline 

departures, reduced thrust is seen to increase flyover noise levels by around 

3.25EPNdB. This corresponds to a doubling in noise level. Although it has been 

identified that the reduced power levels prolong engine component life and thus 

reduce maintenance costs (Jones 1981), the results show that the duration at takeoff 

power is increased for reduced power departures by around 5 seconds or 6 percent. 

This will have a detrimental effect on maintenance costs through increased creep 

fatigue, but will not probably outweigh the savings of reduced low cycle fatigue 

associated with reduced power levels. 

Reducing takeoff power also affects sideline noise levels. Here, the distance is fixed 

at 450m from the runway centre line and lower power results in lower source noise 

levels and hence lower sideline noise levels. This is illustrated in Figure 8.3 which 

shows that significant noise reductions are possible. At 90 percent takeoff mass, 

operating at 90 percent thrust reduces sideline noise levels by 6.5EPNdB. This 

increases to over 9EPNdB around 80 percent takeoff mass, where the curve flattens as 

takeoff thrust is not reduced below 85 percent of maximum. 

313 



98 

96 
iD 
'0 
Z 
Q. 

94 !:!!. 
Gi 
> 
" ..J 92 
" In 
'0 
Z 
Cl) 

,!: 
90 

Gi 
'0 
Ui 88 

86 
70 75 80 85 90 

Ta keoff Mass (%) 

8, Application 

-+- No Derate 
__ Constant TIW 

95 100 

Figure 8.3: Sideline certification noise levels with and without reduced takeoff 

thrust 

The implications of such operations with regard to community noise are discussed in 

more detail in Chapter 9. 

Increasing the thrust of the engines on the original aircraft will also improve the 

aircraft thrust-weight ratio, but at the expense of additional structural mass and 

economic penalty. The basic airframe was analysed with the engines increased in 

thrust by 10 and 20 percent respectively. In each case the engine was scaled up by 

increasing total mass flow, thus other engine cycle parameters such as temperature 

and exhaust velocities remain unchanged. To maintain the same payload/range 

characteristics the maximum takeoff mass was increased as a result of the increased 

structural mass. No changes were made to the airframe geometry since the mass 

increases are relatively small. 

The results are tabulated in Table 8.3 which includes both design, economic and noise 

data. 
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Standard Airframe New Design New Design 
Static th rust per engine (kN) 257.60 283.36 309.12 
Change (%) - +10% +20% 

Airframe: 
Wing area (m2) 525.88 525.88 525.88 
Operating empty mass (kg) 186192 193513 200835 
Maximum takeoff mass (kg) 396589 410281 424246 
Wing loading (kg/m2) 754.14 780.18 806.76 

Performance: 
Takeoff field length (m) 3183 3080 3008 
Landing field length (m) 1949 1995 2042 
Cruise UD (-) . 17.69 17.62 17.52 
Cruise fuel burn (kg/hr) 10247 10633 11035 

Economics: 
Unit price ($m, 1995) 139.01 146.21 152.42 
DOC (cents/ASM) 4.27 4.54 4.60 

Noise: 

Sidelin~(~EPNd~) 97.40 97.26 97.20 
Flvover EPNdB 97.36 96.76 96.90 

Table 8.3: Design data for two options with additional installed thrust 

Structure mass is increased for each of the new designs. Only one third of the total 

mass increase is directly attributable to the increase in engine size, the remainder 

being due to weight growth. This highlights the difficulty in using larger engines in an 

attempt to reduce flyover noise. The additional mass results in a deterioration in cruise 

performance and increased fuel bum. This will increase emissions, an undesirable 

solution in the quest to reduce noise. The larger engines and increased structural mass 

increase unit price for both of the new designs, which together with higher fuel bum 

leads to increased direct operating cost. For 10 percent larger engines the Doe 
penalty is 3.8 percent, for 20 percent larger engines the penalty is 7.7 percent. 

Finally, the advantages. Sideline noise levels decrease slightly for both of the new 

designs. This may seem contrary to previous discussion where it was noted that 

sideline noise levels are directly related to jet noise which is itself dependent on the 

engine exhaust velocity. In the case of the larger engines, the exhaust velocity remains 

unchanged, the mass flow has simply been increased by increasing engine diameter to 

produce the additional thrust. The slight decrease in sideline noise levels with 

increasing engine size is actually due to the reduced duration associated with the 

higher reference climb speeds of the heavier aircraft. 
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The flyover noise levels are seen to be reduced compared to the standard aircraft. The 

flyover noise level for the aircraft with 20 percent larger engines is actually slightly 

higher than for the aircraft with 10 percent larger engines. This suggests a case of 

diminishing returns and is due to the weight growth exhibited by the larger aircraft 

which requires thrust levels after cutback to be increased relative to the other aircraft. 

Overall increasing engine size and thrust produces only small reductions in flyover 

and sideline noise levels for a significant economic penalty. 

8.2 Approach speed 

8.2.1 Introduction 

In the same manner that operators have field length available to reduce thrust used 

during the takeoff phase, the additional field length available at many airports may be 

used to increase approach speed without presenting any additional risk to the landing 

aircraft. The additional speed should enable drag to be reduced as the aircraft will be 

flown closer to its minimum drag speed. Depending on the speed increase flap angle 

may be reduced further reducing drag. The drag reductions may enable thrust to be 

reduced provided that thrust levels are not constrained by engine spool-up 

requirements. These stipulate that thrust sufficient to achieve the required climb 

gradient in the event of an aborted landing be achieved within 8 seconds of throttle 

movement. Analysis of modem FADEC equipped engine spool-up times shows that 

full power may be achieved from flight idle within 8 seconds. This implies that 

engine-spool up time should not constrain power levels during approach flight. 

The increased approach speed should also reduce the duration of the noise, adding to 

the benefits described above. The speed increase may, however, be limited by the 

need to maintain acceptable descent rates and the field length available. The most 

significant benefits are likely to occur with aircraft that already posses relatively Iow 

approach speed and short field length characteristics. Based on this the Boeing 757-

200 will be used as the baseline aircraft for this study. 

316 



8. Application 

8.2.2 Analysis 

The basic airframe results in an approach speed of I 42knots (1.3xstall speed + 10kts) 

assuming a flap angle of 30°. The speed was increased at 5knot intervals and the 

approach characteristics and noise level were analysed for each case. Where higher 

approach speeds allow flap angle to be reduced these configurations were also 

analysed. The approach power setting was determined from the flight profiles model, 

whilst the FAR landing field length was computed using the aircraft design model. 

Effective perceived noise level and the duration of significant noise are computed 

using the noise model. 

8.2.3 Results 

The configurations analysed are shown in Table 8.4. With a flap angle of300 the 

aircraft was flown at the datum speed and 5kt increments up to 15kts above the datum 

speed. At the datum speed + 15knots the landing field length is 1651 m. This is 

approximately equal to the takeoff field length and hence additional approach speed 

increases were not considered. As the approach speed increases the approach thrust 

setting initially decreases at +5kts and then increases for + I Okts and + 15kts. The 

initial decrease occurs because at +5kts the approach is closer to the minimum drag 

speed. At speeds above this, drag increases again as the approach speed is further 

away from the minimum drag speed. The initial reduction in approach thrust setting 

reduces approach noise levels by 0.3EPNdB at the certification measuring point. 

However, as approach speed increases further, noise levels increase due to higher 

thrust settings and partly due to increases in airframe noise associated with the higher 

approach speed. 

Approach Flap Thrust FAR Landing 
Noise duration Approach Noise speed Field Length 

(-) (0) (%) (m) (to nearest 1(, sec.) (EPNdB) 
Datum 30 18.96 1428 5.0 93.08 
+5kts 30 18.27 1500 5.0 92.77 
+10kts 30 18.34 1574 4.5 93.10 
+15kts 30 18.79 1651 4.0 93.30 
+5kts 25 16.98 1500 5.0 91.64 
+10kts 25 16.90 1574 4.5 92.09 
+15kts 25 17.18 1651 4.0 92.23 
+15kts 20 15.34 1651 4.0 90.26 

Table 8.4: Arrival certification noise levels for different approach speeds and 

flap settings 
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8.2.2 Analysis 

The basic airframe results in an approach speed of 142knots (1.3 x stall speed + 10kts) 

assuming a flap angle of30°. The speed was increased at 5knot intervals and the 

approach characteristics and noise level were analysed for each case. Where higher 

approach speeds allow flap angle to be reduced these configurations were also 

analysed. The approach power setting was determined from the flight profiles model, 

whilst the FAR landing field length was computed using the aircraft design model. 

Effective perceived noise level and the duration of significant noise are computed 

using the noise model. 

8.2.3 Results 

The configurations analysed are shown in Table 8.4. With a flap angle of 30° the 

aircraft was flown at the datum speed and 5kt increments up to l5kts above the datum 

speed. At the datum speed + 15knots the landing field length is 1651 m. This is 

approximately equal to the takeoff field length and hence additional approach speed 

increases were not considered. As the approach speed increases the approach thrust 

setting initially decreases at +5kts and then increases for + 1 Okts and + 15kts. The 

initial decrease occurs because at +5kts the approach is closer to the minimum drag 

speed. At speeds above this, drag increases again as the approach speed is further 

away from the minimum drag speed. The initial reduction in approach thrust setting 

reduces approach noise levels by O.3EPNdB at the certification measuring point. 

However, as approach speed increases further, noise levels increase due to higher 

thrust settings and partly due to increases in airframe noise associated with the higher 

approach speed. 

Approach 
Flap Thrust 

FAR Landing 
Noise duration Approach Noise 

speed Field Length 
(-) (0) (%) (m) (to nearest Y, sec.) (EPNdB) 

Datum 30 18.96 1428 5.0 93.08 
+5kts 30 18.27 1500 5.0 92.77 
+10kts 30 18.34 1574 4.5 93.10 
+15kts 30 18.79 1651 4.0 93.30 
+5kts 25 16.98 1500 5.0 91.64 
+10kts 25 16.90 1574 4.5 92.09 
+15kts 25 17.18 1651 4.0 92.23 
+15kts 20 15.34 1651 4.0 90.26 

Table 8.4: Arrival certification noise levels for different approach speeds and 

flap settings 
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At speeds of 5kts or more above the datum approach speed, flap angle may be 

reduced to 25° whilst still maintaining adequate stall margin. This reduces aircraft 

drag and thrust setting by over 1.5 percent and results in approach noise levels being 

reduced by around lEPNdB compared to approaches flown at 30° flap. Increasing 

approach speed more than 5kts above the datum increases approach noise levels, 

again partly due to increases in airframe noise. 

At 15kts above the datum approach speed, the flap angle may be reduced to 20°. This 

reduces thrust levels by 3.5 percent relative to the standard approach. The higher 

speed increases airframe noise levels to 89.87EPNdB, 4EPNdB higher than for the 

standard approach despite the reduction in flap angle. The thrust reduction, however, 

reduces overall noise levels to 93.26EPNdB, nearly 3EPNdB lower than the standard 

approach noise level. 

8.3 Steeper Approaches 

8.3.1 Introduction 

Steeper approaches offer the potential to reduce approach noise. The concept is not 

necessarily new but little detailed research has been undertaken to analyse the 

potential benefits. Initial studies (Rhodes et al 1995b) investigated the application of 

steeper approaches to regional aircraft with 100 seats. The work concentrated on 

aircraft design characteristics and the associated operating economics. The work was 

expanded to include initial estimates of noise reductions and other potential benefits 

(Rhodes et al 1996). This area is now discussed briefly. 

Historically engine noise was the most significant contributor to aircraft noise. The 

trend to higher bypass ratio engines to improve fuel efficiency also reduced noise, 

mainly due to the slower jet-velocity ofthe bypass air flow. Improvements in aircraft 

performance, especially for twin engined aircraft have lead to increased climb rates 

during the take-off phase, increasing the distance between the noise source and 

communities on the ground. During the approach phase, however, the aircraft is 

operating at low power settings and airframe noise becomes increasingly important, 

especially for large aircraft due to their high approach speeds. This situation is then 

amplified by fact that conventional aircraft at most of the world's airport descend at 
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an angle of 3 0. This leads to a relatively long period of time where the aircraft is close 

to the ground and results in a large noise 'foot-print' for this phase of flight. 

Changing the approach profile to reduce aircraft noise has been suggested in the past, 

but in the main these attempts have been unsuccessful. In the early 1970's, Short Take 

Off and Landing (STOL) was considered as a way of supplementing airport capacity 

and reducing noise levels using short runways (Boeing 1967, Lockheed 1973, 

Douglas 1973). In order to meet the landing field length requirements these aircraft 

have slower approach speeds. This enabled the aircraft to fly much steeper approaches 

than the conventional 3° approach. Currently, these aircraft have only found favour in 

niche markets due to increased costs, associated with the short field length 

requirements. 

At around the same time, investigations were also carried out on two-segment 

approaches with conventional aircraft, but these were not adopted, partly due to 

difficulties in making the transition from 6° to 3 ° and the pilots' dislike of high 

descent rates (Aviation Daily 1974). Also in these cases the noise near the threshold 

was not improved. These studies showed that all of the concepts appeared to be too 

extreme to gain acceptance. 

Faced with increasing complaints as air traffic growth continues, airports are 

beginning to reconsider alternatives to the conventional 3 ° approach. The approach 

angle may be increased to around 4° with conventional aircraft currently in service. 

This would increase the height on approach at any single point by a third and possibly 

reduce the engine thrust setting during the approach. Indeed, many airports already 

use approaches between 3 ° and 4° for obstacle clearance reasons. Recently, 

Minneapolis St. Paul announced it planned to introduce 4 ° approaches to reduce 

approach noise (Flight International 1996). 
, 

Approaches above 4° will require a reduction in approach speed in order to maintain 

acceptable descent rates. It is likely that the maximum descent rate will be limited by 

flight crews and also by the aircraft Ground Proximity Warning System (GPWS). The 

airlines do not want to incur retraining costs for flight crews flying steeper 

approaches. As some airports already operate between 3° and 4°, the training may be 
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minimal and simply involve the use of ground based simulators to provide experience 

of steeper approaches. The second, more limiting factor, is the wide use of the GPWS. 

These systems are used by most airlines to reduce the risk of collision with the ground 

and work by monitoring the aircraft's height above ground and also the rate of descent 

towards the ground. If the approach angle is increased substantially above 3 ° at the 

same approach speed, the aircraft's rate of descent will increase and could trigger a 

false GPWS alarm. Current systems may allow approaches to increase up to 4° whilst 

maintaining current approach speeds. Above 4°, changes to the GPWS would be 

required. This may be costly and unwanted by airlines, many of which have recently 

introduced enhanced systems with terrain mapping. Alternatively, the GPWS may be 

disabled during the approach phase. This, however, may lead to a significant 

reduction in safety levels if it is considered that GPWS increases safety. 

Approaches greater than 4° may be achievable with smaller aircraft with approach 

speeds and hence descent rates lower than that of the larger aircraft types. Further 

increases in approach angle may then be achieved by reducing the maximum landing 

weight of the aircraft and increasing lift on approach. The first option may be possible 

with changes to the payload/range characteristics of the aircraft resulting in an 

operating cost penalty. By reducing the take-off weight, the BAe 146 is making 5\1,° 

approaches to London City Airport and the Fokker 100 has also demonstrated this 

capability. The take-off weight was reduced to meet takeoff field length requirements 

for the 1,200m long runway, the aircraft making approaches at descent rates of around 

1,100ftlmin. The second option may be possible with improved flaps and/or increased 

wing area to increase maximum lift during approach at the same landing weight. This 

will increase the structural weight of the aircraft and require an increase in the 

maximum take-off mass of the aircraft unless payload/range is sacrificed with major 

redesign implications for the whole airframe. 

The steeper approach concept will bring benefits in terms of noise, safety and 

capacity. The noise contours on the ground should shrink due to the greater distances 

from the ground and lower power settings. Displacing the landing runway threshold to 

increase the height of the aircraft above the ground will further reduce approach noise 

levels. These benefits will be reduced if the lower approach speeds increase the 
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duration of the over-flight. This may increase the integrated noise energy on the 

ground more than other factors reduce it. 

Safety of third parties and passengers should be increased because the greater height 

will give greater margin over obstacles and a greater probability of reaching the 

threshold following an airworthiness problem. Iflower approach speeds are used to 

existing runways, there will be additional safety benefits associated with a lower 

percentage of operations at critical runway lengths. 

8.3.2 Incremental Change 

By gradually increasing the approach angle to reduce noise and capacity constraints, 

the economic penalties incurred may be minimised. Initially, conventional aircraft 

may be operated on approaches of 4.0° to reduce noise. Further benefits would then 

be obtained by reducing the approach speed of aircraft for approaches greater than 

4.0°. The slower approach may be achieved by reducing the landing weight of the 

aircraft or increasing the amount oflift produced during approach through changes to 

the airframe. These options will now be investigated to determine the potential 

benefits and the economic penalties involved. 

The descent rate on approach is dependent on both the approach angle and the 

approach speed. Analysing the approach speeds of current civil transport aircraft 

shows that the Boeing 747-400 has the highest approach speed of current civil 

transport aircraft at 153knots (Flight International 1993). Assuming an increase in 

approach angle to 4° is allowable without modification of the GPWS, the descent rate 

increases to 1,083ft/min. Piloting techniques should be feasible at such values as this 

figure compares favourably with descent rates of around 1,1 OOft/min flown at London 

City Airport. 

Using the Boeing 757-200 as the baseline aircraft, three phases of steeper approaches 

are considered. Each phase increases the approach angles achievable, but with more 

operational uncertainty and associated economic penalty. Phase 1 of steeper 

approaches could foresee approach angles increased to 4.5° with the existing airframe 

and landing weight, resulting in descent rates of around 1,1 OOft/min. To enable 

steeper approach angles, landing weight may be reduced through changes to the 

321 



8. Application 

payload/range characteristics of the aircraft. Finally, the third phase considers 

structural changes to the airframe in the form of an enlarged wing to reduce approach 

speed whilst maintaining the initial payload/range characteristics of the basic aircraft. 

8.3.3 Phase 1 existing airframe: Approach angles up to 4.5° 

In this case the airframe remains unchanged and hence no changes were made to the 

aircraft design model. Using the flight profiles model different approach angles were 

used to provide different flight profile data for the noise model. The steeper approach 

increases the height above the approach certification point and also reduces the thrust 

required. Table 8.5 shows the results for Boeing 757 aircraft operating 3°,3.5°,4° and 

4.50 approaches. 

Approach Angle Height at Cert. Point Approach Thrust Power setting 
(0) (rn) (kN) (%) 
3.0 120 56.43 18.96 
3.5 140 49.35 16.59 
4.0 160 42.26 14.21 
4.5 180 35.17 11.84 

Table 8.5: Approach engine settings for descent angles up to 4.5° 

The results show the expected decrease in thrust with increasing approach angle. The 

thrust setting of 11.84 percent for the 4.5 0 approach may seem low when considering 

engine spool up times for emergency approach climb requirements, but modem high 

bypass turbofan engines are often able to reach full power from flight idle in eight 

seconds. 

Approach Angle Airfrarne Noise Change (rei 3°) Total Noise Change (rei 3°) 
(0) (EPNdB) (EPNdB) (EPNdB) (EPNdB) 
3.0 85.81 - 93.08 -
3.5 84.54 ·1.27 90.73 ·2.35 
4.0 83.79 -2.02 87.88 -5.20 
4.5 83.07 -2.74 85.50 ·7.58 

Table 8.6: Airframe and total arrival certificated noise levels for descent angles 

up to 4.5° 

Table 8.6 shows airframe and overall effective perceived noise levels. The airframe 

noise is seen to decrease at approximately 2.0EPNdB/degree for the existing airframe. 

This decrease is entirely due to the increase in height at the certification point. 

Comparison with the DORA rule of 5dB/dd (DORA 1992) discussed in chapter 2 

suggests that the reduction in airframe noise levels should be around 
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2.07EPNdB/degree. This is very close to the computed model value. The airframe 

noise is a product of several key airframe components. Of these the trailing edge and 

leading edge high lift devices are the dominant noise generating components. This is 

of importance, since any attempt to reduce approach speed with more powerful high 

lift devices is likely to increase total airframe noise. Although, this would have little 

effect on the total noise produced for this aircraft, the use of higher bypass ratio 

engines on future aircraft suggests airframe noise could become dominant during 

approach flight. 

Engine noise is seen to decrease at approximately 5.0EPNdB/degree. The decrease is 

more pronounced than for airframe noise due to the added reduction in thrust with 

increasing approach angle. Noting that the reduction due to due height alone is 

2.07EPNdB/degree, this implies that the thrust reduction corresponds to 

2.93EPNdB/degree. 

Using the same flight profile data, the noise model was expanded to produce noise 

contours as well as single point noise levels. The noise contour is computed in A

weighted Lmax sound pressure levels, as this reduces the computation required relative 

to the effective perceived noise level metric. The SEL noise metric has been used by 

Airbus to compare effects of steeper approaches for its own aircraft (Professional 

Engineering 1997). Typically, SEL is 10 dBA greater than Lmax at a given point. Thus 

the SEL and Lmax contours cannot be compared directly. However, the intention is to 

compare the relative change in contour area from increasing glideslope angle. The 

contours were constructed using a goal seek method to trace out the edge of the 

contour, as oppose to the conventional grid based method, to reduce the computation 

required. 75dBA noise contours are shown for the Boeing 757-200 flying 30 and 40 

approaches respectively in Figure 8.4. 
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Figure 8.4: Arrival noise contours for 3° and 4° approach procedures 

The contours are tenninated at the threshold and thus do not include any contribution 

from ground roll and reverse thrust. This is primarily because the noise model does 

not fully account for the noise associated with reverse thrust and also that the use of 

reverse thrust will not be affected by steeper approaches. The 3 ° approach results in a 

contour area of2.88km2 and the 4° approach produces an area ofo.5lm2
• This results 

in a reduction in contour area of 80 percent. Most of this reduction is at the outer 

region of the contour, which in this case is beyond 3km from the landing threshold. In 

contrast, within I km of the threshold there is little change in contour area. The results 

are slightly more optimistic than those presented by Airbus (Professional Engineering 

1997). However, it is not clear under what conditions their results were produced. The 

results above were produced with atmospheric absorption and lateral attenuation 

effects included. The lateral attenuation effect, accounts for the narrowing of the 

contour near the runway threshold. 

Initially it has been shown that reductions in total noise levels and noise contour area 

may be achieved for small increases in approach angle. However, the requirement to 

maintain descent rates at or below 1,100ftJmin limits the basic Boeing 757-200 

aircraft to a maximum approach angle of around 4.5°. To increase the approach angle 

further, either the maximum lift achievable must be increased or the maximum 

landing weight must be reduced. The first of these two options requires either more 
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powerful high lift devices or an increase in wing area; both requiring major changes to 

the airframe. The second option is to reduce the aircraft maximum landing weight. 

This may be achieved by altering the payload/range characteristics of the aircraft. 

8.3.4 Phase 2: Reduced weight 

To enable the aircraft to operate on 50 approaches with a maximum descent rate of 

1,IOOft/min, the approach speed must be reduced from 142 to 134knots. Assuming, 

for simplicity, that the ratio of maximum landing weight to maximum take-off weight 

renames the same, this requires a maximum take-off weight of 88,4llkg, a reduction 

of approximately II %. Checking the original aircraft characteristics shows that this 

will lead to a maximum landing weight below the maximum zero fuel weight, which 

is not sensible. Thus the maximum zero fuel weight and hence maximum payload 

must be reduced, together with a reduction in range flown. 

Data for the Boeing 757-200 'Lite' is shown in Table 8.8 (see section 8.3.6). 

Maximum payload is reduced by 4208kg. The aircraft, however, is still able to operate 

with a typical payload (186 passengers and baggage) over 1414nm compared with 

2820nm for the standard aircraft. The complete payload/range diagram is shown in 

Figure 8.5 for comparison with that of the original aircraft. 
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Figure 8.5: Payload/range characteristics for reduced weight design 
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The results show a 14 percent increase in DOC! ASM, due to the significant reduction 

in range for the lighter aircraft. These results, however, assume the same aircraft cost 

as the standard model. If such a variant was offered, it is likely that the extended 

production runs would reduce aircraft cost and hence DOC!ASM. 

Analysing the approach performance shows that thrust has been significantly reduced 

by a combination of a lighter aircraft and a steeper approach angle. The 9 percent 

thrust setting suggests that full thrust may not be achieved in the eight seconds 

required for baulked landing requirements. However, the aircraft will exceed baulked 

climb criteria with only 40 percent thrust available, which should be possible within 

eight seconds. 

Approach noise levels are given for airframe noise and overall noise in Table 8.7. The 

airframe noise level is calculated from the individual airframe components. Of these 

components, leading edge and trailing edge noise was seen to be the dominant 

component. Thus if more powerful high devices are used, the airframe noise will 

increase. In this case total noise levels are just 1.24EPNdB below total noise levels. 

Approach Angle Airframe Noise Change (rei 3') Total Noise Change (rei 3') 
(') (EPNdB) (EPNdB) (EPNdB) (EPNdB) 
5.0 82.21 -3.60 83.45 -9.63 

Table 8.7: Arrival certificated noise levels for reduced weight design 

8.3.5 Phase 3 modified airframe 

Reducing the weight further for approach angles above 50 would have a detrimental 

effect on the payload/range performance and the economics ofthe aircraft. In order to 

reduce the approach speed further, additional lift must be produced. The two options 

available are improved high-lift devices or a larger wing. The latter option is more 

practical since the Boeing 757-200 already has a powerful high-lift system. Increasing 

the wing area is also likely to affect airframe noise less than the use of more powerful 

high-lift devices. The wing area is assumed to be scaled up with the same sweep 

angle, thickness and flap characteristics. The wing aspect ratio will be analysed for 

the new aircraft in an attempt to recover some of the lost cruise performance resulting 

from the larger wing. 
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Key design data for the two new designs is shown in Table 8.8 (section 8.3.6). The 5° 

approach design requires wing area to be increased by 12.3 percent. This would 

typically increase structural mass. To recover the additional structure mass, the wing 

aspect ratio is reduced to 6.75. This figure was determined by analysing a range of 

values and chosen to produce the lowest direct operating cost design. The reduced 

aspect ratio required a small increase in thrust levels to satisfy top of climb 

requirements. The second segment climb requirement was eased by reduced takeoff 

flap to 10°. The larger wing area and lower aspect ratio reduce the cruise lift-drag 

ratio to 15.12 which increases cruise fuel bum by 9.6 percent relative to the standard 

airframe. This wi11lead to increased emissions levels and increases direct operating 

cost by 0.7 percent. Airframe noise levels are reduced by 4.8EPNdB relative to the 

standard airframe due to the increased approach angle and also the reduced approach 

speed. The lower approach speed, however, moves the aircraft further up the backside 

of the drag polar and increases thrust levels at the approach measuring point. The 

associated total noise level is 7.68EPNdB below the standard airframe level, but only 

O.1EPNdB below that of the standard airframe flying a 4.5° approach. 

The 5.5° design increases wing area further to 258m2 a increase of nearly 40 percent 

over the standard airframe. To offset the increase in structural mass the aspect ratio is 

reduced to 6.25, this being the value to produce minimum direct operating cost. This 

requires thrust to be increased by 4 percent to meet top of climb and second segment 

climb requirements. Aircraft lift-drag ratio is 15.87, compared to 16.79 for the 

standard aircraft but slightly higher than for the 5° approach design. This is possibly 

attributable to the very low lift coefficient reducing induced drag more than the larger 

wing increases profile drag. The higher takeoff mass and poor cruise aerodynamics 

increase direct operating cost to 5.69cents per air-seat-mile and increase of2.4 percent 

over the standard airframe. Airframe noise levels are reduced to 78.27EPNdB despite 

the increased wing area as a result ofthe slower approach speed. The steeper 

approach reduces engine thrust at the noise measuring point and increases aircraft 

height resulting a total noise level of 82.57EPNdB, 10.5EPNdB below that of the 

standard airframe. The lower approach speed has increased the margin between 

airframe and total noise levels to 7.3EPNdB with fan noise still dominant. 
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8.3.6 Summary 

Table 8.8 provides the aircraft design, performance, economic and noise data for the 

standard Boeing 757-200 airframe, the reduced gross mass aircraft and two designs 

for 50 and 5.50 approaches respectively. 

The larger wing of the 5.00 design is clearly visible in Figure 8.6 which includes the 

Boeing 757-200 aircraft for comparison. 

Standard 757·200 Lite 5° Design 5.5° Design 
757·200 

Geometry: 
Wing Area (m') 185.25 185.25 207.95 258.18 
Wing Aspect Ratio (-) 7.81 7.81 6.75 6.25 
Engine Thrust (kN) 178.4 178.4 187.0 185.0 

Mass: 
Operating empty mass (kg) 57190 57190 55037 57956 
Max zero fuel mass (kg) 83540 79333 81387 84306 
Max take-off mass (kg) 99113 88411 99243 101725 

Performance: 
FAR Take-off Field length (m) 1589 1273 1499 1329 
FAR Landing field Length (m) 1428 1337 1341 1198 
Cruise lift to Drag ratio (-) 16.79 16.65 15.12 15.87 
ThrusUweight ratio (-) 0.363 0.411 0.384 0.371 
Wing Loading (kg/m') 541.47 477.25 477.25 394.01 
Range (186 passengers) (nm) 2820 1414 2820 2820 
Fuel Consumption (kg/hr) 3076 2923 3370 3313 

Approach Characteristics: 
Approach Angle (0) 3 5 5 5.5 
Approach Speed (V2+1 0) (knots) 142 134 134 123 
Approach TIW (-) 0.064 0.035 0.048 0.030 
Thrust (kN) 56.43 27.60 41.67 30.31 
Thrust Setting (%) 18.96% 9.28% 13.27% 9.60% 

Economics: 
Purchase cost ($mil) 42.25 42.25 41.60 43.23 
Direct operating cost (Cents/ASM) 4.80 5.61 4.84 4.93 

Approach Noise: 
Airframe (EPNdB) 85.81 82.21 81.01 78.27 
Total Noise Level (EPNdB) 93.08 83.45 85.40 82.57 

Table 8.8: Steeper approaches summary data 
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c o. __ . 

Baeing 757-200 Re-winged design far 5' approaches 

Figure 8.6: Three-view drawing of original and re-winged design 
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9. Discussion 

9.1 Introduction 

This chapter discusses the results in greater details and assesses the effects of 

changing aircraft design parameters and operating practices on community noise 

levels. Each of the studies is discussed in turn and recommendations for additional 

work are made. 

9.2 Takeoff Thrust-Weight Ratio Analysis 

The study highlights the sensitivity of sideline and flyover noise levels to changes in 

takeoff power setting. Significant sideline noise level reductions are achievable 

provided that the aircraft is operated below maximum takeoff mass in order to reduce 

takeoff thrust. lfthe aircraft is operated at its maximum takeoff mass, sufficient field 

length must be available to reduce takeoff thrust. 

The penalty, however, for reduced takeoff thrust is increased takeoff field length and 

reduced climb rate, reducing the aircraft height at 6.5km relative to a full-power 

takeoff. It is interesting to note that the reduction in sideline noise level is greater than 

the increase in flyover noise level and under the trade-off rules of F AA Stage 3 and 

lCAD Chapter 3 noise regulations, takeoff thrust reduction may allow some aircraft to 

meet Stage 3/Chapter 3 regulations without any changes to the airframe!engine 

combination. The general effect, however, of reducing takeoff power is to move noise 

away from the centre of the airfield towards surrounding communities. This is 

undesirable and it is therefore essential to understand in more detail why many 

airlines reduce takeoff power. The basic principles, briefly discussed in Chapter 8, are 

that reducing takeoff power will reduce stress levels in the engine and lead to longer 

component life, less downtime and hence reduced maintenance costs. Jones (1981) 

analysed takeoff procedures for three different airlines and attempted to quantify the 

reduction in maintenance cost of reduced power takeoffs. Figure 9.1 shows potential 

cost savings that Jones obtained from Pratt & Whitney. The data suggests that 

reducing takeoff thrust by ten percent may reduce engine maintenance costs by 

around 20 percent. 
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Figure 9.1: Engine maintenance savings achievable with reduced engine power 

for the Boeing 747-200 PWJT9D-7A (source: Jones 1981) 

However, the cost savings are dependent on how 'hot' the engine runs and its in

service performance characteristics. A cool running engine is likely to benefit less 

from reduced takeoff power than a hot running engine. In-service performance 

characteristics include factors such as blade creep. Greater clearances around blades 

may allow more creep to occur before component failure, although greater clearances 

will have a detrimental effect on turbine and engine efficiency. Some of these effects 

are illustrated by the early generation Rolls-Royce RB211 engines which have 

relatively low turbine entry temperatures and thus long service life, with some engines 

remaining on wing for 25,000 hours. The maintenance savings are far greater than 

those from other related benefits, e.g. fuel savings. This implies that airlines will 

continue to use reduced takeoff power unless the maintenance benefits are 

diminished. 

The results presented in section 8.1.2 also show that provided cutback is made just 

before 6.5km, the duration at takeoff power is increased by around 5 seconds for 

reduced thrust departures. This will have a detrimental effect on blade creep and could 

offset the benefits oflower stress levels associated with reduced power. If cutback is 

made at the same altitude, regardless of takeoff power level, the duration difference is 

amplified. This is likely to reflect current airline practice where many airlines use a 
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standard leAO procedure with reduced takeoffthrust. Thus the economic advantages 

associated with reduced takeoff power may not be as clear as first suggested by Jones 

in 1981. 

9.3 Approach Speed Analysis 

Using increased approach speed to reduce noise levels is well documented. Hodge 

(1991) noted that if the approach speed is increased sufficiently, the flap setting may 

be reduced leading to reductions in aircraft drag and thrust levels. Hodge, however, 

points out that the landing field length will be increased and there will be additional 

tyre and brake wear. This is however, dependent on the particular layout of the 

airfield, of which many do not have early exits and aircraft with good field 

performance often have to continue down the runway before exiting. 

The analysis presented in section 8.2.3 confirmed Hodge's statement and showed that 

higher speeds reduced thrust levels provided aircraft drag was reduced by using a 

lower flap angle for the approach. Using the Boeing 757-200 the results also 

demonstrated that increasing approach speed reduced thrust levels as this moved the 

approach point closer to the minimum drag speed. This is illustrated in Figure 9.2 

which plots aircraft drag against speed. 
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Figure 9.2: Estimated drag/speed curves for different configurations of the 

Boeing 757 
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The nominal approach speed with 30° flap places the aircraft on the 'back side' on the 

drag curve and thus an increase in speed of 5kts reduces aircraft drag and thrust 

levels. If speed is increased further drag remains constant as the approach point moves 

towards the 'front side' of the drag curve. 

Thus, initially, thrust levels decrease leading to reductions in total noise levels. 

Additional speed increases result in minimal changes in thrust. However, airframe 

noise levels increase resulting in a slight increase in total noise levels. Figure 9.2 also 

illustrates the reduction in aircraft drag with reducing flap angle and that the lower 

angle increases the minimum drag speed. The findings suggest that the optimum 

approach speed for minimum noise is not necessarily the current reference speed of 

1.3 V s + IOkts. 

The landing performance was also analysed in section 8.3.2. The results show that 

each 5kt increment increases the FAR landing field length by approximately 75m. For 

this aircraft such increases are unlikely to result in significantly increased brake and 

tyre wear. However, for other aircraft the landing field length may become critical 

and require additional braking action increasing wear. 

In summary the noise benefits of higher speed approaches are only significant when 

flap settings are reduced. It is unlikely that many airlines would choose to use such 

practices unless required by noise regulations as operating costs may increase and for 

some aircraft landing field lengths would be increased unacceptably. 

9.4 Steeper Approaches 

The analysis presented in Chapter 8 showed that significant noise benefits are possible 

by increasing approach angles. The maximum angle is likely to be limited by Ground 

Proximity Warning Systems (GPWS). For many short-medium range aircraft with 

relatively Iow approach speeds, approach angles may be increased to between 4 and 

5°. For larger long range aircraft approach angles may only be increased to 4°. The 

results, however, show that increasing approach angles by only I ° may reduce 

approach noise levels by around 5EPNdB. This is a significant reduction and if such 

approaches were allowed for certification it would allow many aircraft to meet 

proposed Stage 3+ limits. Figure 9.3 shows the present Stage 3/Chapter 3 noise limits 
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together with the proposed limit (presented on p. 22). The noise levels of existing 

Stage 3/Chapter 3 aircraft are also included. Many aircraft would not make the stricter 

Stage 3 limits whilst using 30 approaches. 
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Increasing the approach angle to 40 may reduce approach noise by up to 5EPNdB. 

Taking a conservative value of 4EPNdB would enable all current Stage 3 aircraft to 

meet the proposed Stage 3+ limits as shown in Figure 9.4. 
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The apparent noise benefits do, however, come with a penalty. The approach is much 

more susceptible to atmospheric disturbance because the aircraft has a inherent 

tendency to overspeed when flying on the 'back side' of the drag speed curve. Thus, a 

gust of wind or turbulence may cause the aircraft speed to increase during the 

approach with associated safety consequences. It is for this reason that steeper 

approaches are in practice only possible under certain conditions. These effects are 

increased if the aircraft speed is reduced, either through reducing weight or increasing 

lift capability. The reduced speed moves the approach point further along the 'back 

side' of the drag speed curve as aircraft speed is reduced. This effect is illustrated in 

Figure 9.5 which shows the approach points for the standard airframe and for 

modified designs for 5 and 5.5 0 approaches. 
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Figure 9.5: Estimated drag/speed curves and approach point for re-designed 

Boeing 757-200 on steeper approaches 

As the approach point moves to the left the slope increases. The slope of the drag 

speed curve has a direct effect on speed stability of the aircraft. Thus as the slope 

increases the aircraft will have a tendency to overspeed increasing pilot workload. In 

order to overcome these issues additional pilot training may be required which would 

be costly and undesirable. This was first addressed by Lean et al (1957) and Kenward 

(1963) who applied Lean's criteria to civil aircraft including the Comet and Viscount. 

It is probable that advancements in aerodynamics have changed the speed-drag 
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characteristics of modern aircraft and thus the use of Lean's criteria should be 

examined in more detail. It may be possible in the future with increasing flight deck 

automation to improve aircraft speed stability and maintain pilot workload at current 

levels. 

The introduction of steeper approaches must also be considered at this point. Hodge 

(1991) clearly identifies that special procedures will in general always produce noise 

benefits compared to standard practice. However, the case of special procedures vs. 

standard practice must be considered with regard to safety. If flight crews use a 

procedure regularly it is unlikely to pose additional risk. However, the use of special 

procedures unfamiliar to the flight crew significantly increases risk. Moderate 

increases in approach angles may be assumed to present low risk since many airfields 

already implement approach angles higher than 3 0. 

Steeper approaches may also provide other potential benefits. The steeper approach 

may be used to provide vertical separation on close parallel runways enabling 

simultaneous arrival operations. This concept has been proposed by Boeing Canada 

(1989) as a method of increasing capacity at Frankfurt Airport, Germany and for the 

possible expansion of Heathrow Airport, UK. For close parallel runways, 

simultaneous operations are not permitted, however, the introduction of a steeper 

approach to one flight track for short-medium haul aircraft would increase altitude on 

the approach providing additional separation between landing aircraft. Height may 

also be increased through the use of displaced thresholds for the steeper approach 

further increasing separation between landing traffic. 

The applicability of steeper approaches to other aircraft is primarily dependent on the 

reference approach speed, which in turn dictates the descent rate. For aircraft with 

high approach speeds, only nominal increases in approach angle (3 to 4°) are possible 

whilst maintaining acceptable descent rates. However, more many short-medium 

range aircraft with lower approach speeds greater angles may be possible. Airbus has 

recently stated that both the Airbus A300 and A31 0 aircraft are capable of 5° 

approaches (Professional Engineering 1997). 
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9.5 Summary 

The studies have highlighted potential ways of reducing community noise levels. 

By combining the results for the reduced takeoff thrust and steeper approach analysis 

together it is possible to demonstrate the effectiveness of changing operating practices 

and aircraft design parameters. Table 9.1 shows the Stage 3 margins for the Boeing 

747-400 for various operating practices and aircraft configuration. 

The basic aircraft has a total Stage 3 noise margin of 8.8EPNdB. Assuming that 

increasing the approach angle to 4° may reduce approach noise levels by 4EPNdB, 

this increases the margin to l2.8EPNdB. Sideline and flyover noise levels may also be 

altered by either increasing or decreasing takeoff thrust levels. 

Sideline Flyover Approach Total Stage 3 
(EPNdB) (EPNdB) (EPNdB) Margin (EPNdB) 

Stage 3 limits 103.0 106.0 105.0 

Current certificated levels 99.7 101.4 104.1 -B.B 

4° approach - - -4.00 -12.B 

95% takeoff thrust and 
-3.16 +0.44 -4.00 -15.52 4° approach 

90% takeoff thrust and -6.25 +1.60 -4.00 -17.25 4° approach 
Re-design with 10% larger -0.14 -0.60 -4.00 -13.54 
engines and 4° approaches 
Re-design with 20% larger -0.20 -0.46 -4.00 -13.46 engines and 4° approaches 

Table 9.1: Potential Chapter 3 margins with alternative departure and arrival 

procedures 

The latter reduces sideline noise levels and increases flyover noise levels. Takeoff 

field length is also increased which for this aircraft may not be achievable at many 

airfields. Reducing takeoff thrust by 5 percent increases the total margin to 

l5.52EPNdB. Reducing takeoff thrust by a further 5 percent increases the margin to 

l7.25EPNdB, double the original margin. 

Increasing thrust levels by 10 percent increases the margin by 0.74EPNdB relative to 

steeper approaches alone. The margin is somewhat lower than the benefit obtained by 

reducing takeoff thrust. However, in this case takeoff field length is reduced. 
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Increasing thrust by 20 percent actually reduces the margin to 13.46EPNdB, 

0.08EPNdB lower than the margin for the 10 percent increase. The reason for this is 

the higher takeoff speed associated with the increased takeoff weight. This results in 

much of the additional thrust being used to accelerate the aircraft to a higher speed for 

takeoff, as oppose to increasing climb rate. Takeoff speed may be reduced to the 

original value by increasing wing area. This would, however, further increase 

structure mass and operating costs. 

The above margins illustrate that stricter noise regulations can be introduced without 

significant impact to the aviation industry. Many aircraft already meet the proposed 

levels and other aircraft may achieve the required levels simply by changing operating 

procedures. 
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10. Further Research 

10.1 Introduction 

This chapter describes the opportunities to expand the aircraft noise model described 

in this thesis and other possible applications for the global model. Section 10.2 

describes possible methods to predict engine cycle characteristics, breaking the 

reliance on engine manufacturer's data thereby increasing the flexibility of the global 

model. Section 10.3 suggests that research is required to improve noise prediction 

methods, particularly publicly available methods, for which many of the existing 

methods are now over twenty years old. Section 10.4 discusses the need for accurate 

procedure steps, crucial to analysing the operating practices used by the world's 

airlines. Finally, section 10.5 discusses optimisation in the aircraft design process, 

including operational constraints such as noise and emissions levels. 

10.2 Engine Cycle Model 

Currently the noise prediction model requires engine manufacturer's data to describe 

the characteristics of the key engine components at both on-design and off-design 

conditions. This effectively limits the application of the model to aircraft for which 

data can be obtained from engine manufacturers. A more ideal solution would be to 

develop a internal engine cycle model that could predict engine characteristics at both 

on-design and off-design conditions. This would break the reliance on engine 

manufacturer data and enable the global model to be applied to a wider range of 

aircraft. 

Developing internal engine cycle models is relatively straight forward at on-design 

conditions. The engine is sized to provide a particular thrust level, normally at the 

cruise condition and this is often termed the engine design-point. Here, a energy 

balance is carried out to match the fan/compressor and turbine requirements. 

However, at off-design conditions, component efficiencies decrease and care must be 

taken to check fan/compressor surge margins which can affect engine characteristics 

at low power. To assist with engine cycle analysis, many aerospace companies have 

developed programs that predict both on-design and off-design performance. The 

programs begin at the design point and then use empirical trends for component 
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efficiencies and surge margin analysis at off-design conditions. Because such data is 

commercially sensitive it is not released publicly, but remains with the model as 

proprietary data to the aerospace company. Recently, however, some models have 

been developed by third party companies. Another option is a model developed at the 

DLR Institut fur Antriebstechnik. The model was developed for predicting fuel flow 

and emissions using the ICAO L TO cycle and is briefly described in a paper 

presented by Deidewig et al (1996). The model uses theoretical methods presented by 

Cohen et al (1996) to compute the on-design performance for a bypass ratio engine. 

The program then uses typical component efficiency and surge margin characteristics 

to compute off-design performance data for power levels down to flight idle. 

Correlation with modem turbofans such as the CFM56 is good and suggests that the 

methodology could be integrated within the global model. Additionally the model 

may be used to generate a database of engine cycle characteristics for use within this 

and other noise prediction models. 

10.3 Component Noise Estimation 

Earlier in the thesis the proprietary nature of many aircraft noise prediction models 

was discussed. This has resulted in few public noise prediction models, many of 

which are now over twenty years old. Recently, however, some of these public 

methods have been developed. Hough and Weir (1996) presented an addition to the 

Heidmann fan noise prediction model (1975) for small engines based on measured 

data obtained from new generation Allison turbofan engines. 

Interest in airframe noise prediction is also increasing. The established airframe noise 

model was developed by Fink (1977). This model was recently updated by ESDU 

(1990). Yamamoto et al (1995) compared airframe noise predictions with measured 

data collected from the initial Douglas flight tests of the DC9-30 and DC I 0 aircraft. 

The results highlight discrepancies between the measured data and Fink predictions in 

the areas of directivity and spectra level. Overall noise levels were seen to be 

reasonably good in the landing configuration with flaps and undercarriage deployed, 

but correlation was poor for the clean configuration. With the large amount of noise 

certification flight test data available it should be possible to improve on Fink's 

method and validate the method across a wide range of aircraft. The difficulty lies in 
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obtaining the noise data from the aircraft manufacturer, which for new aircraft will be 

particularly sensitive and unlikely to be released. 

Research is also progressing into Computational Aero-Acoustics (CAA) which is 

directly applicable to predicting aerodynamic noise. Because of the complexity of 

CAA based methods it is unlikely that they could be integrated within the existing 

model. However, once such methods have been validated they could be used in turn to 

produce noise data and used to improve prediction methods like Fink's. 

Despite the problems with the development of modem methods the results from the 

validation phase show that even the older prediction methods still produce reasonable 

results provided sufficient care is taken with the input data used. 

10.4 Procedure Steps 

Procedure steps define the basic operating procedures used by aircraft during the 

takeoff and landing phase. Operating procedures are provided by the aircraft 

manufacturer that are based on a mixture of performance constraints and safety 

requirements. An airline may also use standard noise abatement procedures such as 

ICAO procedures A and B or many of the FAA approved procedures. The operator 

must however only define two procedures for each aircraft. This is to reduce 

operational complexity and the possibility for error. 

Although descriptions of the standard procedures are widely available, many airlines 

tailor the procedures for their own needs. The aim of this approach is in general to 

reduce operating costs whilst meeting all required safety standards. Using reduced 

thrust takeoff thrust, for example, may reduce fuel bum and maintenance costs and is 

thus an attractive proposition for airlines. Jones (1981) described the procedures used 

by three airlines for Boeing 747-200 and Boeing 737-200 aircraft. All the airlines 

used different procedures. 

Currently, the only database available that reflects actual operating procedures is 

contained within the FAA Integrated Noise Model (INM). Here, though no 

procedures include reduced takeoff thrust and thus do not reflect all airline operating 

practices. The database is also based exclusively on US airline data, some probably 
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dating back to the mid 1970's. One possible option would be to set up a European 

database. This would be of use to aerospace manufacturers and European users of 

INM. The data may be obtained from quick-access flight data recorders which are 

installed by many airlines for routine fleet performance monitoring. The data could 

provide details of flap extension/retraction schedules, takeoff thrust settings etc. The 

main problem is the fear that particular airlines may be identified that use procedures 

which result in greater community noise. One possible solution would to use an 

official body to collect and process the data. The output would be procedure steps that 

reflect typical procedure steps and then any extremes from the average. In this way 

the data would be stripped of its origin airline. The Association of European Airline 

(AEA) already collects operational data on behalf on many European airlines for 

operating cost analysis and it may be relatively straight forward to extend this analysis 

to produce a European database of airline takeoff and landing procedures. 

10.5 Aircraft Design Optimisation 

Aircraft conceptual design models are used to improve the design of aircraft. The 

design is typically judged on economic grounds, often using direct operating cost as 

the object function. An optimiser will then be used to determine the design that results 

in minimum operating cost. The types of optimisers vary from stochastic optimisers to 

gradient search methods. Stochastic optimisers produce a wide number of point 

designs and then home in on a local area for further analysis. Gradient search methods 

begin at a single design point and then move in the direction of greatest slope, 

accelerating as the gradient increases and slowing near the minimum point. The 

problem with all optimisers is that they may find a local minimum and not the 

absolute minimum. Additionally, any interpolation of data in the conceptual design 

model can disrupt optimisers unless continuity of slope is adhered to during 

interpolations. Thus the addition of a optimiser to the current model is a complex task 

and beyond the scope of the current project. 

The integration of an optimiser presents new opportunities for the global model. 

Noise charges or an environmental tax could be included within the operating cost 

model with the design optimised for minimum operating cost. The model could be 

used by manufacturers to determine the economic cost of meeting future noise targets 
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and to asses noise charging schemes that are acceptable to industry whilst recognising 

the ever growing problem of greater numbers of flights from airports. 
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11. Conclusion 

The thesis has presented a review of aircraft noise. The development of aircraft noise 

prediction methods has been discussed together with a historical view of aircraft noise 

control through airport and aircraft certification regulations. Whilst aircraft noise 

levels have dropped significantly over the past three decades, airport noise limits have 

not changed significantly - in the case of Heathrow Airport, the departure noise limits 

are unchanged from those introduced in 1958. For the past few years the aviation 

industry has discussed the introduction of stricter levels. Aircraft designed in the 

1990's easily meet the proposed levels, yet the ICAO noise committee failed last year 

to agree on the introduction of new certification noise levels. 

The thesis describes the development of a global aircraft noise model that includes all 

major design parameters and also how the aircraft is operated. These models have 

been integrated with the NASA ANOPP program, which is still the established 

aircraft prediction model to enable a better understanding of the interactions between 

aircraft design, aircraft operating practices and community noise levels. The complete 

model has been validated for two modem aircraft with encouraging results. Overall 

noise levels are close to measured levels, provided that appropriate allowances are 

made for source noise suppression. The model, however, requires a substantial 

amount of data, much of which is empirically based. In its present form it is only 

applicable to a small range of aircraft and hence there is further scope to improve and 

refine the model. 

The analysis shown in Chapters 8 and 9 shows that significant noise reductions are 

possible through a mixture of changes to aircraft design parameters and operational 

practices. Of these, the latter option with specific reference to steeper approaches 

shows the best potential for community noise reduction with minimal economic 

penalty. In contrast, re-design of the airframe results in only marginal noise benefits, 

yet increases operating costs. The steeper approaches analysis also highlights that 

future reductions in engine noise levels may lead to airframe noise becoming 

dominant during the approach phase. This effect is increased with steeper approaches 

since the lower power settings reduce engine noise levels more than the increased 

altitude reduces airframe noise levels. 
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The comparisons made in section 9.5 show that changes to both departure and arrival 

procedures may lead to significant noise benefits. Changes to community noise levels 

are entirely dependent on whether operators accept some cost increases for these noise 

benefits. It is likely that change will only take place where noise infringement 

schemes encourage the use of best practice and also where both the airport and 

operator can increase movements and hence airport capacity. 

In summary the work suggests that much can still be done to reduce community noise 

levels by changing civil aircraft design and operating practices of existing and future 

aircraft. It is likely, however, that the impetus for community noise reductions will 

only come from complaints and airport noise regulation not aircraft noise certification 

regulations. 

11.1 Contribution to Knowledge 

This thesis has analysed the historical development of noise regulation and the 

potential options for future regulation. 

The development of the global aircraft design and noise prediction model highlighted 

deficiencies in the areas of flap lift and drag prediction. This difficulty was overcome 

by developing a semi-empirical method using data obtained from the INM database. 

The validation exercise has demonstrated that the aircraft design and noise prediction 

methods can be used to adequately estimate aircraft certification noise levels. 

Additionally the validation exercise indicated that the assumptions used in the INM 

program which is based on SAE-AIR-1845 are valid and do not detract from the 

accuracy of the computed flight profiles. 

Application of the global model to three different scenarios quantified the potential 

noise benefits resulting from changes in aircraft design parameters and operating 

practices. Of the three options analysed, increasing approach angle appears to offer 

the greatest potential for reducing community noise levels. 
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APPENDIX A 

ACOUSTIC THEORY 



A. Acoustic Theory 

A.1 Acoustic Sources 

In acoustics it often convenient to consider the concept of a simple source or 

'monopole'. This is visualised as a uniformly pulsating sphere. Because of the 

symmetry of the sphere, it produces a wave that spreads spherically outwards in an 

unbounded space. The resulting field is dependent on radius for the source centre and 

time, but not spherical angle. Using this simple source as a building block it is 

possible to generate more complex sources. For example, by placing two out of phase 

simple sources an infinitesimal distance apart, a dipole is produced. In this case the 

pressure field does vary with spherical angle and thus has' directionality'. Similarly 

four simple sources can be used to form a quadrupole. Higher order sources can also 

be considered. In practice, it is possible to describe the specific noise sources 

generated by gas turbine engines in terms monopole, dipole or quadrupole noise 

sources. 

Returning to the concept of a pulsating sphere, the sound field is thus dependent on 

the radius r from the source centre and time t. If the sphere is surrounded by a uniform 

material of infinite extent with a speed of sound 11{) and density of Po the wave 

equation may be written as 

(A. I) 

The general solution for equation (A. I ) is 

p(r,t)=_I QI(t_~J+_I Q2(t+~J 
4nr ao 4nr ao 

(A.2) 

where QI and Q2 are arbitrary continuous functions. Ql/4nr represents a wave 

travelling radially outwards from the centre and Q2/4nr represents a wave travelling 

radially inwards. 
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Since it assumed that the medium is unbounded, there are no reflecting surfaces to 

generate waves travelling radially inwards. Thus, the second term of equation (A.2) 

must be zero and the equation simplifies to 

p(r,t) =_1 Qt(t-....:..J 
4m ao 

(AJ) 

In order to express QI as a function of radial velocity we must consider a sphere with 

equilibrium radius, a. When r=a we can write that 

Then differentiating equation (A.3) with respect to r at r=a gives 

For the case ofr=a, equation (A.4) becomes a first-order linear differential equation of 

QI in terms ofv,(t) 

(A.5) 

For a pulsating sphere it useful to consider the special case of a sine wave, i.e. the 

velocity has simple harmonic time dependence such that 

v. (t) = Vo exp(irot) (A.6) 

Substituting into equation (A.5) the general solution for QI at Fa is 
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(A.7) 

where ka=roaJao and k is the wavenurnber equal to w/ao. 

Substituting the expression for QI into equation (A.3) gives 

() 
I 4 2 expiro[t-(r-a)/aol pr, t = 1ta v 0 --''--~--'--~''--''-'' 

I +ika 41tr 
(A.8) 

From equation (A.8) the physically important quantities of pressure and radial particle 

velocity can be deduced noting that 

(A.9) 

hence the pressure is 

_ 2 ika (vo)exPiro(t-(r-a)/ao) 
p - Po - poao I ik - (I ) + a ao r a 

(A.lO) 

and the radial particle velocity is 

(A.lI) 

Analysis of equation (A.I I) shows that when kr» I, i.e. at large distances from the 

origin of the source that the velocity is in phase with the pressure since ikr/(l +ikr) 

tends to unity. When kr«I, i.e. close to the origin, a large component of the velocity 

is out of phase with the pressure. 

The mean square acoustic pressure, the parameter normally measured is defined as 
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From equation (A.l 0), this gives 

(A.l2) 

The mean square acoustic pressure is proportional to the inverse square of radial 

distance, r and also the square of the surface Mach number. This also holds for dipole 

and quadrupole sources. 

The dipole can be visualised as an oscillating sphere. In this case there is net 

movement of material across an arbitrary position as is the case for a pulsating sphere. 

It is clear, however, that the oscillating sphere exerts an instantaneous resultant force 

on the medium around it and in the direction of the oscillation. Through a similar 

analysis equivalent equations can be developed for the acoustic pressure, particle 

velocity and mean square acoustic pressure of a dipole source. This gives the 

following expressions: 

Acoustic pressure: 

2 (ika)' (vo)exPiro(t-(r-a)/ao)(1 1) e 
P-Po = poao - () +- cos 

(ika)' +2ika+2 ao r/a ikr 

(A.B) 

Particle velocity: 

(A.l4) 

Mean square acoustic pressure: 
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""-(p--Po-:-=-y =.!.~oao2)' (k(at )4 (_vo)2 cos2e(~)2 
2 4+ ka ao r 

(A.15) 

It is useful to compare the respective equations for the dipole source with the 

monopole source. The mean acoustic intensity is proportional to the real part of the 

specific acoustic impedance (P-po)/vr• At low frequencies (ka«I) the mean intensity 

for the pulsating sphere (monopole) is proportional to (kai where as for an oscillating 

sphere it is proportional to (ka)4. Since at low frequencies (ka)4 is smaller than (kai 

the monopole source is a much more efficient radiator than a dipole. For high 

frequencies where ka» I the acoustic impedances are both proportional to poao and 

hence the monopole and dipole has similar efficiencies. 
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A.2 Lighthill's Theory 

An analysis of the fundamental mechanisms of aerodynamic noise was published by 

Lighthill in two papers 'On Sound Generated Aerodynamically I' and II (LighthiII 

1952,1954). The work concentrated on developing a theory for the prediction of the 

sound radiated from a fluid flow, i.e. sound generated 'as a by-product of airflow, as 

distinct from sound produced by the vibration of solids'. 

Lighthill demonstrated that by using the Navier-Stokes equations of fluid flow that it 

was possible to model an aerodynamically generated sound field by using a static 

distribution of quadrupoles. The starting point is the equations of fluid dynamics: 

BB' 
-(pv.)+-(pv.v. +p .. )= 0 at 1 Ox. I, " , 

Rearranging equation (A. 17) into an equivalent acoustic form gives 

~(pv.)+ ao
2 ~ = -~(T .. ) at 1 Ox. Ox. I, 

1 1 

where 

Eliminating pv; from equations (A.16) and (A.18) then gives 

(A. 16) 

(A.17) 

(A.18) 

(A.19) 

(A.20) 

This is the fundamental Lighthill equation of zero sound generation and propagation 

in a uniform medium at rest due to a fluctuating applied force of source strength 
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02Tjj I OxJ3x j or dipoles or strength - orij IOx j per unit volume. At time t the dipole 

strength is zero since Tij is zero outside of the flow itself. This implies that the sound 

is generated due to almost cancelling dipoles or fluctuating quadrupoles. This 

conclusion is consistent with the assumption that there are no boundaries across which 

fluid can move or external forces act, hence the acoustic source much be quadrupole 

or higher order. 

In describing a practical approximation for the source strength Lighthill demonstrated 

that Tij may split into three components which represent (i) convection of momentum, 

(ii) viscous stresses and (iii) the effects of heat conduction. At low Mach numbers the 

latter two effects are negligible and thus Tij is proportional to Po V2 . From this it is 

possible to deduce that the magnitude of the o2Tjj I i3t2 is proportional to Po V 2n 2 

where n is a typical frequency of the fluctuations in the flow. From the general 

solution of equation (A.20) the density fluctuations are given by 

(A.2I) 

where £ 3 is the flow volume and £ the approximate length of the flow. 

It has been found that the variation of the non-dimensional frequency nl IV, known as 

the Strouhal number is far smaller than the variation of n itself for a variety of flow 

conditions (Le. Reynolds numbers). From this it may be assumed that n l IV is 

approximately constant and hence n is roughly proportional to VI l . Equation (A.21) 

can now be written as 

(A.22) 

This is one of the most important results from his work, showing that the density 

fluctuations (amplitude of sound generated) are proportional to the fourth power of 

velocity. The intensity is defined as 
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(A.23) 

where (p - Po Y is the mean square acoustic pressure. Substituting equation (A.22) 

into equation (A.23) then gives 

(A.24) 

This is Lighthill's key result. For subsonic turbulent flow such as the jet exhaust of a 

gas turbine engine it shows that the sound generated is proportional to Us. For choked 

jets with supersonic flow after expansion it was, however, observed that the sound 

generated was proportion to U4
• This is due to reductions in turbulence level and 

changes in the parameter nf tu. 
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APPENDIX B 

AIRCRAFT DATA 



Manufacturer AIRBUS AIRBUS AIRBUS AIRBUS AIRBUS AIRBUS AIRBUS AIRBUS AIRBUS AIRBUS AIRBUS AIRBUS AIRBUS AIRBUS 
Type A300B4-200 A301).600R A310-300 A319-100 A320-200 A321-100 A321-200 Al30-200 A330-300 A340-200 A340-8000 A340-300 A34G-300IGW A34~OO 

In service date 1974 1988 1983 1995 1988 1993 1996 1998 1994 1993 1999 1993 1994 2001 

Number In Operation (On Order) 

AsialPacific 180(7) 50(1) - 92(31) 5(10) <- -> 31(47) -> -> 15(29) ~ 
Europe 7" 93(1) 6(34) 213(8) 45(52) <- -> 14(14) -> -> 46(17) <-
Middle EasUAfrica 59 36(8) - 46(4) (4) <- -> (6) -> -> 12(11) <-
North & South America 68(8) 41 (35) 179(88) 1(1) <- -> (26) -> -> 2(8) <-
Total 250 366(15) 220(10) 6(59) 530(134) 51(67) <- -> 45(93) -> -> 75(68) <-

Engine: 

Powerplant Manufacturer GE POW POW CFMI CFMI CFMI CFMI GE GE CFMI CFMI CFMI CFMI R-R 
Model No. CF6-50C2 4158 4152 CFM56-5-A4 CFM58-5-A 1JA3 CFM56S-Bl CFM56-5-B3 CF6-80E1A4 CF6-801E1A2 CFM-58-5C2 CF~ CFM-58-5C2 ~ nen1500 
No. of engines 2 2 2 2 2 2 2 2 2 4 4 4 4 4 
Static Thrust (kN) 233.0 257.0 231.0 99.7 111.2 133.4 142.0 310.0 300.0 139.0 151.0 139.0 151.0 =0 

Dimensions: 

Fuselage: 
length (m) 5297 53.30 45.13 33.84 37.57 44.51 44.S1 57.77 6247 58.21 58.21 6247 6247 65.SO 
Height (m) 5.64 5.64 5.64 4.14 4.14 4.14 4.14 5.64 5.64 5.64 5.84 5.64 5.64 5.64 
Width (m) 5.64 5.64 5.84 3.95 3.95 3.95 3.95 5.64 5.64 5.64 5.64 5.64 5.64 5.64 
Nose section length (m) 8.30 8.30 9.90 5.50 5.50 5.50 5.50 11.24 11.24 11.24 11.24 11.24 11.24 11.24 
Tail section length (m) 19.50 19.50 19.20 1215 1215 1215 1215 19.70 19.70 19.70 1!HO 19.70 19.70 19.70 
FinessRatio 9.39 9.45 8.00 8.57 9.51 11.27 11.27 10.24 11.08 10.32 10-.32 11.08 11.08 11.63 

Wing: 
Area (m2) 260.00 260.00 219.00 12240 12240 122.40 12240 363.10 363.10 363.10 363.10 363.10 363.10 427.40 
Span (m) 44.84 44.84 43.59 33.91 33.91 33.91 33.91 80.30 SO.30 SO.30 SO.30 SO.30 SO.30 53.SO 
Aspect Ratio 7.73 7.73 8.SO 9.39 9.39 9.39 9.39 10.01 10.01 to.01 10.01 10.01 10.01 9.46 
Taper Ratio 0.293 0.293 0.270 0.233 0.233 0.233 0.233 0.246 0.246 0.246 0.246 0.246 0.246 
Root (tic) % 15.00 15.00 15.20 
Average (tfc) % 10.50 10.50 11.80 
Tip (Uc) % 10.80 
MAC.(m) 5.80 5.SO 5.30 3.54 3.54 3.54 3.54 6.50 6.50 6.50 6.50 6.50 6.50 
% Chord SWeep (0) 28.00 28.00 28.00 25.00 25.00 25.00 25.00 30.00 30.00 30.00 30.00 30.00 30.00 30.00 

Wing High LIft Devices: 
Trailing Edge Flaps Type F2 F2 Fl Fl Fl F2 F2 S2 S2 S2 S2 92 S2 
Flap SpanI'vVing Span 0.600 0.600 0.640 0.780 0.780 0.780 0.780 0.640 0.640 0.640 0.640 0.640 0.640 
clJc 0.325 0.325 
Aap Angle (Take-off) 15 15 20 
Flap Angle (Landing) 35 35 
Area(m2) 47.3 47.3 36.68 21.1 21.1 21.1 21.1 
leading Edge Flaps Type slats slats ~.Is slats slats slats slats slats slats slats slats ~.Is slats slats 
Area(rrt2) 30.3 30.3 28.54 12.84 12.64 12.64 12.84 
Drooped Ailerons ,~ ,es ,es ,.. ,.. ,.. ,.. ,.. ,.. ,.. ,.. ,.. ,es ,.. 
VenIeaI Tall: 
Area (m~) 45.20 45.20 45.20 21.50 21.50 21.50 21.50 45.20 45.20 45.20 45.20 45.20 45.20 45.20 
Height (m) 8.60 8.SO 8.10 6.26 6.26 6.26 6.26 8.45 8.45 8.45 8.45 8.45 8.45 8.45 
Aspect Ratio 1.84 1.64 1.45 1.82 1.82 1.82 1.82 1.58 1.58 1.58 1.58 1.58 1.58 1.58 
Taper Ratio 0.365 0.365 0.395 0.303 0.303 0.303 0.303 0.350 0.350 0.350 0.350 0.350 0.350 0.350 
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Manufacturer AIRBUS AIRBUS BAC BAC BA. BA. BA. BA. BOEING SOEING BOEING BOEING SOEING BOEING BOEING 
I .... A34~OO A3XX-100 1-11-400 1-11-500 0.7. RJ85 RJ100 RJ115 707-3208 707-320C 717-200 727-100 727-200 727-200 Adv 737-200 Adv 

In service date 2001 2002 1963 1963 1982 1982 1982 1982 1962 1962 1998 1964 1967 1970 1967 

Number In Operation (On Order) 

Asia/Pacific - -> 9 -> -> -> 71 -> 4 - 4 -> 33 114 
Europe - -> 38 -> -> -> 148(22) -> 17 I. -> 100 In 
Middle East/Africa - -> 57 -> -> -> 2 -> 75 36 -> 83 111 
North & South America - -> 4 -> -> -> 46 -> 29 (50) 262 -> no 532 
Total - -> 108 -> -> -> 267(28) -> 125 (50) 312 -> 992 934 

Engine: 

Powerplant Manufacturer R-R R-RIGEJPW R-R R-R Textron Textron Textron Textron POW POW BMWR-R POW POW POW POW 
Model No. TrentSOO Options Spey512-14W Spey512-14W LF507 lF507 lF507 LF507 JT3Oo7 JT3D-7 715 JT8D-9 JT8D-9 JT8D-15A JT8D-15A 
No. of engines 4 4 2 2 4 4 4 4 4 4 2 3 3 3 2 
Static Thrust (kN) 222.0 320.3 55.8 55.8 27.3 31.1 31.1 31.1 84.5 84.5 82.3 84.5 64.5 712 71.2 

DimensIons: 

Flnelap: 
length (m) 69.57 67.46 26.19 30.30 24.00 26.50 28.90 28.90 44.35 44.35 33.00 41.51 41.51 29.54 
Height (m) 5.64 8.50 3.28 3.28 3.55 3.56 3.56 3.56 3.76 3.76 3.61 3.76 3.76 3.76 3.73 
Width (m) 5.84 7.02 3.28 3.28 3.56 3.56 3.56 3.56 3.76 3.76 3.61 3.76 3.76 3.76 3.73 
Nose section length (m) 11.24 14.44 5.40 5.40 5.75 5.75 5.75 5.75 7.30 7.30 4.30 TOO 7.00 TOO 7.40 
rail section length (m) 19.70 19.25 8.35 8.35 9.75 9.75 9.75 9.75 11.40 11.40 8.75 11.50 11.50 11.50 8.70 
Finess Ratio 12.34 9.61 7.98 9.24 6.74 7.44 8.12 8.12 11.80 11.80 9.14 0.00 11.04 11.04 7.92 

Wing: 
Area (m,) 427.40 n8.97 95.78 95.78 n.30 77.30 77.30 77.30 283.40 283.40 84.40 157.90 157.90 157.90 91.04 
Span (m) 63.60 79.00 28.50 28.50 26.21 26.21 26.21 26.21 44.42 44.42 28.50 32.92 32.92 32.92 28.35 
Aspect Ratio 9.46 8.01 8.48 8.48 8.89 8.89 8.89 8.89 6.96 6.96 9.62 6.86 6.86 6.98 8.83 
Taper Ratio 0.190 0.257 0.257 0.356 0.356 0.356 0.356 0.242 0.242 0.200 0.306 0.306 0.306 
Root (tfc) % 1250 12.50 15.30 15.30 15.30 15.30 12.50 12.50 13.00 13.00 13.00 14.00 
Average (tic) % 11.80 11.80 10.00 10.00 11.00 11.00 11.00 12.89 
Tip (tic) % 11.00 11.00 1220 12.20 12.20 1220 9.00 9.00 9.00 9.00 9.00 11.50 
MAC.(m) 10.94 3.10 3.10 3.10 3.10 6.72 6.72 3.55 4.90 4.90 4.90 
% Chord SWeep (0) 30.00 30.00 20.00 20.00 15.00 15.00 15.00 15.00 35.00 35.00 24.50 32.00 32.00 32.00 25.00 

Wing High Lift Devices: 
Trailing Edge Flaps Type S2 S2 FI FI FI FI FI FI FI FI S2 F3 F3 F3 F3 
Flap SpanfvVing Span 0.737 0.718 0.718 0.780 0.780 0.780 D.780 0.670 0.670 0.650 0.740 0.740 0.740 0.740 
efl, 0.300 0.300 0.270 0.270 0.300 0.300 0.300 0.290 
Flap Angle (T ake-ofl') 18 18 30 30 30 30 15 15 25 25 25 15 
Flap Angle (landing) 45 45 33 33 33 33 50 50 40 40 40 40 
Area(m2) 19.51 19.51 19.51 19.51 44.22 44.22 36.04 36.04 36.04 
leading Edge Flaps Type slats slats flaps flaps none none none none flaps flaps slats slatslflaps slatsJflaps slatslllaps statslflaps 
Area{m2) 14.31 14.31 
Drooped Ailerons yes no no no no no no no no no no no no no 

Vertical Tall: 
Area (r02) 45.20 134.20 11.69 11.69 15.51 15.51 15.51 15.51 30.47 30.47 19.50 33.07 33.07 33.07 
Height (m) 8.45 13.66 3.20 3.20 4.65 4.85 4.65 4.65 7.20 7.20 4.35 4.60 4.60 4.60 
Aspect Ratio 1.58 1.39 0.88 0.88 1.52 1.52 1.52 1.52 1.70 1.70 0.97 0.64 0.64 0.64 
Taper Ratio 0.350 0.424 0.720 0.720 0.670 0.670 0.670 0.670 0.410 0.410 0.780 0.780 0.780 0.780 



Manufacturer AIRBUS AIRBUS BAC BAC BA. BA. BA. BA. BOEING BOEING BOEING BOEING BOEING BOEING BOEING 
TVD. A340-600 A3XX·100 1-11-tOO 1 .... 1-500 RJ70 RJ85 RJ100 RJ115 707-320B 707-320C 717·200 727·100 727·200 727·200Adv 737·200 Adv 
Y.i Chord SWeep (") 45.00 41.00 41.00 30.00 30.00 45.00 53.00 53.00 53.00 
Tail Ann(m) 27.50 28.99 12.85 14.35 15.30 15.30 21.00 21.00 12.80 14.20 14.20 14.20 
""S 0.106 0.172 0.122 0.122 0.201 0.201 0.201 0.201 0.1OB 0.1OB 0.231 0.209 0.209 0.209 
Svlv/Sb 0.046 0.063 0.000 0.000 0.098 0.110 0.117 0.117 0.051 0.051 0.104 0.090 0.090 0.090 

Horizontal T~I: 
Area(m1) 7290 222.57 23.54 23.54 15.61 15.61 15.61 15.61 88.06 88.06 24.20 34.93 34.93 34.93 31.31 
Span (m) 19.06 31.29 8.84 8.84 11.09 11.09 11.09 11.09 13.95 13.95 10.80 10.90 10.90 10.90 12.70 
Aspect Ratio 4.98 4.40 3.32 3.32 7." 7." 7.88 7.88 3.35 3.35 4.82 3.40 3.40 3.40 5.15 
Taper Ratio 0.360 0.383 0.585 0.585 0.410 0.410 0.410 0.410 0.400 0.400 0.390 0.390 0.390 0.380 0.260 
Y.i Chord SWeep CO) 30.00 25.00 25.00 36.00 36.00 30.00 36.00 36.00 36.00 30.00 
Tall Ann(m) 28.60 31.29 10.85 12.35 13.45 13.45 20.50 20.50 14.30 20.10 20.10 20.10 14.78 
ShlS 0.171 0.286 0.246 0.246 0.202 0.202 0.202 0.202 0.205 0.205 0.287 0.221 0.221 0.221 0.344 
ShlhlSc #DIV/OI 0.817 #DIVIOI #ONIOI 0.707 0.805 0.876 0.876 0.625 0.625 1.155 0.907 0.907 0.907 #OIVIOI 

Undercarrtap: 
Track (m) 10.70 13.47 4.30 4.30 4.72 4.72 4.72 4.72 8.73 6.73 4." 5.72 5.72 5.72 5.23 
Wheelbase (m) 27.60 12.62 12.62 10.09 11.20 12.52 12.52 17.98 17.98 16.15 19.28 19.2B 19.28 11.38 
Turning radius (m) 17.68 17.68 18.03 18.03 18.67 18.67 25.00 25.00 25.00 
No. of Nose Wheels 2 2 2 2 2 2 2 2 2 2 2 2 2 2 2 
Nose Wheel Diameter(m) 0.991 0.991 0.813 0.813 0.813 
Nose Wheel Tread Wldth(m) 0.190 0.190 0.190 0.190 0.330 0.330 0.292 0.292 0.292 
No. of Main Wheels 12 18 4 4 4 4 4 4 8 8 4 4 4 4 4 
Main Wheel Diameter(m) 1.117 1.117 1.245 1.245 1.245 
Main Wheel Tread Width(m) 0.318 0.318 0.318 0.318 0.406 0.406 0.432 0.432 0.432 

NaeeHe: 
length(m) 7.30 4.75 4.75 2.60 2.80 2.60 2.80 6.00 8.00 6.10 5.80 5.60 5.60 
Max Width(m) 3.20 1.15 1.15 1.40 1.40 1.40 1.40 1.80 1.80 1.75 1.50 1.50 1.50 
Spanwise location 0.31510.50 0.31510.50 0.31510.50 0.31510.50 0.44JO.71 0.44/0.71 0.350 

Operational tiems: 

Aeeomodatlon: 
Max seating (single class) 550 850 95 104 94 112 112 128 189 219 110 149 189 189 130 
Two class seating 440 70 85 70 85 100 115 147 147 100 115 138 138 115 
Three class seating 372 555 - - - - - - - - - -
No. abreast 9 , .. 8 5 5 8 6 8 • 8 • 5 8 8 • • Hold volume (m2) 13.70 18.30 22.99 22.99 50.27 50.27 25.00 43.10 43.10 43.10 24.78 
Volume per Passenger 0.15 0.16 0.21 0.18 0.27 0.23 0.23 0.29 0.23 0.23 0.19 

Weights (kg): 
Ramp 356900 510900 42021 4nOO 41049 42410 44452 4629. 152405 152405 52109 78470 95238 52615 
Max. take-off 356000 510000 41721 47400 40823 42184 44225 48040 151315 151315 51709 72583 78015 95028 52390 
Max. landing 38102 39462 37875 38555 40143 40143 112037 112037 46266 70090 72575 46720 
Zero-fuel 346000 33113 36740 32432 35834 37421 37421 88450 104330 43545 52950 62595 83318 43091 
Max. payload 85000 9825 12355 9072 11749 12429 11265 24448 38100 12231 12000 17590 18597 15445 
Max. fuel payload 44200 7285 9858 7213 7848 8982 10095 15076 12852 10675 8612 24366 9118 
Design payload 52725 6650 8075 6680 8075 9500 10925 13985 13965 9500 12920 12920 10925 
Design fuel load 196275 11784 14940 10813 10023 9732 8955 73350 71126 12317 20190 35944 13819 
Ops empty 261000 23287 24385 23350 24086 24993 26160 84000 66224 29892 40950 44905 46164 27646 

Weight Ratios: 
Ops EmptylMax TlO 0.512 0.558 0.514 0.572 0.571 0.585 0.588 0.423 0.438 0.578 0.884 0.576 0.486 0.528 
Max PayloadIMax TIO 0.167 0.235 0.261 0.222 0.279 0.281 0.245 0.162 0.252 0.237 0.165 0.227 0.196 0.295 
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Manufacturer BOEING BOEING BOEING BOEING BOEING BOEING BOEING BOEING BOEING BOEING BOEING BOEING BOEING 
IType 737-300 737-400 737-600 737-600 737·700 737-800 737-tOO 747·100B 747·200B 747-400 747-400 747-600X 747-600X 

In service date 1967 1967 1967 1998 1997 1998 1999 1969 1969 1988 1988 2000 2000 

Number In Operation (On Order) 

AsialPaclfic 182(21) 109(28) 37(8) - - (6) 36 141 -> 218(44) 
Europe 221(4) 186(6) 125(27) (41) (20) (44) 26 100 -> 87(25) 
Middle EastlAfrica 3(3) 7(5) 16(1) - - 31 35 -> 9(7) -
North & South America 518(27) 88(38) 126 - (111) 80 85 -> 41(9) -
Total 924(55) 390(n) 304(36) (41) (131) (SO) 173 361 -> 355(125) - -
Engine: 

Powerplant Manufacturer CFMI CFMI CFMJ CFMI CFMI CFMI CFMJ POW R-R GE POW R-RlGEJPIN R·RlGEIFW 
Mode/No. CFM56-3-81 CFM56-3B-2 CFM56-3-B 1 R CFM56-7B18 CFM58-7B2Q CFM56-7B24 CFM56·7 JT9D-7A RB211-525Q4 CF6-802C2-B1 F 4056 Options Options 
No. of engines 2 2 2 2 2 2 2 4 4 4 4 4 4 
Static Thrust (kN) 69.0 97.9 82.3 820 89.0 107.0 208.8 236.0 257.6 252.4 300.0 300.0 

Dimensions: 

Fuselage: 
length (m) 3230 35.30 29.90 31.30 33.60 39.SO 42.10 69.63 68.63 68.63 68.63 n,32 82.68 
Height (m) 3.73 3.73 3.73 3.73 3.73 3.73 3.73 8.10 8.10 8.10 8.10 8.10 8.10 
Width (m) 3.73 3.73 3.73 3.73 3.73 3.73 3.73 6.50 6.50 6.SO 6.50 6.SO 6.SO 
Nose section length (m) 7.40 7.40 7.40 7.40 7.40 7.40 7.40 12.52 12.52 12.52 12.52 12.52 12.52 
Tail section length (m) 8.70 8.70 8.70 8.70 8.70 8.70 8.70 17.94 17.94 17.94 17.94 17.94 17.94 
Finess Ratio 8.66 9.46 8.02 8.39 9.01 10.59 11.29 10.56 10.56 10.56 10.56 11.90 12.75 

WIng; 
Area(~ 91.04 91.04 91.04 124.60 124.60 124.60 124.60 511.00 511.00 525.00 525.00 700.50 700.50 
Span (m) 28.90 28.90 28.90 34.30 34.30 34.30 34.30 59.64 59.64 64.44 64.44 75.n 75.n 
Aspect Ratio 9.17 9.17 9.17 9.44 9.44 9.44 9.44 6.96 6.96 7.91 7.91 8.20 8.20 
Taper Ratio 0.240 0.240 0.240 0.285 0.265 
Root (tic) % 14.00 14.00 14.00 13.44 13.44 13.44 13.44 
Average (tic) % 12.89 12.89 12.89 9.40 9.40 9.40 9.40 
Tip (tic) % 11.50 11.50 11.50 8.00 8.00 8.00 8.00 
MAC.(m) 3.80 3.80 3.60 9.01 9.01 
% Chord SWeep (0) 25.00 25.00 25.00 25.00 25.00 25.00 25.00 37.50 37.50 37.50 37.50 36.SO 36.50 

Wing High Lift Devices: 
Trailing Edge Flaps Type 53 53 53 52 82 82 82 53 53 53 53 
Flap SpanlVVing Span 0.720 0.720 0.720 0.700 0.700 0.639 0.639 
eflo 0.290 0.290 0.290 0.300 0.300 0.300 0.300 
Flap Angle (Take-off) 15 15 15 20 20 20 20 
Flap Angle (landing) 40 40 40 30 30 30 30 
Area("") 78.7 78.7 78.7 78.7 
leading Edge Flaps Type slatslflaps slatslflaps slatslflaps kruger kruger kruger kruger 
Area(m2) 48.1 48.1 48.1 48.1 
Drooped Ailerons o. o. 00 o. 00 o. o. o. 00 00 o. 

VertJcaJ Tan: 
Area (m2) 23.13 23.13 23.13 23.13 23.13 23.13 23.13 77.10 n.10 n,10 n,10 
Height (m) 6.00 6.00 6.00 6.00 6.00 6.00 6.00 10.16 10.16 10.16 10.16 
Aspect Ratio 1.56 1.56 1.56 1.56 1.56 1.56 1.56 1.34 1.34 1.34 1.34 
Taper Ratio 0.310 0.310 0.310 0.310 0.310 0.310 0.310 0.330 0.330 0.330 0.330 
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I:ufacturer BOEING BOEING BOEING BOEING BOEING BOEING BOEING BOEING BOEING BOEING CANADAlR CANADAIR EMBRAER FOKKER 
757-200 757-200 757-300 767-200 767-200ER 767-300 767-300ER 777-200 777-200IGW 777-300 RJ100 RJ100ER EMB-145 F70 

In service date 1982 1982 1999 1982 1982 1982 1982 1995 1995 1998 1992 1992 1997 1988 

Number In Operation (On Order) 

AsiaIPacific -> 52(4) -> 60 -> 118(30) -> 11(40) -> 1 (4) 5(11) 
Europe -> 160(11) -> 16 -> 98(11) -> 5(31) -> 48(17) (3) 24(12) 
Middle East/Africa -> 19 -> 16 -> 23 -> 2(37) -> - - -
North & South America -> 489(87) -> 128 -> 146(44) -> 12(27) -> 66(43) (225) 2 
To1al -> 699(102) -> 220 -> 385(85) -> 30(235) -> 115(60) (232) 31(23) 

engine: 

Povverplant Manufacturer R-R R-R R-R GE GE GE GE R-RlGEiPW R-RlGE/PVII R-R GE GE Alllson R-R 
Model No. RB211-535E4 RB21'-535E4B RB211-535E4B CF6-8OA CF6-80C2B4F CF6-802C2B2F CF8-80C286F Options Options Trent 895 CF34-3A1 CF34-3Al NE3007A Tay 620 
No. of engines 2 2 2 2 2 2 2 2 2 2 2 2 2 2 
static Thrust (kN) 178.4 191.3 192.0 213.5 257.6 223.5 273.6 342.5 373.7 423.0 41.0 41.0 31.3 61.6 

Dimensions: 

Fuselag.: 
length (m) 46.96 46.96 53.96 47.24 47.24 53.67 53.67 62.78 62.78 n.88 24.38 24.38 27.93 27.88 
Height (m) 4.10 4.10 4.10 5.03 5.03 5.03 5.03 6.20 6.20 6.20 2.69 2.69 2.28 3.30 
Width (m) 4.00 4.00 4.00 5.03 5.03 5.03 5.03 6.20 6.20 6.20 2.69 2.69 2.28 3.30 
Nose section length (m) 5.11 5.11 5.11 7.29 7.29 7.29 7.29 9.50 9.50 9.50 4.50 4.50 3.30 4.70 
Tall section length (m) 9.91 9.91 9.91 11.98 11.98 11.98 11.98 16.33 16.33 16.33 6.60 6.60 5.30 10.40 
FlnessRatio 11.74 11.74 13.49 9.39 9.39 10.67 10.67 10.13 10.13 11.75 9.06 9.06 12.25 8.45 

Wing: 
Area (m,") 185.25 185.25 185.25 283.30 283.30 283.30 283.30 427.80 427.80 427.80 54.54 54.54 51.18 93.50 
Span (m) 38.05 38.05 39.06 47.57 47.57 47.57 47.57 60.90 60.90 60.90 21.21 21.21 20.04 28.08 
Aspect Ratio 7.82 7.82 7.82 7.99 7.99 7.99 7.99 8.67 8.67 8.67 8.25 8.25 7.85 8.43 
Taper Ratio 0.243 0.243 0.243 0.213 0.213 0.213 0.213 0.150 0.150 0.150 0.276 0.276 0.231 0.257 
Root (tfc) % 15.10 15.10 15.10 15.10 13.30 13.30 14.00 12.30 
Average (t/c) % 
Tip (tic) % 10.30 10.30 10.30 10.30 10.00 10.00 10.00 9.60 
MAC.(m) 5.18 5.18 5.18 6.38 6.38 6.38 6.38 10.00 10.00 10.00 2.60 2.60 2.70 3.80 
% Chord SWeep (") 25.00 25.00 25.00 31.50 31.50 31.50 31.50 31.60 31.60 31.60 24.75 24.75 22.73 17.45 

Wing High Lift Devices: 
Trailing Edge Flaps Type 52 52 52 82181 S2/S1 821S1 S2JS1 52151 S2/S1 S21S3 52 52 52 F2 
Flap 5panllNing Span 0.757 0.757 0.757 0.750 0.750 0.750 0.750 0.758 0.758 2.758 0.660 0.660 0.720 0.580 
of'o 
Aap Angle (Take-off) 15 15 15 15 15 15 15 15 
Flap Angle (landing) 30 30 30 30 30 30 30 42 
Area(m'") 30.38 30.38 30.38 36.88 36.88 36.88 36.88 10.60 10.60 8.36 17.08 
leading Edge Aaps Type slats slats slats slats slats slats slats slats slats slots slats slats none none 
Area(m2) 18.39 18.39 18.39 28.3 28.3 28.3 28.3 
Drooped Ailerons no no no no no no no no no no no no no no 

VettJcal Tall: 
Area(~) 34.37 34.37 34.37 46.14 46.14 46.14 46.14 53.23 53.23 53.23 9.18 9.18 7.20 12.30 
Height (m) 7.33 7.33 7.33 9.01 9.01 9.01 9.01 9.24 9.24 9.24 2.60 2.60 3.10 3.30 
Aspect Ratio 1.56 1.56 1.56 1.76 1.76 1.76 1.76 1.60 1.60 1.60 0.74 0.74 1.33 0.89 
Taper Ratio 0.351 0.351 0.351 0.306 0.306 0.306 0.306 0.290 0.290 0.290 0.730 0.730 0.600 0.740 
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Manufacturer FOKKER ILYUSHIN ILYUSHIN ILYUSHIN ILYUSHIN LOCKHEED Douglas Douglas Douglas Douglas Douglas Douglas MeD MeD MeD MeD 
ITw. F100 11-62MfMK 11-86 11-96-300 I1-96M L-1011 TrlStar 100 DC9-10 DC"",,. DC9-40 DC .... DC-1D-1. Dc-10-30 MD-81 MD-82 MD-83 MD-87 

In service date 1988 1974 1980 1994 1996 1973 1971 1971 1980 1980 1980 1980 

Number In Operation (On Order) 

AsiaJPacific 37(7) 17 19 - - 12 - 7 5 - -> 43 -> -> -> 98(2) 
Europe 80 131 n 9 - 15 • 42 25 20 -> 54 -> -> -> 337(10) 
Middle EastfAfrlca 7 2 - - - 25 - 7 1 -> 4 -> -> -> 3 
North & South America 162(1) 13 - - - 11. 92 439 32 .7 -> 196 -> -> -> .80(8) 
To1al 266(14) 163 91 9 - ,.8 98 495 62 88 -> 297 -> -> -> 1118(20) 

Engine: 

POINerplant Manufacturer R·R Soloviev Kuznetsov Soloviev paw R·R PW PW PW PW GE GE paw paw paw paw 
Model No. Tay 620 [)..30KU KKBMNK-86 PS-BOA 2337 RB211-22B JTS0-5 JTSD-7 JTSD-15A JTSD-15A CF6-50C2B CFS-50C2B JT80-209 JTSD-217AC JTSD-219 JTSD-217BIC 
No. rI engines 2 4 4 4 4 3 2 2 2 2 3 3 2 2 2 2 
Static Thrust (kN) 61.6 107.9 127.5 156.9 164.6 1S7.0 54~ 62.0 ".9 6S.9 17S.0 236.0 85 .• 92.7 96.5 92.7 

Dimensions: 

Fuse/a".: 
length (m) 32.50 49.00 56.10 51.15 SO.50 54.20 27.91 32.2S 34.70 37.14 51.97 51.97 41.30 41.30 41.30 36.30 
Height (m) 3.30 4.30 6.08 6.0S 6.08 •. 06 3.60 3.60 3.60 3.60 •. 02 •. 02 3.61 3.61 3.61 3.61 
Width (m) 3.30 4.30 •. 06 •. 08 8.08 •. 06 3.60 3.60 3.60 3.60 6.02 •. 02 3.61 3.61 3.61 3.61 
Nose section length (m) 4.70 5.90 9.70 9.S0 9.80 9.50 5.09 5.09 5.09 5.09 5.25 5.25 5.25 5.25 
Tail section length (m) 10.40 15.40 15.60 15.60 16.20 9.86 9.88 9.S6 9.88 10.45 10.45 10.45 9.60 
FinessRatio 9.85 11.40 9.23 S.41 9.95 S.94 7.75 8.97 9.64 10.32 11.44 11.44 11.44 10.06 

Wing: 
Area (rnZ) 93.50 279.55 320.00 391.60 391.60 321.50 00.77 92.97 92.97 92.97 367.70 367.70 112.30 112.30 112.30 112.30 
Span (m) 28.08 43.20 48.06 57.68 57.66 47.35 27.25 2S.47 28.47 2S.47 50.40 50.40 32.87 32.87 32.87 32.87 
Aspect Ratio 8.43 .... 7.22 8.49 8.49 6.97 8.88 8.n 8.72 8.n 6.91 6.91 9.62 9.62 9.62 9.62 
Taper Ratio 0.257 0.250 0.273 0.278 0.278 0.258 0.194 0.206 0.206 0.206 0.233 0.233 0.197 0.197 0.197 0.197 
Root (tic) % 12.30 12.40 13.65 13.65 13.65 13.65 12.20 12.20 
Average (tic) % 10.70 11.65 11.60 11.60 11.60 11.00 11.00 11.00 11.00 11.00 11.00 
Tip (tic) % 9.60 9.00 9.80 9.60 9.60 9.60 8.40 8.40 
MAC.(m) 3.80 7.20 7.60 7.50 7.50 7.87 3.60 3.66 3.66 3.66 8.00 8.00 4.00 4.00 4.00 4.00 
% Chord SWeep (0) 17.45 32.50 35.00 30.00 30.00 35.00 24.00 24.00 24.00 24.00 35.00 35.00 24.50 24.50 24.50 24.50 

Wing High Lift Devices: 
Trailing Edge Flaps Type F2 52 52 52 52 52 52 S3 S3 S3 52 52 52 52 52 82 
Flap SpanM'ing Span 0.880 O.no 0.740 0.790 0.790 0.770 0.670 0.670 0.670 0.670 0.680 0.680 0.670 0.670 0.670 0.670 
cl/e 0.240 0.260 0.360 0.360 0.360 0.360 0.250 0.250 
Flap Angle (TakEH>ff) 15 22 15 15 15 15 15 15 11 11 11 11 
Flap Angle (landing) 42 30 42 50 50 50 50 55 55 40 40 40 40 
Area{m2) 17.0S 43.48 49.80 19.5S 19.58 19.58 19.58 62.1 62.1 
leading Edge Flaps Type none ""ne slats slats slats slats none slats slats slats slats slats slats slats slats slats 
-(m') 33.45 - 11.58 11.58 11.58 43.84 43.84 
Drooped Ailerons 00 no no no no no no no no no no no no no no no 

Vet1lcal TaJl: 
Area{m2) 12.30 35.60 57.10 61.00 56.20 51.10 14.96 14.96 14.96 14.96 56.21 56.21 15.60 15.60 15.60 18.50 
Height (m) 3.30 6.05 8.80 9.40 8.00 9.90 3.90 4.90 5.90 •. 90 11.16 11.16 4.10 4.10 4.10 4.20 
Aspect Ratio 0.89 1.03 1.36 1.45 1.14 1.92 1.02 1.60 2.33 3.18 2.22 2.22 1.08 1.08 1.08 0.95 
Taper Ratio 0.740 0.540 0.330 0.280 0.400 0.290 0.750 0.750 0.750 0.750 0.475 0.475 0.707 0.707 0.707 0.750 
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Manufacturer FOKKER ILYUSHIN ILYUSHIN ILYUSHIN ILYUSHIN LOCKHEED Douglas Douglas Douglas Douglas Douglas Douglas M,D M,D M,D M,D 
TYPe F100 11-62M/MK 11-86 11-!16-300 I1-96M ... 1011 TrlStar 100 DC9-10 DC9-30 DC9-40 DC9-60 Dc-1o-10 DC-1G-30 MD-4I' M .... MD-83 MD-4I7 
% Chord Sweep (") 41.00 44.00 45.00 45.00 35.00 42.00 42.00 42.00 42.00 40.00 40.00 4200 4200 4200 42.50 
Tail Arm(m) 13.60 18.60 24.90 23.55 25.90 20.60 11.70 13.10 14.50 14.50 20.65 20.65 15.70 15.70 15.70 13.60 
"'IS 0.132 0.127 0.178 0.156 0.144 0.159 0.172 0.161 0.161 0.161 0.153 0.153 0.139 0.139 0.139 0.165 
SVlv/Sb 0.064 0.049 0.092 0.064 0.064 0.069 0.074 0.074 0.082 0.082 0.063 0.063 0.066 0.066 0.066 0.066 

HorlzoraJ TaJl: 
Area (m2) 21.72 50.50 90.90 98.50 96.50 119.10 25.60 25.60 25.60 25.60 124.30 124.30 29.17 29.17 29.17 29.17 
Span (m) 10.04 12.23 20.57 20.57 20.57 21.90 11.23 11.23 11.23 11.23 21.69 21.69 12.24 12.24 12.24 12.24 
Aspect Ratio 4.64 2." 4.65 4.38 4.38 4.03 4.93 4.93 4.93 4.93 3.78 3.78 5.14 5.14 5.14 5.14 
Taper Ratio 0.390 0.360 0.410 0.290 0.290 0.310 0.318 0.318 0.318 0.318 0.344 0.344 0.330 0.330 0.330 0.400 
% Chord Sweep (") 25.00 36.00 37.50 37.50 36.00 30.00 30.00 30.00 30.00 35.00 35.00 30.00 30.00 30.00 30.00 
Tail Arm(m) 16.00 22.50 25.30 24.25 26.50 17.70 14.35 15.82 17.23 17.23 19.80 19.80 18.00 18.00 18.00 16.30 
ShlS 0.232 0.181 0.284 0.246 0.246 0.370 0.295 0.275 0.275 0.275 0.338 0.338 0.250 0.250 0.250 0.260 
ShlhJSc 0.978 0.666 0.946 0.797 0.871 0.833 1.176 1.190 1.296 1.29£ 0.837 0.837 1.169 1.169 1.189 1.058 

Undercarriag': 
Track (m) 5.04 6.80 11.15 10.40 10.40 10.90 5.03 5.03 5.03 5.03 10.67 10.67 5.08 5.08 5.08 5.08 
Wheelbase (m) 14.01 24.49 21.34 20.07 27.35 21.33 13.32 16.22 17.10 18.60 22.05 22.05 22.07 22.07 2207 19.18 
Turning radius (m) 20.07 43.00 19.80 20.70 23.00 39.00 39.00 22.80 22.80 2280 20.50 
No. of Nose Wheels 2 , 2 2 2 2 2 2 2 2 2 2 2 2 2 2 
Nose Wheel Diameter(m) 0.610 0.930 1.120 1.250 1.260 0.666 0.666 0.666 0.666 0.680 0.680 0.680 0.680 
Nose Wheel Tread Width(m} 0.196 0.305 0.450 0.460 0.460 0.189 0.169 0.189 0.189 0.356 0.356 0.356 0.356 
No. of Main Wheels 4 8 12 12 12 8 4 4 4 4 8 '0 4 4 4 4 
Main Wheel Dlameter(m} 1.016 1.450 1.300 1.300 1.300 1.024 1.024 1.024 1.024 1.130 1.130 1.130 1.130 
Main Wheel Tread Wldth(m) 0.356 0.450 0.480 0.480 0.480 0.356 0.356 0.356 0.358 0.508 0.508 0.508 0.508 

Nlc.,I.: 
length(m) 5.10 6.15 7.00 5.90 6.00 6.10 5.30 5.30 5.30 5.30 7.50 7.50 8.10 6.10 6.10 6.30 
Max Wldth(m} 1.70 2.35 2.00 2.20 2.60 2.75 1.56 1.56 1.56 1.56 3.00 3.00 2.00 2.00 2.00 1.80 
Spanwise location 0.41/0 .. 69 0.3710.58 0.3710.58 0.436 0.343 0.343 

Op.ratlonal rtems: 

Accomodatlon: 
Max seating (single class) 119 174 350 300 375 400 90 119 125 139 380 360 172 172 172 130 
Two class seating 107 140 234 335 304 68 97 105 122 277 277 155 155 155 114 
Three class seating - - - 235 - - - - - 231 231 - - - -
No. abreast - 6 9 9 9 10 5 5 5 5 9 9 5 5 5 5 
Hold volume (m2) 16.72 48.00 71.52 115.90 143.04 110.40 17.00 25.30 28.90 28.40 132.20 132.20 35.20 35.20 28.70 25.60 
Volume per Passenger 0.14 0.28 0.20 0.39 0.38 0.28 0.19 0.21 0.23 0.20 0.35 0.35 0.20 0.20 0.17 0.20 

WeIghts (kg}: 
Ramp 43320 212281 35605 49500 52168 54700 255000 63950 68270 73030 63950 
Max. take-off 43090 165000 205000 216000 270000 211374 35245 49000 51710 54420 253636 63500 67812 72580 63500 
Max. landing 38780 105000 175000 175000 166922 33565 45000 46265 49565 182798 58000 58970 63280 58000 
Zero-fuel 35630 94600 157000 145150 30120 39500 42184 44670 166922 53500 55340 55340 53524 
Max. payload 11108 23000 42000 40000 56000 33355 9570 14000 15510 15265 48330 17953 16802 18721 17619 
Max. fuel payload 10000 15000 30000 19138 12484 12792 12S00 32000 10252 14620 14887 12728 
Design payload 10165 13300 22230 22325 31825 26880 6460 9215 9975 11590 25315 14725 14725 14725 10830 
Design fuel load 8332 80100 185nO 76875 I05n5 70699 8235 14385 13935 13530 115957 13205 17457 21235 19417 
Opsempty 24593 71600 117000 132400 111795 20550 25400 27800 29300 121364 35570 35630 36820 33253 

WeIght Ratios: 
Ops EmptyfMax TlO 0.571 0.434 0.542 0.490 0.529 0.583 0.518 0.538 0.538 #DlVlOr 0.460 0.560 0.525 0.505 0.524 
Max PayloadIMax TIO 0.258 0.139 0.202 0.185 0.215 0.158 0.272 0.286 0.300 0.281 #DIVIOI 0.183 0.283 0.2n 0.256 0.2n 
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Manufacturer M.D M.D M.D M.D TUPOLEV TUPOLEV TUPOLEV TUPOLEV 
TVD. MD-OO-OO MD-11 MD-12LR MD-12HC Tu-134M Tu-154M Tu-204-200 Tu-334 

In service date 1995 1990 ???? ???? 1972 1994 1997 

Number In Operation (On Order) 

AsiaIPacific 4(42) 46(') - - 41 139 - -
Europe (8) 41(5) - 3n 58S 9 -
Middle East/Africa -29 (') - 8 14 - -
North & South America 13(21) 64(6) - - 3 7 - -
Total 17(100) 151(19) - - 429 74S 9 -
Engine: 

PO'YVerplant Manufacturer IAE GE R-R/GEIF¥J R-RlGEIPW Aviadvigatel Soloviev Lotarev 
Model No. V2525-05 CF6-80C2 C1F Options Options [)...30KU-154-11 PS-90A D-436T1 
No. of engines 2 3 4 • 3 2 2 
Static Thrust (kN) 111.2 274.0 264.7 284.7 104.0 157.0 73.6 

Dimensions: 

Fuselage: 
Length (m) 43.00 58.65 58.82 58.82 43.50 46.7 
Height (m) 3.61 6.02 8.51 8.51 3.80 3.8 4.05 
Width (m) 3.61 6.02 7.47 7.47 3.80 4.1 4.05 
Nose section length (m) 5.70 9.50 11.00 11.00 6.40 5.S 
Tail section length (m) 10.70 12.84 17.12 17.12 13.20 12.9 
Finess Ratio 11.91 9.74 7.87 7.87 11.45 11.39 

WIng: 
Area (m~ 112.30 338.90 543.00 543.00 201.45 182.40 83.23 
Span (m) 32.87 51.77 64.92 64.92 37.55 42.00 29.n 
Aspect Ratio 9.62 7.91 7.76 7.76 7.00 9.67 10.65 
Taper Ratio 0.203 0.238 0.216 0.216 0.256 0.250 0.230 
Root (t/c) % 12.20 14.00 
Average (t/c) % 11.00 
Tip (flc) % 8.40 9.50 
MAC.(m) 4.00 7.35 8.91 8.91 5.30 4.80 
y.; Chord SWeep (0) 24.50 35.00 35.00 35.00 35.00 28.00 24.00 

Wing High Lift Devices: 
Trailing Edge Flaps Type 52 52 52 52 52 53 52 52 
Flap SpanMIing Span 0.630 0.700 0.605 0.750 0.770 0.670 
ef/. 0.230 0.310 
Flap Angle (Take-off) 25 25 
Flap Angle (Landing) 30 
Area(m'") 
Leading Edge Flaps lVI" slats slats slats slats none slats slats slats 
Area(m'") 
Drooped Ailerons "0 "' "' "0 "0 "0 "0 . "0 
Vertical raU: 
Area{m~ 21.40 58.20 96.10 96.10 31.70 34.20 
Height (m) 4.70 11.16 12.90 12.90 5.60 7.70 
Aspect Ratio 1.03 2.22 1.73 1.73 0.99 1.73 
Taper Ratio 0.770 0.369 0.345 0.345 0.650 0.340 0.830 
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ENGINE DATA 



MANUFACTURER BMW ROLLS-ROYCE BMW ROLLS-ROYCE CFM INTERNATIONAL CFM INTERNATIONAL CFM INTERNATIONAL GENERAL ELECTRIC GENERAL ELECTRIC 
ENGINE MODEL BR71 0-48 BR715.o5 CFM56-3Cl CFM56.oAl CFM56.oC2 CF6-8oC2-A5 CF6-8oC2,Bl F 

TAKE-OFF ISA SLS 

Thrust Ob) 14845 19883 23500 25000 31200 60100 57900 
Flat rating ('C) 35.0 30.0 30.0 30.0 30.0 30.0 32.0 
Bypass ratio 4.00 4.70 4.80 6.00 6.40 5.05 5.15 
Pressure ratio 25.70 32.10 30.60 30.60 38.20 30.40 30.40 
Mass flow Obls) 445 614 710 852 1065 1769 1764 

CLIMB 

Max Thrust Ob) 3564 4716 5540 5670 7580 12860 13180 
Flat rating rC) ISA+l0 ISA+l0 na na na na na 

CRUISE 

A1tnude (It) 35000 35000 35000 35000 35000 35000 35000 
Mach number 0.80 0.80 0.80 0.80 0.80 0.80 0.80 
Thrust Ob) 3480 4380 na na na 11340 12820 
Thrust lapse rate 0.234 0.220 na na na 0.189 0.221 
Flat rating ('C) ISA+l0 ISA+l0 na na na na na 
Sfc Iblhr/lb 0.640 0.620 0.667 0.596 0.545 0.578 0.564 

DIMENSIONS 

length (m) na na 2.362 2.423 2.616 4.086 4.086 
Fan diameter (m) 1.219 1.397 1.524 1.735 1.836 2.362 2.362 
Basic engine weight Ob) na na 4301 4975 5495 9389 9499 

CONFIGURATION 

Number of shafts 2 2 2 2 2 2 2 
Compressor 1+1lP 10HP 1+2lP 10HP 1+3LP9HP 1+3lP9HP 1+4lP9HP 1+4lP 14HP 1+4lP 14HP 
Turbine 2HP 2lP 2HP3lP lHP4LP lHP 4lP lHP 5lP 2HP 5lP 2HP 5lP 

EIS 1996 na Doe 1986 Aug 1987 Oct 1994 Sep! 1987 na 

APPLICATIONS Gulfstream V na Booing 737-400 AirbusA320 AirbusA340 Airbus A300-600R Booing 747-400 
Canadair Global Express Boeing 737-500 

Approximate Cost($mil) 3.20 3.50 4.55 6.20 6.10 

Cl 



MANUFACTURER GENERAL ELECTRIC GENERAL ELECTRIC GENERAL ELECTRIC IAE JASC AVlADVlGATEL JASC AVlADVlGATEL PRATT & WHITNEY PRATT & WHITNEY 
ENGINE MODEL CF6-110C2-B2 CF6-110E1A2 GE 90-ll5B V2525.Q5 D-30KU 11 PS-90A JT5D·219 PW2037 

TAKE-OFF ISA SLS 

Thrust Ob) 52500 67500 87400 25000 23850 35275 21000 38250 
Flal rallng ('C) 32.0 30.0 30.0 30.0 15.0 30.0 28.9 30.5 
Bypass ratio 5.31 5.30 8.40 4.80 2.42 4.60 1.72 6.00 
Pressure ratio 30.40 32.60 39.30 27.70 na 35.50 20.10 27.60 
Mass flow Obls) 1650 1926 3037 784 593 na 497 1210 

CLIMB 

Max Thrust Ob) 12650 na 18000 6061 na na na 8500 
Flat rating ('C) na na na ISA+l0 na na na ISA+l0 

CRUISE 

Alt~ude (fl) 35000 na 35000 35000 36089 36089 35000 35000 
Mach number 0.80 na 0.83 0.80 0.80 0.80 0.76 0.85 
Thrust Ob) 12000 na na 5773 6063 7716 5179 6500 
Thrust lapse rate 0.229 na na 0.231 0.254 0.219 0.247 0.170 
Flat rating (,C) na na na ISA+l0 na na na ISA+l0 
SIc Iblhrllb 0.576 0.562 0.545 0.574 0.700 0.595 0.747 0.582 

DIMENSIONS 

Length (m) 4.086 4.173 4.897 3.204 5.200 4.964 3.917 3.592 
Fan diameter (m) 2.362 2.438 3.124 1.613 1.455 1.900 1.250 1.994 
Basic engine weight (lb) 9388 10627 15596 5252 5110 6503 4612 7185 

CONFIGURATION 

NUmber of shafts 2 2 2 2 2 2 2 2 
Compressor 1+4LP 14HP 1+4LP 14HP 1+3LP 10HP 1+4LP 10HP 1+3LP llHP 1+2LP 13HP 1+6LP 7HP 1+4LP llHP 
Turbine 2HP5LP 2HP5LP 2HP6LP 2HP5LP 2HP 4LP 2 HP4LP lHP3LP 2HP5LP 

EIS Sep! 1986 na 1995 Cc! 1994 1982 1992 Fob 1986 Doe 1983 

APPLICATIONS Beeing 767·200ER Airbus A330 Booing 777 MD-90-10 Tupolev Tu-154M lIyushin IL-96-300 MO-BO series Beeing 757-200 
Beeing 767-300 MD-90-30 Tupolev Tu-204 C-17 Globemaster III 

Approximate Cost($mil) 5.90 7.00 11.00 2.99 4.00 
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MANUFACTURER PRATT & WHITNEY PRATT & WHITNEY PRATT & WHITNEY ROLLS ROYCE ROLLS ROYCE ROLLS ROYCE ROLLS ROYCE ROLLS ROYCE ROLLS ROYCE 
ENGINE MODEL PW4056 PW4168 PW4084 CONWAY301 RB 183 555-15P RB-211-624H RB-211-635E4lE4-B SPEY 511-6 TRENT 772 

TAKE-OFF ISA SLS 

Thrust Ob) 55750 68000 84000 21030 9900 60600 43100 11400 71100 
Flal raling (·C) 33.3 30.0 30.0 na 25.0 30.0 29.0 23.5 30.0 
Bypass ratio 4.85 5.10 6.41 0.42 0.71 4.30 4.30 0.64 4.89 
Pressure ratio 30.20 32.00 34.20 15.00 21.00 33.00 25.80 18.40 36.84 
Mass flow QbJs) 1705 1934 2550 375 208 1605 1151 197 1978 

CLIMB 

Max Thrust Ob) na na na na na 12726 9110 na 15386 
Aat rating rC) na na n. na na ISA_l0 ISA_l0 na ISA_l0 

CRUISE 

AHttude (ft) 35000 35000 35000 na 25000 35000 35000 43000 35000 
Mach number 0.80 0.80 0.83 na 0.74 0.85 0.80 0.75 0.82 
Thrust Ob) na na n. na 3730 11813 8495 2100 11500 
Thrust lapse rate na na na na 0.377 0.195 0.197 0.184 0.162 
Flat rating (·C) na na n. na na ISA_l0 ISA_l0 na ISA_l0 
SIc IblhrJlb na na na 0.806 0.800 0.570 0.598 0.800 0.565 

DIMENSIONS 

Length (m) 3.879 4.143 4.869 3.912 2.456 3.175 2.995 2.784 3.912 
Fan diameter (m) 2.377 2.535 2.845 1.295 0.826 2.192 1.882 0.826 2.474 
Basic engine weight (lb) 9400 12340 14545 5159 2257 9670 7500 2483 10550 

CONFIGURATION 

Number of shafts 2 2 2 2 2 3 3 2 3 
Compressor 1_4LP l1HP 1+5LP llHP 1_6LP llHP 4_4LP9HP 4LP 12HP lLP 71P 6HP lLP61P6HP 5LP 12HP lLP81P6HP 
Turbine 2HP4LP 2HP 5LP 2HP7LP lHP 2LP 2HP2LP lHP 1IP 3LP lHP liP 3LP 2HP2LP lHP11P4LP 

EIS Oct 1987 Jull993 1994 1965 1969 Jun 1989 OC! 1984 1968 Jan 1995 

APPLICATIONS Boelng 767-300 AirbusA330 Boeingm Super VC10 Fokker F28 Mk4000 Boeing 747-400 Soeing 757-200 Gulfstream 11 AlrbusA330 
Boeing 767-300ER Boeing 767-300 Tupolov Tu-204 Gulfstream III 

Approximate Cost($mil) 6.15 7.45 9.44 6.80 5.30 11.00 

C-3 



MANUFACTURER ROLLS ROYCE ROLLS ROYCE ROLLS ROYCE ROLLS ROYCE/SNECMA TEXTRON TEXTRON W1LLIAMS ROLLS ZMKB PROGRESS ZMKB PROGRESS 
ENGINE MODEL TRENT 890 TAY 620 TAY 651 OLYMPUS 593 610-14-28 LF507 ALF602R-S FJ44 D-18T D-436Tl 

TAKE'()FF ISA SLS 

Thrust Ob) 91300 13850 15400 38000 7000 6970 1900 51660 16865 
Flat rating rC) 30.0 30.0 28.0 na 23.0 15.0 22.2 13.0 30.0 
Bypass ratio 5.74 3.04 3.07 na 5.60 5.70 3.28 5.6 4.95 
Pressure ratio 42.70 15.80 16.60 11.30 14.00 12.20 12.80 25.00 25.20 
Mass flow (Ibis) 2720 410 426 410 256 na 63.3 1687 na 

CLIMB 

Max Thrust Ob) 18020 3420 3895 na na na na na na 
Flat rating ("C) ISA+l0 ISA+5 ISA.l0 na na na na na na 

CRUISE 

AIt~ude (ft) 3500 35000 35000 53000 na 25000 30000 36089 38089 
Mach number 0.83 0.80 0.80 2.00 na 0.70 0.70 0.75 0.75 
Thrust Ob) 13000 2550 2950 10030 na 2250 600 10716 3307 
Thrust lapse rate 0.142 0.184 0.192 0.264 na 0.323 0.316 0.207 0.196 
Flat rating rC) ISA+l0 na na na na na na na na 
Sfc Iblhrllb 0.557 0.690 0.690 1.190 na 0.720 0.750 0.570 0.610 

DIMENSIONS 

Length (m) 4.369 2.405 2.499 3.810 1.487 1.443 1.021 5.400 na 
Fan diameter (m) 2.794 1.118 1.143 1.207 1.059 1.059 0.531 2.330 1.373 
Basic engine weight (lb) 13133 3185 3380 6780 1385 1336 445 9039 3197 

CONFIGURATION 

Number of shafts 3 2 2 2 2 2 2 3 3 
Compressor lLP81P6HP 1.3LP 12HP 1.3LP 12HP 7LP7HP 1+2LP 7HP lCF 2LP 1.2LP7.1HP 1.ILP lCF HP lLP 71P 7HP 1.1LP 61P 7HP 
Turbine lHP liP 5LP 2HP 3LP 2HP 3LP lHP lLP 2HP2LP 2HP2LP lHP2LP lHP liP 4LP lHP liP 3LP 

EIS na Apr 1988 Oee 1992 Sep! 1975 1991 July 1982 1992 1982 1996 

APPLICATIONS Seeing 777 Fokker 100 Re-engined 727·100 Concorde BAe146-3oo BAe146-100 Cessna CitationJet Anlonov AN-124 Tupolev Tu-334-1 
Fokker70 Avre RJ BAe146-2oo SJ30 Antonov AN-225 

Approximate Cost($miO 11.70 2.60 1.66 
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AIRCRAFT MODEL: INPUT/OUTPUT 
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IAlrcraft DeSign 
1 Rhodes 

.ATED DATA 

j i I (Kq/ms) 

ISpee,1 of sound (mls) 

'emp, i 

~i I 

I 
I 

ataltHude 

I i 

j 1I area 
i I Idiameler 

Effecli,e fuselage I 
IEffecli,e fuselage I 

Wing: 
Span (m) 
Roolchord 

i ,chord 

I and lail quarter chords 

I mean chord (SMC) (m) 
ean , chord (MAC) (m) 
hore al i 
'c) 'junction 

I area (m'l 
'aper I junelion 
_alerall ItA.: (m) 

rom' I, leading edge (m) 
10 chore I ral (Vc) of MAC 

_eading edge sweep angle, 
I sweep angle I 

'rail edge sweep angle (0) 

I 
'oulboard , I 

j j 

j i j i 
hie""essaper rali 

Wing o'rtoill 
Wing a'rtoU area laper 
Wing' 

I 

~. 

Calculated Data 

D-3 

~ 
!mU ik90 
loiiiI k80i 
laO I keel 

Ib 
CroolW 
CtipW 

Cfuse 
l(Ve)f 
ISnel 
Lambdal 
Ivbar(W) 
Ixbar(W) 

IleW 
11/2eW 
IleW 
Izs 
rzr 
iiici1 
iiCf1 

288. 
le 

.7' 
""1Al 

J. 

~ 
1.224 

"ill:; 
296. 
236.' 

3650 

:tI 

75 

38.06 
7.76 
1.97 
4.87 

5.442 
7.16 
0.14 

-155.41 
0.28 
7.63 
5.50 

0.124 
28.48 
21.32 

.32 
6.95 



I I 
I 

FNlFN' (max cHmb) 
FNlFN' (max cruise) 
Cruise SFC (Iblhrnb) 
Flat Rating 
Fan diameter 

Calculated Data 

1 from ISA 
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SFC 
FN_flatrate 

Swe~ 

Swatw 
Swetv 
Sweth 

0.22 
0.205 
0.596 

1.00 
1.95 

534.30 
320.7 



Wing Calcs 

Aircraft Design Program 
By Darren Rhodes 
March '95 

Wing Geometry: 

Quarter chord sweep angle 
Sweep joint spanwlse location 
Actual wing taper ratio 
Inboard panel taper ratio 
Outboard panel taper ratio 

Root chord estimate 

Inboard panel: 
Leading edge sweep angle 
Trailing edge sweep angle 
Sweep line chord 
Offset 
Area 
Span 
Aspect ratio 

Outboard panel: 
Sweep line chord 
Leading edge sweep angle 
Trailing edge sweep angle 
Area 
Span 
Aspect ratio 
Tip chord 

Total wing area (check) (m,) 

Coordinates: 
Wing CIL 
Wing tip 
Wing tip trailing edge 
Sweep joint trailing edge 
Wing trailing edge 

calculating parameters: 

with anhedraT: 
'<!W·' 
;iT 

WING: 
Thela LE 
ThetaTE 

Kink Chord / Span 
Actual Span 

Anhedral 
No. of ,Surfaces 

Single Surface Span 
Tip chord 

Panel span 
Panel root chord 

Taper ratio 
S (both halves) 
C bar of panel 
YMAC of panel 

.' X~ElP'~' 
Co'mponent otX barle 

Y to panel root chord 
Y to MAC of panel from panel root; 

,Component' cif Y MAC: 

Panei span: 
S (both'h'alves)' 

Yw,c of panel 
:.:. Y:to panel ~ chord 

Y to MAC of panel from panel root' 
Component of Y MAC 

Z CQl'!1ponent 

Equivalent aerodynamic surface (based on real wing) 
Section 

V .. 
Vb 

0/2 

.... 
Li 

Sweep 

0-5 

25.00 
Tor 0.3895 
cIIer 0.2195 
ck/er 0.561 
click 0.391 

er 8.998 

28.73 
0.87 
5.05 
4.06 

104.11 
14.82 
2.11 

5.05 
28.73 
15.84 
81.59 
23.24 
6.62 
1.98 

185.71 

X 
0.00 

10.43 
12.41 

9.11 
9.00 

Pl P2 
28.73 28.73 

.•. 0.87 . ';.,,15.84 . 
0 ; ;.0.390. 
0 7.412 

0.00 0.00 
2 o or2 

19.031 m 
1.975 m 

P 1 P2 
7.412 4.006 
8.998 5.048 
0.561 0.790 

104.114 36.199 
7.208 4.539 
3.359 1.925 

0 4.063 
191.69 185.27 
0.000 7.412 
3.359 9.337 

349.695 337.991 

Pl P2 
7.412 4.006 

104.114 36.199 
3.359 1.925 
0.000 7.412 
3.359 9.337 

349.695 337.991 
0.000 0.000 

P1+P2 +P3 
7.412 11.418 

0 0 
11.418 15.224 
0.000 0.000 
6.259 8.345 
28.73 28.73 

V 
0.00 

19.03 
19.03 
7.41 
0.00 

P3 P4 Tip 
28.73 28.73 90 dog 
15.84 15.84 -90 :deg 
0.600 "'0.800' 1 
11.418 15.224 19.031 m 
0.00 0.00 1 dog 

X Offset 0.000" 
.. 
;',m 

YOffset 0.000 m 
Z Offset 0.000, m 

P3 P4 Tip 
3.806 3.806 0.000 m 
3.988 2.982 1.975 m 
0.748 0.662 1 
26.529 18.866 1 :m2 

3.509 2.512 1 m 
1.811 1.774 1 m 
6.259 8.345 10.432 m 
192~9 175.79 1 .m' 
11.418 15.224 19.031 m 
13.230 16.999 1 m 

350.973 320.699 1 m' 

P3 P4 Tip 
3.806 3.806 1 im" 
26.529 18.866 'm2 

1.811 1.774 m 
11.418 15.224 19.031 m 
13.230 16.999 1 im 

350.973 320.699 1 m' 
0.000 0.000 0.000 m 

+P4 s;;J 185.708 m' 
15.224 ;rn C;~~i 7.783 .m 

0 m 
19.031 m MAC 5.455 m 
0.000 m LE MAC 4.181 m 
10.432 m %MACj 5.545 im 

28.73 :deg Y~· 7.627 m 



Wing Calcs 

20,00 

_ J --t--Actual planform I V If •• ~ •• Equivalent wing planform 18.00 

/ ! 
/ ! 

/ l 
V I:' 

16.00 

'''.00 

12.00 

/ 

/ /: 
)( ........ ......... .... .'.~ . 

10.00 

'.00 

6,00 / 
'.00 / 
2.00 / 

RESULTS: 

"Aspect ratio 
Mean LE sweep, incl anhedral 

Taper ratio 

V 0.00 
0.00 

7.801 
28.73 deg 

0.2538 

Area's: Perpfmdlcular 185.708 

Plan 185,708 
i;, ~;i:,.:f~2m;g:qllIv' aero '185.708 

Real wIng MAC co-ordlantes: 

x Y 
4.01 7.32 
9.69 7.32 

Equivalent wing co-ordinates: 

x Y 
0.00 0.00 

10.43 19.03 
12.41 19.03 

7.78 0.00 

Equivalent MAC co-ordinates: 

x Y 
4.181 7.627 
9.636 7.627 

2.00 

: 

: 
4.00 6.00 8.00 10.00 12.00 

Real' Equlv 
MAC 5.682 5.455 m 

X bar LE 4.012 4.181 m 
%ehord MAC 5.433 5.545 m 

Y"", 7.320 7,627 m 
0.385 
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IAircraft Design Program 
I Rhodes 

IMarch '95 

IMASS MODEL: 

,g: 

h'~ 
Iht"h"2 
Iht'2"h' 
(1-1 

Iht"(I-' 

(mo 

1312"h' 
'"h.'2 

Ih.'3 
_oge 

1(1· 

115/1 

.1-h')'3 

'2 

-Z5)) 

l-L 

'-Z.)'2" 1I3Phi 

Mass Model 

1.4424 
1.617 
0.0039 

-1.2159 
0.0493 

.15' 

1.4914 
0.7933 
0.8391 
0.2, 
0.1471 

-0.6371 

0.0908 
0.0444 
0.8382 
1.1342 

-0.li882 
-o~ 
O~ 

0.3949 
.0671 
1.2556 

1-.) 1.8561 

. ~~~~~iT------------------------'--~'))--------4--------+----~'.:~::0~80 
I .0240 

wallower panel .tress 
wall I stress 
ng I , to bending 

shear 
I 

I ive mass 0 Ibs 
I ive mass 0 Iilelons 
I ive mass 0 loa, -free skin 
I ivemasso I i 
I ive mass oraill ng edge flap. 
r ivel 

lwing r I 
letual ma.s of /ling M. 

0-7 

.0941 

1.0056 
0.0065 
0.0124 
0.121 
0.121 



Length I 
IMass of skin based on 
IMass of skin based 0 

IMass of skin based on 
IMass olSkin 

r&1 

IMass, 
IMass, cargo I 
IMass of cargo hOld 
IMass of bulk cargo 
I Mass of access 
IMaSSI i I 
IMass, 
ITotal penalty I 
IMass of cab'nl 
IMass, I 
IMass of 

I 
I Mass of rear i 
IMass, I I '(kgL 
I Mass of nose I I 

ass of ma'n gear bays (kg) 
ass 1 (kg) 
ass , (kg) 
ass I (kg) 
ass, 'f paint, sealing, redux (kg) 

Mass I I 1 jo,nts (kg) 
, (kg) 

I Tailplan. Factor (kg/m~ 
Tailplane Mass (kg) 

!Factor (kg 'm,,) 
,Mass (kg) 

) mass (kg) 

jos. gear (kg) 
~aln gear (kg) 

) mass (kg) 

~ ~oroup: 

Naoelle oroup I 

I 

I ~ I 

I 
I , ('g) 

I group: 
I , (kg) 

I , group: 
I I I • group mass (kg) 

, group I 

r EMPTY MASS (KG) 

I I 1 (kg) 
I(kg) 

(kg) 
I 

Mass Model 

0·8 

I 
IMrbl 
IMob 
IMngb 
IMmgb 
IMconn 
IMsupp 
IMfalnng 
IMpalnt 
IMjo'nts 

IMh/Sh 
IMh 
IMv/Sv 
IMv 
IMtail 

IMnuc 
IMmuc 
IMuc 

I Mhyd 

IMel 

IMalr 

I Msys 

IMdew 

150.16 
173. 
81. 
95.21 

272.39 

.967.88 
57.89 

.783.93 

66.91 
9.31 

284.15 
390.16 
359.28 
234.09 
636.13 

95.21 
142.81 

483.61 
1448.83 
478.68 
892.09 

2340.92 

554.31 
3357.08 
4302.60 

376.61 

572.64 

915.21 

2027.64 

1298.46 

5190.57 

365.45 
1085.00 

41.00 



I. wall '. ceilino panels (kg) 
i ,and hane ng s (kg) 

i,ed • por Ible (kg) 
ire detection and 
scape, i 

:rew, 
Inems: 

'. incl. 
r&1 i 

.e,idual fuel (kg) 
argo (kg) 

, system (kg) 
I ropes) (kg) 

) mass (kg) 

(kg) + 2~ 

) Item. ma,s (kg) 

) (KG) 
IMAl( ) (KG) 

!zERo FUEL MASS (KG: 
[MAX ZERO FUEL MASS 

IFUELMASS· 

! 

Mass Model 

0-9 

IMf 

I Mtow 

IMest 

295.9' 
1669.1l 

64.Se 

19.5E 

23.907 

99.634 



~95 
CRUISE I 

IWing 
IVertical tailplan. 

I tailplane 
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I 
ing 
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lrag t of each, 
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IProme drag' 
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I Induced drao ' i 
I'""uceo drag i 
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i1i 
I 

.ift to Drag ratio 
lrag IN) 
'hrus Hate (N) 
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,0IMaxUD 

Cruise 

I KO, 
IRe.. 
IRe.. 
IRe" 
IRe" 

Cf 

IFF 

Q 
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0-10 

I 3.37E+07 

1.74E-O' 

2.51 E-O' 

1.0580 
1.2812 
1.1594 
1.2366 

1.00 
1.10 
1.05 
1.05 

.~ 

0.0150 
0.492 

0.0500 
0.0121 
0.0005 
0.0010 
0.0286 

'.21 

616' 
76.17% 



A1reraft DesIgn program 
By Darren Rhod •• 
AuglLlt'97 

Low lpeed aerocfynlmles: 

AVIr8g1 wing (Vc) 
20 Clmax(-) 
30 Clmax(.) 

Inboard flap Inner spanwlse location 
Inboard flap outer lpanwiSI location 
Outboard flap InnerspanwlH location 
Outboard flap outer spanwl.lloclatlon 

Innerfllop: 
Innlr chord 
outlrchord 
Flappld araa 

Outarnap: 
Innarchord 
Outer chord 
Flapped .raa 

Slat.: 
Innef 'panwlserocatlon 
Doter spanwiH IocatiOl1 
Inboard flapped area 
Outer chord 
Outboard napped area 
SflSref 
•• 1 
C'tC 
,C"",,, 

Induced drag: 

Cl Data: 

Aspect ratio 

Cl 
C2 

CDIfCL"'2 
Equivalent Dswald'. efficilncy .actor 

0.11 
1.61 
1.31 

0.1051 
0.3895 
0.3895 
0.7600 

8.58 
5.05 

73.78 

5.05 
3.18 

58.03 

0.1OS1 
0.9500 

73.78 
2.23 

77.60 
0.82 
0.40 
1.09 
0.31 

Aapanltl k 
o 

Innlr SffSral Duler SftSraf c/C 6CLmax lE 6CLmax LE Clmax Inboard lraaext. Outboard lraa ext. Total ara. ~CDp ~ 
0.00 0.398 0.313 1.000 0.00 0.00 1.31 0.00 0.00 0.00 0.0000 

1 

• to 
f5 
20 

" 30 

8 
8 

to 

" f4 

0.040 0.398 0.313 1.033 0.29 0.00 1.60 4.87 3.83 8.70 0.0003 
0.68 0.398 0.313 1.103 0.52 0.00 1.84 15.12 11.90 27.02 0.0008 
0.83 0.398 0.313 1.118 0.65 0.00 1.96 17.34 13.54 30.98 0.0009 
0.95 0.398 0.313 1.128 0.75 0.00 2.06 18.81 14.80 33.61 0.0010 
1.20 0.398 0.313 1.138 0.95 0.00 2.27 20.29 15.96 38.25 0.0010 
1.040 0.398 0.313 1.144 1.12 0.31 2.75 21.21 16.69 37.90 0.0011 
1.55 0.398 0.313 1.150 1.25 0.31 2.87 22.13 17.41 39.54 0.0011 

Tapernrtio 
02 025 0.3 0.' 0.' OB 0.7 OB 

1.01933 1.01400 1.01050 1.00600 1.00575 1.00800 1.01200 1.01625 
1.02518 1.01875 1.01375 1.00925 1.00925 1.01300 1.01825 1.02425 
1.03127 1.02350 1.01800 1.01250 1.01300 1.01825 1.02525 1.03350 
1.03817 1.02868 1.02200 1.01550 1.01700 1.02400 1.03275 1.04325 
1.05120 1.03714 1.02575 1.01875 1.02125 1.03000 1.04075 1.05300 

1.017872 
1.07041 

0.049994 0.005244839 
0.814187 

0-11 

<1001 oI.CDflap COO 
0.02 0.0000 0.0000 0.0130 
0.02 0.0017 0.0019 0.0149 
0.02 0.0055 0.0063 0.0193 
0.02 0.0084 0.0093 0.0223 
0.02 0.0112 0.0122 0.0252 
0.02 0.0182 0.0193 0.0323 
0.02 0.0251 0.0282 0.0482 
0.02 0.0311 0.0322 0.0543 

0.0142 
0.0163 
0.0198 

0.02211 
0.0306 



Payload Range 

IAliCraitDesla. , 
Byl 
March' 

Payload 

Pavload 26350 
Ranae 

Oos I I IMowe 57685 
Maxi IMo 26350 

I I 

~ 
IMf 15600 

99634 

,'Sti~ 2265 
Actual I Rmaxo 1598 

1 Ma. Fuel: 

IMax Fuel Welahl (ka) 35674 
I Payload (ka) 6276 

,I Still Air Ranae (nm) 5896 
Actual 5015 

Ferrv 

I 

IFue~ 3567 
93358 

Lift Cl 0.46 
:Do 

Induced Draa , 
Draa , 

ITrlm Drac llrlm 
leamo 

ITotal Draa 
lift Draa Ratio 

,I Still , (nm' 6327 
IActual 5421 

Data 

= 1598 50" 
IPaViOad 26350 26350 627' 

Payload Range Diagram 

30000 

25000 

20000 

0; 
<!. I 15000 

.. 
10000 

5000 

0 
0 1000 2000 3000 4000 5000 6000 

Range (nm) 

D-12 



Take-off 

I , Program 
IByl 
IMarch '95 

IStall speed (rn's) IVSto 62.60 
Lift off speed (rn's) IVlol 68.86 

I (m/s) IV2 75: 
Decision speed (rn's) IV 64.30 
IMach I IM 0.20 

lFuselage IRe, 
[Wing [Re" 
IVertical tailplane IRe. 2.17E+07 

I [Re" 
INacelle IRe. 
[Trailing edge Itaps IRe, 7.0IE+0. 
Leading' IRe" 

kin' I 
usela.e 
Vino 
'ertical tailplane 

,I tailplane 
lace ,lie 
raill n., 

_ead in., 

IShape 

I IWin 

~, 
il 

jin. ' 

I 0' IQ 
1.00 

Wing 1.20 
Vertical tailplane 1.05 

1I tailplane 
~acelle 

rrai ling edge flaps 
jing, _ea< 

'rag' 10' each, 

Vino 
ertical ,lane 

,ilplane 
I I 

ligh lift ices 

, surface , and other extras: 
Vi", 

ine i 

lit .. Co. 
Induced drag ' """"l 

~ 
I I ~ 

i .o~ 
i 

Grounc roll to V, , 1.41 

I 

III i 
i 

Grounc roll to\'\ 

, I,!JS 

0-13 



Take-off 

Radius for transition manoeuvre m) R 5283.13 
Ground distance during transition m) S, 185.09 
Height at end of transition (m h, 3.24 

Climb: 
Ground distance from end of transition to screen height rn) S, 212.01 

Total distance m Dcont 1524.99 

Stopping distance: 
Distance covered during free roll for 4% seconds 289.35 
Coefficient KT K, -0.45 
Coefficient K.. K.. -5.63E-06 
Braking_distance from VI S, 456.57 
Total distance m Dstop 1526.32 

Difference between stop and continue Dstop-Dcont 1.33 
Balanced field length (m) BFL 1626.32 

Alternative Method for Balanced Field Length from Torenbeek: 
251.31 

4.56 
1.04 

Balanced field length (m) BFL 1388.76 

TakH)ff Field Len h to screen h~lght: 

Ground roll to Vi: 
Coefficient KT K, 0.2827 
Coefficient K.. K.. ·6.04E·06 
Ground roll to V, S.~ 780.41 

Continuation with all engine operating: 
Coefficient KT K, 0.2618 
Coefficient K.. K.. ·6.04E·06 
Ground roll to VLOf 131.73 

Transition to climb: 
Transition speed m/s) V_ 71.99 
Radius for transition manoeuvre m R 5283.13 
Ground distance during transition rn S, 969.57 
Height at end of transition m) h, 88.97 

Climb: 
Ground distance from lift-off to screen height (m) Ss 335.94 

Total distance (m) Total 1248.08 

FAR Fadored Take-off Distance (m TOO 1435.29 

FAR TakH)ff Field Length fm TOFL 1626.32 

0·14 



Aircraft oe.'gn Program go;:; Rhode. 

2ND: 

I i I Em)' seament (m/s) 

ne inletarea(m' . 
ne nozzle diameter (m) 
ne nozzle area I m~ 

Profile drag: 

2nd seg climb 

I IRe: 
Wing IRe. 

~~~:,~~~'~~IIel'~'milP~lla~ne~================================~i:~~==~-;;j~4 
framng. IRe. 8.41E+06 
Leading edge flaps I Re. 

,kin friction, 
,selage 
fong 
rti~1 lailplane 

~ed,eflapS 

ti~lIallpla ne 
lailillane 

,ling 
leading edge flap. 

'uselage 
"/ing 
lerti~1 milplane 

iI 

rof 

.,.g I oteach ' 

Cf 

FF 

Q 

LaC 

uselage la 
"==ng~--------------------------~---+~~ 
erti~1 ailplane 

i il 
acelles (all 

I High lift levices 

~s~,ms ~~---------------------------------+----~-~~~ 
'rofil. drag. 
'rim dr" 

i 11 drag 

al. rag' , 
al. rag (N) 

'FNIFN" at 
Thrust from, i 

I nt 

Climb Gradienl (AEO) 

c~ 

I Enalne.' 

99BQ.il 
279670:6 

0.1835 



IM"'h '95 

Istall 

i I 

I~. 
~, 

Landing 

R~ 1.53E'08 
Re. 1'.77E'07 
R"_ I 1.64E·07 

I Re, 11.17E'07 

,- Re, 15.31E'06 _ , _______________________________ +.R~ .. ----~7~9E.~007~ 
Re, 11.77E.06 

selag. 

I il 
.I tailplane 

~edgeflapS 

i 

i I il 
Itallplane 

:ic~l~ i1 
'~I iI 

ng 0 

ing edge flaps 

ID". 0 le"h 0 

ioalt,lIplane 

lIing eo Ige flaps 

I i 

IP"Hlo .". 0 

I 

'elo'ily flao. (mfs) 

i~(m) 

list In,e wered duoing f,ee 0011 for 2 ",cnds 

'oallng , :an" (m) 

.0580 

1.5409 

1.20 

le, 0.0632 

63.1 

1B2.: 

217.3(] 

119.BO 

393.74 

1521.81 

0-16 



Aircraft Design Prog,am 

g~:;Rhodes 

i 1 Speed (knots) at best aMude 

static Thrust per 
Number of engines 
Mass of a~onics 
Numberof, 
Numberof, 
Numberof, 

I i 1 ~!~~~~;.i ~!!!L. 
,Tooling and Quality la~~ 

ITotal 

IFlight 

,'abour~ 
,t facior to 
,t factor to 
"'actorlo' I 
,t facto, fo' I 
rfo,p,@ 

I suppon 

ITooling hours for 
ITooling hours for 
ITooling costlor 
ITooling cost for 

, hours 
, hours i 
,cost 

cost 
IQua11l ,control hours' 
IQua11l ,control hours' 
IQualil tlo' 

lualil I for 

, engine. 
'avionic. 
. Interior 

t cost 

Unit cost $mii 1994 

, materials fo, I 
, materials for i 

I flyaway cost $mii 1994 

Cost 

•. g. 

D-17 

i 
Er 
Er 

o 

'D 
CMMP 
CE 
CAV 
CINl 

CUA 
CRF 

330, 
178. 

57 
18' 

100e 

. )lE+ 

42." 
-,,0,1' 



I By Darron Rhode. 

IDOC Model: 

I Block Time 
'1 

IAlrcra' Delivery Pnce ($mll) 

Ispare 
olal 

IC' 

IFlylng cos .. I 

Icabln' 
landing I 

I 
IGrOUnd I 
!Fuel, 
IAlrframe 

I 
I 
I 
I I 

Time 

IOlrect Engine' I Cost 
-otal i 

IC.Sh jHOUr 

Indirect Cos'" I I Hour: 

Total' I Hour 

Direct' Cost per airse.t mile 
:.sh Cost per air seat mile 

DOC 

0-18 

IBLT 

IADP 

IFltcrew 

Lfees 

I Fuel 
IAft 
IAfm 
LI 
Llc 
IMI 
IMlc 
IEMC 
ITMC 

ICOe 

Dep 
"nl 
'Ins 

3229.07 

893.26 
736.45 

69.48 

4928.25 

5.98 
3.9' 



IMareh '95 

Wing Area 
i 

lass 

.~ 

~ 

'ARpl2~ 

limb gradie! 
I ~n:~ 

ise ~ 
ise l rallo 
~ I 

hlUS ,I ralio 
'Ing~ 
racllon , max lift drag",~ 
uel 

Summary 

0-19 

lland 

:A 
~er 

ID 
er 
lW 
VIS 
Ipl UO 

SI 

185." 
178. 

5768' k!-g_-j 
2390; kg 
8403< kg 
99634 kg 

11 m 

7, 
1.3651 

8.69% 
101! 

9.86% 

0.09! 
1.0H 



1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
I 


